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1.0 INTRODUCTION

This report presents the technical studies and tradeoffs performed during

the course of the OEC feasibility study to define the OEC mission design spectrum

and the recommended mission conceptual design. The work presented here supports

the conclusions and choices described in Volume I, "OEC Feasibility Study Final
Report. "

The analyses presented in this volume were based on the fundamental mis-

sion requirements described in detail in Volume I. These requirements led to the

definition of a mission philosophy with a wide range of possibilities. This document

explores these possibilities and the various solutions and modes of operation which

are possible within the prescribed constraints.

A result of the studies in this volume is a recommended OEC configuration

which meets all of the performance requirements outlined by the Ames Research

Center. Furthermore_ the selected configuration and mission profile incorporate

additional flexibility which enhances the mission's scientific objectives.
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Z° 0 SYSTEMS ANALYSIS

The objective of this feasibility study is to determine whether a satellite can

be ejected from the Voyager 1973 Orbiter and positioned in a preferential orbit

about Mars. Requirements imposed on the selected orbits dictate that they be

suitable to achieve the experimental objectives outlined in the "Specification for

an Orbital Experiment Capsule {OEC) Study" as defined by Ames Research Center.

In order to establish the feasibility of such a mission_ several conceptual

approaches representing the range of viable solutions have been studied. Tke two

mission extremes are defined as a co-orbiter concept and an orbit change concept.

In brief, these classifications connote that the OEC will operate in either the same

general orbit as the Voyager Orbiter or_ by proper maneuvering_ be positioned into

another selected orbit.

There are several, subtleties in the two mission concepts that influence the

design of the orbital capsule, This section defines the basic environmental condi-

tions under which any mission must operate_ establishes the kinematic as well as

dynamic properties of the orbits and satellite_ and provides an accurate method of

specifying both the position and attitude of the OEC° Ultimately these results

establish the points of departure between the various mission approaches and lead

to the development of the various experimental capsule designs,

The discussion in this section stems from the early development of a system

flow diagram illustrating the important system parameters which are necessary to

evaluate the performance of the proposed baseline configuration. Figure 2-I shows

the individual study tasks conducted in the course of the OEC feasibility study.

Each of the items is treated in detail in the text, providing the necessary informa-

tion to arrive at a preferable OEC concept and the associated real. time operational

performance,

2-1
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2. 1 VOYAGER MISSION, MARS ENVIRONMENT, AND

EXPERIMENT REQUIREMENTS

2° 1 1 General

A primary objective of the OEC is to establish a satisfactory orbit about
the planet Mars at such an altitude and inclination that scientific measurements of

_he Martian environment and its relationship to the solar atmosphere can be made.

Present estimates of the Martian atmosphere and surface are derived from Earth-

based observations. The only attempt at direct measurements was made by the

Mar'in_:r IV spacecraft. These direct measurements indicated no measurable

Martian magnetic field at a distance of 13,200 km from the planet's center. This

section describes the characteristic of the Voyager-OEC missions and. the scien-
tl_ic experiments which could detect various measurables of the Martian
environment.

g. 1. Z Voyager Mission Requirements

Befcre discussing the characteristics of the Voyager orbits, the Voyager

1973 Mars mission is summarized.. It is important because the OEC must survive

the launch and transit phase of the Voyager mission as well as operate independ-
ently in orbit about Mars.

2. I. 2. 1 Preliminary Mission Profile

The OtgC/Voyager spacecraft will be assembled., checked, out, and. launched.

from Complex 39 at the Kennedy Space Center aboard, a Saturn V booster.

Figure 2-Z shows the two Voyager spacecraft housed, under the Saturn V shroud.

L_unch and arrival dates satisfying the Voyager mission constraints are 15 July

-.'J 3 September 1973 and 4 February to gl March 1974.

Figure 2-3 is a schematic of the nominal Voyager/OEC flight plan. Launch

i.s initiated with ignition of the first stage° Approximately Z-I/Z minutes after

lif'.:ff,S-IC engines are shut down. The S-IC stage is subsequently jettisoned, and.

ehe S-Ii stage ignited at approximately 40 miles altitude. Approximately 9 minutes

after liftoff, the S-If stage is separated, from the S-IVBo The S-IVB is then used.

,_,_.inject the Voyager/OEC payload, into parking orbit and is re-ignited at a later

point to propel the payload to the desired escape conditions° During the coasting

period in the parking orbit, the protective nose fairing and forward, portion of the

shr&ud, are jettisoned. Following the establishment of the escape conditions, the

_or =rd Voyager/OEC spacecraft will be separated., the shroud, center section

jettisoned, and the aft Voyager/OEC separated.

2-3
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During the interplanetary transit, midcourse maneuvers will be made to

adjust Mars encounter conditions. The interplanetary transit trajectory places

the Voyager/OEC vehicle in a Mars flyby trajectory with orbit plane inertial

geometry and periapsis location consistent with the Voyager mission requirements.

A maneuver initiated relatively near periapsis will establish the desired nominal

Mars orbit. The Voyager/OEC vehicle will then be tracked to accurately determine

its orbit and to estimate necessary trim maneuvers. This period may extend for

several weeks to permit surveillance of possible landing sites for the capsule. ;'_"

A signal sent from the Earth will initiate separation of the OEC from the

Voyager.

Z. i. Z. Z Launch Environment

The OEC environment experienced during launch of the Saturn V must be

assessed to enable proper structural capsule design. The maximum acoustic

noise level at the forward skirt and payload area of the S-IVB stage is approxi-

mately 150 db, referenced to a pressure of 0. 000Z microbars. This level is

experienced during first stage burn (70 seconds after liftoff) and during the period

of high dynamic pressure. In addition, the maximum sound pressure level occurs

at 355 to 710 Hz. The maximum axial acceleration of the booster is only 3. 7 g at

S-IC burnout (i. e., Z-1/Z minutes after launch) and is considerably lower there-

after. In Reference I, vibration specifications for payloads are given which cover

the launch environment. The design specification for random vibration has a

maximum spectral density of 0. Z gZ/Hz at a frequency of ZOO to 500 Hz.

Since the Saturn V shroud is jettisoned following the establishment of a

parking orbit, a benign thermal environment can be maintained during the launch

phase, and aerodynamic heating will not be a problem.

Z. I.Z. 3 Voyager Mission Constraints

Table 2-I lists requirements forthe Voyager mission (Reference i) which are

of immediate significance to the OEC mission. The first four requirements listed

are extremely important as OEC mission design parameters. They establish the

range of altitudes and inclinations in which the OEC must operate. The complete

generality exhibited by the range given is shown in Figure Z-4. As shown in a

Mars centered coordinate system, the inclination constraints specified in Table Z-I

are equivalent to a 30 to 70 degree range of inclinations to the Martian equatorial

plane. The Mars pole is itself inclined to the Mars ecliptic plane by approximately

Z5 degrees.

By revolving the orbits illustrated about the Martian north pole (for a fixed

inclination), the complete generality, taking into account the present uncertainty

in the actual orbit nodal crossing, can be envisioned.

The possibility of delaying separation of the OEC from the Voyager for an extended

period of time has a significant implication on the design requirements for

eclipse operation.

Z-5



TABLE 2-i. SOME VOYAGER MISSION CONSTRAINTS

1) Periapsis altitude, h 500 km <- h <_ 1500 km
P P

2) Apoapsis altitude h 10, 000 km < h <- Z0, 000 km
' a - a

3) Orbital inclination to Martian i > 30 degrees (landing site

equator, i constraint)

10

ii

iZ

13

4) Orbital inclination to ecliptic, ie ie < 45 degrees (Voyager ultra-

violet experiment)

5) Latitude of periapsis, m -60 <- itP
P months

6) Voyager operating life in Mars
orbit

_< 40 degrees over 6

At least Z months with design goal

of 6 months

7) Voyager minimum planetary 50 years

quarantine contamination
lifetime

8) Solar eclipse duration, T e

9)

14)

T e = 0 for first 30 days, and

minimum (8 percent of orbit period

or 60 minutes/orbit) for next 5

months

Central angle between sub-

periapsis point and nearest

terminator, k_p

0 _ kj _ 45 degrees for first 3

months p, -30 "_- _.__p "-_ 90 degrees
thereafter

Angle between orbit plane and

terminator plane, i
P

!p "- 30 degrees for first 3 months,
i < 30 degrees for a total of 1
mPonth over next 3 months

Capability is required to rotate periapsis by at least +Z0 degrees from

initial (hyperbolic) location.

Capsule de-orbit maneuver shall be performed between 3 and IZ days

after orbit insertion. Capability for delaying this operation for 30 days

is required.

Unpredictable translational accelerations originating in Voyager shall not

exceed a total average value of 0. 6 x I0-7 cm/sec Z (3u), time average

over 1 hour.

Orbit trim maneuvers may be required for post-lander orbital operations.
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Figure 2-4. Relationship of OEC Orbits to Mars Environment
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The Voyager spacecraft is shown in Figure Z-4 with the given XYZ

coordinates. Voyager stabilization is provided by an active three axis control

system which continuously tracks the sun and the star Canopus.

Z. i. 3 Expected OEC Mission Environme_,t

The anticipated OEC environments include the natural environment as well

as that induced from the Voyager bus. Mechanical environments induced during

launch and boost phase are not included in this discussion. The effects of the

natural environment are reduced somewhat because of the shielding effects of the

bus. However, this decrease is partially offset by the secondary radiations from
the bus surfaces.

The expected in-transit and orbit environment must also be accounted for

in the design of the power source. A power system employing a solar array and

batteries is chosen for this mission. In designing the solar array, adequate sur-

face area must be allocated to provide for the degradation due to the space
environment.

The conditions of the telluric, interplanetary, and Martian environments

to which the spacecraft will be subjected are listed in the following tabulation.

The data consists of a brief summary, covering only the conditions that will have

an effect on design of the spacecraft and its instrumentation.

b)

Interplanetary Environment

Electromagnetic Radiation (radial from the sun)

• Solar constant 1. 39

1.39

• X -rays

Quiet sun

Active sun

• y -rays

Quiet sun

Active sun

• Ultraviolet

Solar Wind (radial with the sun)

• Outside shock front

x 10 -6 erg cm -Z sec -I or

× 10 -5 lumen m-Z

k : lto 10A

10 -8 -10 -3 erg cm -2 sec -1 A-1

10 -6 -10 -Z erg cm -A sec -1 A-1

k-.< 1A

< 10 -8 erg cm -Z sec -1 A-1

< 10 -5 erg cm -Z sec -1 _-1

500 -< k - 3000

5 ergs cm -Z sec -I A-1

Np = 3 to 13 particles cm -3
at 300 to 800 km sec-I
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c)

• For quiet sun

• For active sun

• Composition

Total solar wind flux,

particles cm -2 sec-I

H÷

Quiet sun

Active sun

He_ -+-.plus heavy nuclei

Quiet sun

Active sun

Np = 0. 3 to I0 particles cm -3 at Z50
to 500 km sec-I

Np = 5 to 18 particles cm -3 at 400
to 900 km sec -I

90 percent protons (H+)

0 to I0 percent alpha particles (He++)

Unknown percent heavy nuclei

(gi-_Fe)

Minimum Maximum

8. I X 106 9.4 to 108

1.8 × 108 2.0 × 109

9 x 10 5 i x 10 8

Z x 10 7 Z. Z x 10 8

Since the solar wind is a neutral plasma, there is an equal number of

low energy electrons.

Cosmic Ray Radiation

• Solar minimum

• Solar maximum

• Energy range

Composition

Protons (H+)

Alpha particles (He ++ )

Heavy nuclei (Li-_Fe)

The energy is within the range 1 to 300 ev.

N c = 0. 5-Z particles cm -z sec -I

N c = i-4 particles cm -Z sec -I

40 mev to 1013 mev

(predominantly between 1 and 104

bey)

85 percent

14 percent

1 percent

Z-9



d) Solar Flares

• Overtime period 1967-1968 Z. 05 X i0 II protons cm-Z (E >5 mevl

Z. i. 3. Z Earth Environment

The earth environment is summarized to illustrate the dynamic variations

in the magnetic and electric fields and the trapped radiation zone particle fluxes_

This data is use d asia basic input parameter in de sign Of the spacecraft _oi" s,urvival

ih passing through near-earth space.

a) Magnetic Field

Magnetosphere and

magnetopause

• Transition

Perigee 0. 3 gauss at boundary

Zto Z0y

5 to Z0 Y (solar field centered

around geomagnetosphere)

Interplanetary

Quiet sun 3 to 8 y (average 5. 1 y) at 1 AU

direction

Active sun 1 to i00 y at 135 degrees tangential

to Earth's orbit

b) Outer Magnetosphere

Electrons E < 45 kev 101Z - 1014 cm -2 sec -I

(Very sharp rise through magnetopause from transition region --

about a factor of 103)

Add low energy protons and electrons from trapped radiation°

The dynamic changes in the geomagnetic field are shown in Table Z-Z.

These variations are due to fluctuations in the solar wind_ solar magnetic field_

charged particle bombardment_ and distortion of the Earth's field due to daily
rotation°
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TABLE Z-Z. VARIATIONS IN GEOMAGNETIC FIELD

Characteristic

Time, seconds

10-Z

I0 °

i0 Z

10 4

106

108

i0 I0

Description of

Phenomena

Sub-audio frequency
fluctuations

Micropulsations

Giant pulsations
Sudden

commencements

Estimated

Typical

Magnitude,

gamma

Buildup
Time or

Duration

Diurnal variations

increase and

decrease of field

intensity

Storm -time effects

Z7 day recurrence
effects

Annual variations

Solar cycle effects
Secular variation s

0.01

gamma -
sec -I

0. i

Z0

Z0to 30

Shock front

i0 seconds

remaining
for several

hours

6to IZ

hour s

Several

hours to

several days

-- 30

< i00

i0

25

gamma

year-I

Type of
Measurement

Relative

iSteady change

throughout

year

Ab so lute

I

I
I

I
I

c) Trapped Radiation (Magnetosphere)

o Inner zone

Protons

Electrons

Z × 105 protons cm sec-i

E > 5mev

X -ii

3

E>

X 108 electrons cm -Z sec -l

0. 5 mev

I



O Outer zone

Protons --t04 protons cm -Z sec

E > 5 mev

-1

Electrons t07 electrons cm -Z sec

E > 0.5 mev

-1

• Transition region

Electrons

E _ 45 key

E < 45 key

-i
108 to !09 cm -2 sec

109 to i0 Iz cm -2 sec -I

The particles are accelerated along the shock wave toward the magnetic

taiI of the Earth (along diverted solar magnetic field lines _,_o

Standard B-L plots of the trapped radiation fluxes are shown in

Figures 2.-5 and Z-6.

d) Electric Field

Field intensity

Occasionally dips to

Occasionally rises to

i to Z mv m- l

600 to 800 mv m -!

Z mv m -l (very rare)

• Frequency dc to 80 Hz

These variations occur in the upper regions of the magnetosphere°

Z. 1. 3. 3 Mars Environment

The dynamic ranges and values of the magnetic field, electric field_ and

particles associated with the Earth are used and interpreted to represent possible
variations in the Martian environment. Generally the dc parameters will be much

smaller, but the dynamic variations will be assumed to be the same except for the
1/r z effect.

Magnetic Field. The existence or nonexistence of a magnetic field in the

planet Mars is stiI1 unknown. There have been no Earth-based observations of

radio emissions characteristic of trapped particles and no observed auroral activity

characteristic near magnetic poles to indicate any magnetic field. Direct measure-

ments from the Mariner IV spacecraft indicated no magnetic field at a distance of

13,200 km from the center of the planet (altitude of 9800 kin). Although ;he latter

measurement did not indicate the presence of any magnetic field, it did establish

an upper boundary for the dipole moment of Mars of g4. g X 10 gl gauss cm3, or

Z -12
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3 × 20 -4 that ef Ear_ho This would imply a surface magnetic field at the magnetic

equator of Mars of only i00 gamnqao With the possibility of such a weak" field _

there is some question as to its source and nature°

There are two possible explanations for the generation of a Martian magnetic

fieldo One_ similar to that of the Earth_ is that it is internally generated by currents in

the co,re driven by electromotive forces of thermoelectric_ electrolytic_ or dynamic

crigino In this case it is likely that a dipolar magnetic field would exist with the

m_zgnetic axis nearly aligned with the axis of rotation of the planet (the Earth'_s

magnetic axis is ilo4 degrees with respect to its axis of rotation, and Jupiter's

magnetic axis has been estinnated to be at ii degrees with respect to its spin axis},

It is possible that Mars does not have a liquid nickel-iron core_ and the magnetism

is generated by other internal forces that change in character and act very s!owlyo

Any weak field generated internally would be greatly affected by the solar

wind on the sub-solar side of the plane, to Here the magnetic pressure characterized

by BZ/811 is bai._~nced by the kinetic or dynamic pressure of the solar wind° The

altitude of stagnation is a function of the (-i/6) power cf the solar wind pressure for

a dipole field as expressed in the following equation:

I

I

I

w!: i r e

M

?
1/2 nay _

:: magnetic moment

= solar wind pressure

R = planetary radii

T_ce boundary formed is the magnetopause and the volume is the magnetosphere,

Much like the Earth: there would be a comet-like tail resulting from the interaction

ef the solar wind with the Martian magnetic field lines and atmosphere_ stretching

t_=e lines and particles in an antisolar direction° The aberration of the tail would

vary from 2 to 5 degrees°

The results of assuming the Mo,/M e :: 0. 0005 magnetic dipole field are
s_own in Figure Z-7 as the magnetopause shock front locationo

Superimposed on Figure Z-7 is the Mariner IV flight path with respect to

Mars° This figure shows that the presence of a magnetosphere and shock wave

could go undetected° This weak field would indicate that the solar wind on occasion

would act directly with the Martian atmosphere, possibly carrying some of the

atmosphere particles into a tail.

Z -i3
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Figure 2-5. Log B-L Flux Map of
l_,lectr on Environment

Contours are omnidirectional flux

above 0.5 Mev. Dotted contour for

I electron/cm2-sec represents

limit of map at low altitudes
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Figure 2-6. B-L Flux Map of Proton
Environment

Contours are omnidirectional Flux

above 4 Mev.
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/
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POLAR PLOT - TRAJECTORY OF MARINER IV

SUPERIMPOSED ON PRESUMED MARTIAN

MAGNETOSPHERE FOR:

Mdl = 0.0005

M_

MARINER IV 20

TRAJ ECTORY

3O

FRONT

SOLAR WIND INDUCED

i MAGNETOPAUSE

I

I
DIPOLE

SOLAR WIND

40 TRANSITIONREGI.ON INDUCED

_ RANSITIONREGION

DIPOLE FIELD: SURFACE (MAGNETIC EQUATOR) (54 gommo)

POSSIBLE MAGNETIC AXIS INCLINATION (11 ° - 17 °)

POLOIDAL FIELD: SURFACE 25 - 35 gamma

(SOLAR WIND FLUCTUATIONS OF =:-100 PERCENT AS A FUNCTION OF

INDUCED) SOLAR WIND AND SOLAR FIELD LINES

SOME LOCALIZED SURFACE REGIONS UNCHANGED

DEPENDING UPON SUBSTRUCTURE

MAGNETIC AXIS COINCIDENT WITH ROTATION AXIS

Figure 2-7. Analytical Diagram Used for Inferring Upper Limit

to Ratio of Magnetic Dipole Moment of Mars to That of Earth
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For the solar wind to push the magnetopause to an altitude of I0 km, the

surface magnetic flux density would h_ve to be about 54y. This value is f_oira
normal solar wind of 4 particles cm moving at a velocity of 300 km sec . The

magnetic pressure to stagnate the given solar wind at the subsolar point is derived

from a magnetic flux density of 25 gamma at the altitude of 103 kin. A change of

+ 2 particles cm -3 constitutes a change of + 550 km in altitude of the magnetopause

and a change in flux density of + 12 gamma.

The second possibility of the origin of a magnetic field is related to a solar

wind induced magnetic field. A solar wind induced field is not a stable field, as is

an internally generated dipole. The field is subject to the large flu tuation in

magnitude and direction of the solar wind. One possible theory for the formation

of very weak magnetic fields of a planet has been developed by T. Gold (Reference 2)

in which the solar magnetic lines are piled up around the subsolar point due to the

action of the solar wind and a magnetically conductive body, where the magnetic

time constant is long compared to the Martian day. The hanging up of solar

magnetic lines on the subsolar side of the planet produces a magnetic cavity

behind the planet. Since the planet is rotating, the induced magnetic field is

characterized by the classical problem of a rotating sphere magnetized from one

side only. Here the resulting planetary magnetic field is poloidal; i.e., lines of

force are north and south with an intensity that varies with the magnetic pile-up,

and hence as a function of the solar wind. No longitudinal component would exist

since the planet acts as a diamagnet -- a rotating shell magnetized from one direction

only.

Because of the presence of an atmosphere, although tenuous, the interaction

of the solar wind with the atmosphere particles may result in the Martian magnetic

field being confined to an ionosphere.

For either the internally generated field or solar wind induced field, a

magnetopause should exist but it may be very close to the surface of the planet.

The magnetic moment of Mars would be 1.33 x 10 -4 times that of the Earth for

the stagnation pressure to be at the surface. The minimum ratio of the Martian

magnetic moment to the Earth magnetic moment is calculated assuming no surface

effects and that the stagnation point (in a dipole field) would be at the surface.

Mariner IV data indicates that the magnetic moment can be no greater than 3 x 10 -4

that of the Earth.

Therefore

M o,
1.3 x 10-4< _ < 3 x 10 -4

Assuming the upper limit and a decrease in the number of solar wind

particles to 2 cm "3, the radius to the stagnation point moves out to 6200km from

5500 kin. Similarly, an increase in the solar wind particles to 6 cm -3 drives the

stagnation level to 4900 km. These correspond to a 25 percent change in the solar

wind velocity.

With the lower limit, the magnetopause is only a few kilometers above the

surface and the shock wave would be about I000 km above the surface. An increase

in the solar wind profile would drive the shock wave to the surface, and a decrease

would move the shock wave and magnetopause away from the surface.

2-15



The numbers quoted are based on a previous expression for the stagnation

point in a dipole field. Assuming number density changes in the solar wind, the

altitude of the stagnation point can be calculated. This is not necessarily the case

for a solar wind induced field where the gradient may be something less than a

dipole field.

The actual detection and measurement of a planetary magnetic field is

predicated on specific observable signatures that define the shock, transition, and

magnetosphere previously described. These signatures are based upon the many

measurements and theories associated with the Earth's magnetic field and the inter-
action of the solar wind and field on it. There are two kinds of measurements that

bear on the presences of a magnetic field: i) direct measurement of the magnetic

field by use of magnetometers, and Z) measurement of the charged particle radia-
tion fluxes.

There will be magn_llc field changes associated with the bow shock, transi-

tion region, magnetopau,_e, and magnetosphere different from the solar or inter-

planetary field. A_ciated with the magnetic field are the signatures of charged

particles -- particularly the electrons. Three main signatures are as follows:

• Cl_ange in the solar wind particle flux

• Bursts of electrons near and beyond the shock front. The field lines in

the shock front provide an acceleration mechanism for the electrons

• Additional bursts of electrons in the transition region

• Trapped radiation (electrons and protons) in the magnetosphere

Trapped Radiation. Radiation zones similar to the Earth's radiation zones

in all probability do not exist near Mars. Because of the very weak magnetic field

and if the field is dipolar, any trapped radiation would consist of low energy protons

along with electrons. On the other hand, the type of magnetic field such as the solar

wind induced field does not provide conjugate points between which the charged

particles can be trapped. It is more likely that the presence of charged particles is

confined primarily to an ionosphere formed by photoemission from the interaction

of the ultraviolet and X-ray with the Martian atmosphere.

Any "trapped" charged particles will be those confined within the areo-

magnetospheric tail, in the transition region and in the shock front. Since the

magnetospheric boundaries are formed by magnetic pressure balancing the solar

wind kinetic pressure, the relative electron (low energy) count is expected to be

about the same as for the Earth. The only major difference is the inverse square

effect of the solar wind flux.

Induced Environment. During the transit phase of the mission while the OEC

is mated to the Voyager bus, the capsule is subject to thermal, vibration, and

secondary radiation from the bus. The induced environments from the Voyager

Orbiter itself remain to be determined. If RTGs are used as the major Voyager

orbiter power system, then the gamma rays and neutrons must also be accounted

for in establishing the OEC environment. A typical set of parameters representing
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an RTG environment is shown here -- the radiation environmental characteristics

of the SNAP Z7 50-watt RTG at a distance of 1 meter are giver_"

• Neutrons (3 mev peak)

• Gamma (i mev mean)

o Surface temperature

Zo io 4 Experiments

125 mrem hr-I

i i mR. hr - 1

Perpendicular to axis of IKTG
i. 7 mR hr- 1

Parallel to axis of RTG

500 ° K

Scientific experiments applicable to the OEC concept have been considered

beyond those designated for fields and particle measurements_ The only restric-

tion on the alternate experiments is the budgeted volume, power, and data require-

ments nominally allocated to the instruments° Some of the experiments that were

considered are listed here°

Magnetic Field Mapping° Measurement of the magnetic field of Mars will

be made as a function of spatial geometry and time with respect to the planet. Such

mapping will include the following:

a) Map areomagnetosphere boundary

b) Map field changes through bow shock

c) Map interplanetary field and planetary field interface along with

dynamic changes

d) Measure small perturbations of the Martian field at values less

than 0o 25 gamma and at frequencies of l to Z cycles Hz per second

e) Determine whether field is a dipole_ solar wind induced poloidal, or

a multipole

f) Map magnetic field inside the magnetosphere

Electric Field Mapping° When the charged particles of the solar wind pene-

trate the magnetic field_ there is a separation of the electron and protons and

subsequent production of an electrostatic field. Similarly_ the differential movement
of the electrons and protons produces an electric current and an electric field.

As for the magnetic field experiment, the electric field and its variations

will be mapped from a dc field to the ac field up to 80 kHz.,



Gravity Gradient° One possible experiment that can be conducted by the

OEC is measurement of the gravitational fields of the moons of Mars -- Phobos and

Deimos, Such an experiment would require a flyby distance from the moons of

about 100 to Z00 kin, It would also require very precise orbit timing and orbit

correction° A device has been developed (rotating.,-vibrating mass) that has suffi-

cient sensitivity to perform the necessary measurement. However the orbit

adjustment requirernent s require further investigation°

Solar Wind F!uxes_ Solar wind low energy particle fluxes will be measured

outside the influence of the Martian environment° Spatial resolution for such an

experiment will vary from fine near the subsolar point to coarse for the antisclar

point_

Such continual monitoring of the solar wind in and out of the Martian environ-

mental influence will provide data on the interaction of the solar particles with the

Martian atmosphere and the Martian magnetic field° Measurement will be made of

the energy spectrum and r.he fluctuating direction with respect to the sun.

Solar Flare Activity., Since the proposed OEC mission is in or near a solar

m_nimum, it is not likely that many solar flares will occur, However, it is quite

likely the ultraviolet and X-ray emissions in the initial rise portion of a flare (even

for subflares} may be of sufficient intensity to disturb the Martian ionosphere. !t

would therefore enhance the overaii mission if the radiation output of any solar

ilare activity in the form of protons, ul.travioiet, and X-ray were measured and

correlated with other fields and particle measurements near Mars_ These

_measurements would include solar cosmic rays°

'"Trapped" Particles° Associated with an areomagnetcsphere is the possi-

bility of "trapped _'electrons and protons (E e < i00 key, E b < 5 mev) -- trapped in

the sense of being concentrated in specific spatial location in relation to the mag-

netosphere, This results largely from the interaction of the solar wind particles

with the magnetic and electric fields,, Measurement will be made of the; energy

spectrum and spatia! distribution of the electrons as the OEC passes through the

magnetosphere -- bow shock, transition region_ and inner portion -- withln the

orbit capabilities of the OEC° These measurements are not programmed for the

Voyager spacecraft°

Atmospheric and Ionospheric Measurement,, An indirect measurement of

the Martian atmosphere and ionosphere can be made utilizing the occulation of the

OEC with the Voyager Orbiter through measurement of the changes in. the frequ.ency_

phase_ and amplitude of a radio signal {a function of the number of particles per

cubic centimeter and charge)° The surface pressure and profile of the atmosphere

can be determined as weli as the extent of the ionosphere° These characteristics

are also a function of the Hmb surface roughness in relation to the OEC-Voyager

line of sight,, Repeated measurements could provide some indication of the areo-
graphic d_stribution of the atmospheric and ionospheric thickness and number

density,,

interstellar Cosmic Rays° Energy spectral measurements could be made of

cosmic rays with energies E > 400 mevo One possible experiment is the

Z-18
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mea_,_', _ ,_" :_, _,eI0 to obtain possible data that could lead to age dating and

formutlo,_ o[ _:i_c solar system. More general spectral measurements would be

possible. In the event of solar flare activity_ measurement of a Forbush decrease
wltn Earth based measurementswould be possible to correlate " _ some

Inert Particles. Measurement could be made cf the distribution of dust par-

ticles "trapped" near Mars. These measurements would provide mass distribution

and spatial distribution with respect to the planet. At the same time it is con-

ceivable to be able to obta,in data on the influx of dust particles from the solar

system. The spinning of the OEC will provide impact data around 360 degrees and

data for identifying the direction of maximum intensity.

The experiments li_ted would be performed after physical separation cf

the OEC from the Voyager Orbiter. It is possible that two OEC type capsules will

=_ ring rise tu _'...... _-- -_ ;"-" ...._ ul uILili_ sai"f'le blili_ !._i_ _luui_n] u,z usin uup_!_t_: experi-

ments or some different experiments to complement one another° This imposes

additional requirements on the orbits_ data handling_ telecommunications_ and --

as just mentioned -- experiment selection.

2. I. 4. 1 Orbit Requirements

A discussion of the bounds of the possible Martian magnetosphere is repeated

here to illustrate the desired range of possible orbits (see Figure Z-8).

Under the present periapsis limit of 500 km_ the orbit location as shown in

Figure Z-8 would permit measurement of the magnetosphere on the subsolar side

of Mars as well as the antisolar side. This_ of course, assumes that the maximum

magnetic field is that determined from the Mariner IV data. If it is not_ then the

subsc!ar pass would measure only the location of a shock wave associated with a

solar-induced magnetic field.

The initial position of the orbit must meet the two following conditions:

i} The line of the apsides should lead the Mars-sun line by 45 degrees

to account for the spatial rotation of the magnetospheric tail during

the initial part of the mission.

z} The plane of the orbit {the line of the apsides} should be inclined about

5 degrees above or below the Mars orbit plane so as to prevent any

eclipsing of the OEC during the initial part of the mission. This orbit

constraint may well require adjustment of the Ov, C orbit and hence

require that the OEC have orbit change capability if separation occurs

in an unfavorable orbit with respect to making the desirable

measurement.

Since the nature of the Martian field is unknown_ it is further desirable to

be injected into an orbit inclined with the equatorial plane of Mars° Only then

could the field be measured as a function of a areographic latitude and permit a

differentiation between a dipole field and a solar induced field. The range of desir-

able inclination lies between 30 and 50 degrees. As the orbit precesses_ the values

of the fields and particles in the equatorial plane would be obtained.
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Figure Z-8. Location of OEC Orbit With Respect to Mars

Magnetosphere
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2. I. 4.2 Experiment Requirements

The experiments to be conducted on the OEC depend quite naturally on the

actual mission and ultimate orbital characteristics. Once this phase is defined,

the desired measurables of the Martian environment are defined and thus both the

data acquisition method and finally the associated instrument can be characterized.

The experiments, associated instruments_ and data acquisition are based

on the mission and orbital characteristics and the range of parameters of the

environment to be measured. A number of possible experiments have been

mentioned. The number of experiments that can be conducted per mission will be

established in part by the OEC spacecraft limitations. These experiments are

summarized in Table 2-3,along with the parameters specifying the expected ranges

and necessary resolution. The resolution is a function of the dynamic nature of the

parameter to be measured and the extent to which the parameter is desired to be

known. If small variations are to be measured, as is the desired case for the

OEC, greater accuracy is required and therefore a higher number of measurements.

The number of measurements for the magnetic field, for examples is assumed to be

at one-fourth wave intervals of the highest frequency fluctuation as shown in
Table 2-3.

There are a great number of experiments that could be conducted from the

OEC. Table Z-3 represents several of the desirable choices. Those identified

with an asterisk were considered in the study. The most important experiments

are related to measuring the magnetic field, solar plasma and soft electrons, and

the electric field. These typical experiments are desirable; however_ final selec-

tion is dependent on the configuration design, system weights, and total power

required.

2. i. 4.3 Data Requirements

The amount of data required from each of the experiments listed in

Table 2-3 is determined by the sampling interval and the accuracy of the data itself.

Because of the dynamic variations of the environment to be measured, the number

of samples to be made for each of the experiments is determined as a function of the

OEC spin speed and is specified as:

Magnetometer 250 bits/sec

Plasma probe 250 bits/sec

Electric field meter 50 bits/sec

Other experiments that may be utilized would have to have similar data bit rates

for real time sensing and transmission, plus similar weight, power, and volume.
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Experiment

Fields

• Magnetic*

Magnetosphere

Transition

Free space

• Electric

Particles

• Solar wind*

• Near Mars

particles*

Free space

Transition

region

• Cosmic

Protons

Heavy nuclei

Electrons

• Dust particles

Atmosphere

• Occultation

expe riment

Primary objectives

Rang e

0 to 100y

0.5 to 10 -3 for micropulsations

(see Figure Z-3)

5 to lOOy

Compressional fluctuations
0. Z to 1 Hz

0.2 to 10y (quiet)

5 to 100y (flare)

600 _v m -l to 1 mv m -I (60 db)

over dc to 80 kHz

3 x 105 to I x i0 I0

cm-2 sec-I

3.5 x 106 to 8.6 x 108

ele. cm -2 sec -I

(Free space flux increased by

l0 to 103 behind shock front)

E e > 80 ev

E > 40 mev

E > 100 mev

E > 3 gev

E > I mev

E > 30 mev

50 to 5 X 104 proton

cm-2 sec-i

-14. 54 ± 0.6 m82_F s = KI0

_ -0. 5 (Mariner IV)

K accounts for nearness to

asteroid belt may be near 1

Surface pressure 2 to 20 mbar

density

Resolution

Spatial

--<i/4 wave of fluctuation

_< I/4 wave of fluctuation

N< 1/4 wave of fluctuation

Same as magnetic

Fine in subsolar direction

Coarse in antisolar

direction

Uniform sample sector

Uniform samples

In plane of o" ecliptic --

uniform sample sector

In plane of o" ecliptic 2_--

uniform sample sector

Measurement

< 0.25y (magnitude)

< 15 ° direction

Development to 0. I

or O.O1y

8 bandpass channels

±5 percent bandpass

AE

E _ 5 percent

< 3 ° direction

E/Q _ 10 kv to 50

volts

_E/E _ 0.5

my > i. 5 X 10 -3 dyne

sec

1 part 1011

TABLE 2-3. OEC EXPERIMENT REQUIREMENTS
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2, i. 5 Instruments

The selection of instruments to perform the measurement of a specific

experiment is predicated in part by the following factors"

• Accuracy

• Performance (time constant)

• Size_ weight_ and shape

• Reliability (space proven or experience proven)

• Power requirement

integration of the experiments on a satellite requires the consideration of

several additional factors, such as:

• Interfacing with the satellite and other instruments

• Selection of a location to minimize interference

• Environmental effects

Z. I. 5o 1 Instrument Requirements

A general requirement that applies to all scientific instruments is that they

be easily accessible to provide for an interchange of experiments. If at any time

througKout the hardware phase it is required to alter the scientific payload., it is

desirable to do so with minimal interaction with the overall satellite system. This

can be interpreted in terms of designing an adaptable satellite for the various sizes

and shapes of typical instruments. The instruments must_ however, adhere to the

power conditioning system on the satellite.

Some of the instruments considered in this study are listed in Table 2-4_

together with a partial list of availabIe instrument characteristics. Satellite scien-

tific payloads can be established by the grouping of various instruments. The

differences in payload weight and power for three typical groupings are shown in

Table Z-5; the weight varies between 13 and Z0 pounds.

To conduct an experimental measurement, each instrument under considera-

tion must be capable of operating over the dynamic range of the specified parameter

with sufficiently small response time. Those listed in Table Z-4 represent space

proven hardware which has found successful application on the Pioneer VI_ IMP I_

and OGO-3 spacecraft.

Physical characteristics of the various instruments considered are shown

in Figures 2-9 through Z-14.

Z-Z3
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TABLE 2-4. OEC INSTRUMENTS

inst rument

Flux gate (three component

sensor) electronics

Search coil (sensor)

electronics

UCLA antenna electronics

Existing antem, a (whip)

elect ronic s

Ames curved plate

analyzer (Pioneer VI)

Faraday cup (Explorer 18)

Ames curved plate

analyzer (if combined with

solar wind, unit weight and

power increased)

LEPEDEA (OGO-3)

Power, watts

Weight Ave Peak

0.9 4.0 7.8

4.7

1.5 1.5 g

3.5

1.0

0.75 0.5

6.3 3.5

6.3 2.5

Faraday cup (Nlariner IV) 2. 7 2.6

Solid state telescope 5.0 0. 8

(two required)

Pulse height analyze r 0.4 2.0

OM tube array 3. 5 2.0

Neher chamber 2. 5 0.2

Coulumb scattering 1. 5 0.5

(anton tubes) IMP I

GM tube array 3. 5 2 0

Impact plate

Mariner IV experiment 6

Range

±100y

±lOOy

I00 _av m -1 to

v m -1 (80 db)

l/f response

10 -14 to 10-9

amp

3 × 105 to 1010

ions cm -2 sec -1

5 to 3000 ev

10 -14 to 10-9

amp

100 ev to 50 key

(electrons)

I kev to 500 key

(protons)

30 ev to 10 kev

Solar flare

spectrum

mv > 10-5gm sec

Input Data

Frequency

Operating and Output

Temperature Voltage Waveform Data Size

-30 ° to + 80°C 28 Z400 Digital See Figure 2-9

-60 ° to +I00°C

-30 ° to +80°C 78 Digital 4. 1 liters

-60 ° to +i00°C See Figure 2-10

-60 ° to +I00°C 28

-60 ° to +I00°C 28

28 Digital See Figure 2-12

-20 ° to +65°C 28 Digital See Figure 2-13

28 Digital See Figure 2-12

28 Digital See Figure 2-14

-20 ° to +65°C 28 Digital See Figure 2-13

I -70 ° to + 125°C g8 2400 Digital

4 X 18 X 25 cm

7. 5 cm sphere

Experiment

Orientation Data

Orthogonal- aligned

with body axes

Body axes

Body axes

Acceptance fan

20 ° X 160" in plane

of spin axis

Acceptance cone 1

to spin axis

Acceptance fan

20 ° x 160" in plane

of spin axis

Acceptance fan I

spin axis

Acceptance cone

to spin axis

One ± to spin axis

One LI to spin axis

1 to spin axis

Omni

Acceptance cone 1

to spin axis

to spin axis

In plane of spin axis

Magnetic fields

Electric fields

Solar plasma

Soft electron

and protons

Cosmic rays

Solar flares

Dust particles

Atmosphere

Z. 1. 5. Z Interfacing Constraints

Interface requirements fall into two categories: 1) the interface of the

scientific instruments with the spacecraft and each other and Z) the interfacing with

the environment of the Voyager bus -- the latter concerned with the performance
and survival of the capsule in the Voyager environment. The more important inter-

face concerns the following:

• Instrument interchangeability

• Adequate acceptance window allowance

• Unobstructed view for instruments

Z -28
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! TABLE 2- 5, ESTIMATED PAYLOAD WEIGHTS

I

I

I

I

I

I

I

I

I

I

I

I

Instrument

Group I

• ARC flux gate

• Solar plasma and soft
electrons

• Electric field meter

Group I!

• ARC flux gate

• Solar plasma

• Soft electrons

C.roup III

• ARC flux gate

• Search coils

• Solar plasma plus soft
electrons

• Electric field meter

(simple-whip antenna)

Weight,

pounds

3.0

16,6

5.6

6°3

6.3

18.2

5.6

5.0

8.0

0.75

19.35

Power, watts

Average

3.0

II.0

4.0

3.5

2.5

10.0

4.0

4,0

4.0

0.5

12.5

Payload

7.8

7.3

7.8

7.8

7.8

7.8

I

I

I

I

• Minimizing the magnetic field of the spacecraft

• Minimizing the electrical field of the spacecraft

To meet the requirement of complete instrument interchangeability, a

standard power interface must be established. That is_ the power conversion from

the raw Dower of the spacecraft_ which typically may be at Z8 volts dc, will be in

tb.e scientific instrument. Power conversion from this fixed level to that req,,ired

Z -29



by a particular instrument is conducted internally as part of the instrument
electronics.

The instruments and electronics are to be located within the spacecraft in
several bays. These are schematically illustrated in Figure Z-15.

The charged particle detectors are located in the bays at 90 degrees to the
line of the boom(s) so that the acceptance angle will not be interferred with by the
boom(s) or any other part of the spacecraft. The electronics associated with the
boom(s) experiments can be located in bays adjacent to the experiment bays. The
magnetometer and electric field meters are to be located on the boom(s) to mini-
mize the influence of the spacecraft fields on the output of the sensors.

Orientation of the various sensors must also be considered. Since the
spacecraft is spinning, it is desirable to position the acceptance angle of the
charged particle detectors such that the widest angle is in a plane parallel to the
spin axis so that sectional samples may be taken during each revolution. The exact
section would be known relative to the sun position and could be correlated with the
planetary position. (A schematic of the sensor acceptance angle orientation is
shown in Figures Z-ll and Z-14. ) The resultant orientation of the instrument will
have a direct effect on the residual magnetic field in the orientation of the maximum
magnetic moment vector.

The windows must be located such that the potential effects of the vehicle on
the low energy plasma are minimized. If Faraday cup detectors are used, the
windows would have to be larger to accommodate the increased entrance area.

Interface of the electric field meter is primarily in articulating the
"dumbbells" into proper orientation during deployment of the magnetometer booms.
One is parallel to the spin axis and the other is perpendicular to the spin axis.

B FIELD
aa

I_ FIELD LOW ENERGY ELECTRONS

Figure 2-15. Location of

Equipment Bays
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Z_ Z ORBIT ANALYSIS

Z. Z0 1 General

The general requirements for the Voyager mission design specify a large

class of possible orbit inclinations as well as orbit characteristics in which the

Voyager must operate. Since the Voyager spacecraft serves as a reference plat-

form for the ©EC, the variety of altitudes and inclinations must be studied to

determine the influence of these orbit parameters on the OEC mission design.

There are two classes of OEC missions that can be described. Each of

these in some way reflect into the system design of the capsule and its flexibility.

I) If the Voyager orbits are satisfactory, and the experiment require-

ments can be met, it is conceivable to envision the OEC as a simple spin

stabilized satellite of Mars, maintaining relative ranges with Voyager compatible

with a direct continuous short range communication link {ioeo , no planetary

occultation of the communication !inkl and having no control capability other than

that designed into the mission to provide initial spinup. This OEC configuration

is relatively simple and is suitable for the mission, however, it is directly

dependent on Voyager maintaining the same orbit over the 6 months lifetime of

OEC. If a direct Earth communication lin!_ were included in _his OEC design,

low data rates could be established independent of Voyager; however, initial

orientation becomes very important to ensure an Earth acquisition.

Z) if either the proposed Voyager orbits are unsatisfactory or increased

flexibility is desired in the design of this mission, then provisions must be made

for including an attitude control and orbit change capability° This leads to amore

sophisticated satellite design in that independence from the Voyager bus requires

a more flexible communication system. Nominally, it is proposed to continue to

transmit both experimental and engineering data to Voyager, and through Voyager

telemetry to Earth. However, complete autonomy from -foyager can be obtained

only by inclusion of a direct OEC/Earth communication linko

The two widely differing preliminary conceptu_l designs for the OEC

noted above were previously introduced as the co-orbital and orbit change systems°

The major departure between the alternative OEC concepts is seen to involve the

degree of flexibility afforded the satellite to divorce itself from the Voyager

mission requirements. For the simplest co-orbital system, i. e° , where the

satellite is devoid of propulsive capability and the relative OEC/Voyager dis-

tance is constrained to a small value, the OEC mission effectiveness is tied

intimately to the Voyager mission requiremen__. On the other hand, the orbit

change concept, which attributes to the satellite the ability to perform gross

orbital nnaneuvers, allows for a degree of independence in optimizing the
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on-orbit performance of the satellite. _ Although the co-orbital system is
simpler, less expensive, and.more reliable than the orbit change systems the
latter is a considerably more flexible and. versatile concept.

The analyses contained in this section cover the scope of such related
topic s as:

0

2,2.2

Description of the orbit characteristics

• Relative relationship between orbits and. the Martian magnetosphere

• Effects of orbit decay due to a Martian atmosphere

• Diflerential drag decay between Voyager and. OEC

• influence of solar gravitational perturba_ions

• Duration of eclipses of OEC by Mars

• Geometry for occultation of Voyager and. OEC

• Field. of view requirements for the Voyager --OEC antenna link

• Launch window geometry

Orbit Characteristic s

The Voyager mission constraints outlined in Section Zo ! indicate that the

range of periapsis altitudes and. apoapsis altitudes are, respectively,

500 km< h _ 1500 km
P

i0,000 km < h _ 20,000 km
a

The orbital periods of the elliptic orbits are determined from the following

equation

where

= gravitational constant of Mars

= 0. 4Z8 × 105 km3/sec Z

a = semi-major axis of the orbit, km
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and

a m

r

P

(1 -e)
(2-3)

where

r = radial distance from Mars center to periapsis
P

= R + h (R = 3393 kin)
m p m

e = orbit eccentricity

The eccentricity is defined by

2
r V

e - P p 1 (2-4)

where V = orbital velocity at periapsis.
P

These equations are evaluated. (l_eference 3) and. the characteristics Gf the

Voyager orbits are established.. Figure 2-16 illustrates the period of the orbits

as a function of the altitude limitations. For the altitudes given_ the possible

period, varies from 7 to 14 hours. The time along the orbit as referenced, to the

periapsis is shown as a function of the true anomaly in Figure 2-17. This infor-

mation is necessary to describe the launch window°

Several additional parameters of importance are represented, as a function

of position of the OEC in the orbit. These are the velocity, radius vector, angular

rate of change of true anomaly, and. flight path angle (described from the local

horizontal) and are illustrated, in Figures 2-17 and. 2-18.

The above results are dependent on the general relationship of the various

orbits about the planet Mars. In addition, the influence of the planetary oblate-
ness must be accounted, for. The net effect is a secular variation which creates

a regression of the equatorial node as well as causing the argument of periapsis

to either advance or regress, dependent on the orbit inclination. Apsid.al rotation

is a motion of the line of apsides about the orbit normal.

. A derivation of both the nodal and. apsidal rotations (f_ and. _) is presented.

in several texts (Reference 4); a particularly useful form is as follows:

Z

Rm ] COS i radians per revolution (Z-5)_-_3_j2 a(i-;_)
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= 3WJ

Z

(Z - 5/Z sin gi) radians per revolution (Z- 6)

I

I
I

I

where. 1%.m is the radius of Mars, and Jz is the coefficient of the second spherical

gravlt%tlonal harmonic. Reference 5states that JZ -_ 1. 95 x 10 -3 ± 5 X 10 -5 for
Mars.

Equations g-5 and Z-6 show that these rotations are relatively strong func-

tions of the semi-major axis (a), eccentricity (e), and orbital inclination with

respect to the equator (i). Hence, the effect of the eblate gravitational field on

the extent of the mapping of the magnetosphere will depend on the final OEC orbit.

This will be treated in the following subsection. Figures Z-19 and Z-Z0 show the

magnitude of these rotations for various orbits of interest. Note that I_I and I_I

increase as the apoapsis altitude decreases and that _ changes sign at an inclina-

tion of 63. 4 degrees.

2. Z° 3 Orbit Relationships to Magnetosphere

The four dimensional characteristics of the Martian magnetosphere imply

the desirability of taking measurements over a range of altitudes, latitudes, and

inertial longitudes, as well as time. In this discussion, the variation of these

quantities over the mission will be described and the implication of these varia-

tions on the extent of the mapping discussed.

The relative motion of the OEC orbit and the Martian magnetosphere

over the 6-month mission is of sufficient importance to clarify the expected

geometrical relationships. Figure 2-21 is a schematic representation of a typical

OEC orbit (for either the co-orbital or orbit change system) and its geometrical

relationship to the Sun and the magnetosphere. The longitude of periapsis rela-

tive to the Sun at epoch is shown as k 0. Assuming for the moment that the orbit

plane is fixed in inertial space, the magnetosphere will rotate (relative to the

orbit plane) at the angular rate of Mars around the Sun (km = 0. 53 deg/day).

Over the 6 month mission, this effect will allow the OEC to sample the Mars

environment at various longitudes in the magnetosphere and at various altitudes.

In particular, periapsis will rotate relative to the magnetosphere a total of 97

degrees.

In fact, the relative rotation will be greater than 97 degrees because of

the precession effects mentioned in Section Z. g.Z. As indicated, the affect of

the oblateness will torque the orbit in such a manner that the mapping will be

;:_Since JZ for the Earth is I. 08 × 10 -3 , this indicates that Mars is considerably

more oblate than the Earth.
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more extensive than implied above. To clarify these effects, the results pre-

sented in Figures 2-19 and Z-Z0 are interpreted illustratively.

Figure 2-22 illustrates in two views the effect of the rotation of the apse

line for i < 64 degrees. A typical set of conditions is shown with the equatorial

plane of Mars inclined.-_25 degrees to the ecliptic. An assumed magnetospheric

boundary is shown and the orbit exaggerated to illustrate the motion. The apsidal

rotation vector _is illustrated, normal to the orbit plane. Motion of the periapsis

altitude from point A -_ D is seen in the side view and. in the plane of the orbit.

The top view provides a more pictorial illustration. Note that the rotation of the

apse line is in the same direction as the I/Z deg/day motion of Mars about the

Sun so that when viewing the motion of the magnetosphere rotation, it can readily

be seen that periapsis moves in the same direction.

The effect of nodal regression on the orbits is shown in Figure Z-Z3. The

orbit regresses westerly at a rate that is characterized, by the specific orbital

elements. Both the side and. top views illustrate the direction that periapsis

moves {from A -_D). Regression is symmetrical about the Mars spin axis, but

takes on various orientations with respect to the ecliptic normal and. hence the

magneto sphere.

Figure 2-24 shows a combination of the two effects and indicates the

difficulty of establishing an optimum mapping criteria.

In order to display some representative numerical results, assume that

periapsis is located at the minimum latitude relative to the Martian equator.

Figure Z-Z5 shows a schematic mercator projection of a typical OEC orbit

and the relative motion induced by the oblate gravitational field.. Using Figure

Z-Z5 it is relatively easy to demonstrate that the relative longitude (k) between

periapsis and the Sun is determined from the geometry and given by the

expr e s sion. ":"

X --_ k 0 + _m _ i_l K + tan 1 ctn d_K cosi -rr/g (z-v)

while the periapsis latitude is

0: > (z-s)

In Equation 2-6, it has been assumed that the Sun moves at a constant rate in

the Martian equator.
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where

i = orbital inclination to Martian equator

= nodal regression rate, rad/rev

= apsidal rotation rate, rad/rev

IK = days from epoch

= longitude of periapsis relative to the Sun,

= latitude of periapsis, radians

P = orbital period, hours

radians

Figure Z-Z6 shows a plot of k versus _ for orbits with the following char-

acteristics: h a = I0,000 km, hp = 500 km, X0 = 0, and. i = 45 degrees, 55d.egrees,

and. 70 degrees° The results indicate that for i = 70 degrees, i. e. , the highest

orbital inclination consistent with the Voyager mission, periapsis will rotate

through an angle of approximately Z30 degrees relative to the magnetosphere

over the 6 month mission. The latitude variation is _28 degrees. This willallow

a relatively large sampling of the magnetic field, at the periapsis altitude. These

results are illustrated, in Figure 2-27. This view indicates how for this typical

case, the apoapse might initially protrude above the magnetosphere. As the orbit

changes and Mars moves, this reference point rotates through some 200 degrees

and never enters the shock region. Periapse always remains at low Mars lati-

tudes. This example does not represent a necessarily desirable feature but in

fact points out the kind. of phenomena expected, and the complexity of arriving at

some optimum orbit.

Figure Z-26 also shows the expected, types of coverage at the lower

inclined, orbits. For example, at i = 45 degrees, the longitude variation is not

nearly so pronounced., while the latitude variation is somewhat larger. In partic-

ular, the total changes in )_and. _ are 92 and. 87 degrees, respectively. The trend.
of these variations stems mainly from the change in sign of m at i = 63. 4degrees.

The results shown in Figure Z-26 are insensitive to changes in periapsis

altitude within the assumed, altitude regime but will vary considerably with large

changes in the apoapsis altitude. Specifically, as the apoapsis altitude increases,

the longitude and latitude regions covered, will decrease.

Several interpretations of the results can be established.. If the magne-

tosphere is assumed, to be symmetrical, then 180 degree variations between the

periapsis altitude and. the magnetosphere is adequate. Hence, inclinations ef

greater than 65 degrees to the equator are desirable, for a mission d.uratio__ of

6 months. For longer durations, the same longitudinal range is obtained at

lower inclinations and. at increasing latitudes. For the largest expected. Voyager

inclination of 70 degrees, substantially greater variations in longitude can be
achieved, at the cost of decreased latitudinal variations.
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Selection of the proper orbit to optimize the mission objective of mapping

the magnetosphere deserves careful consideration. Due to the current general

ground, rules for the Voyager orbits_ it is a very cumbersome task to completely

identify these characteristics. The results of this study indicate that, without

question, there will be extensive mapping accomplished.

A more complete study is required., but only after the Voyager nominal

injection date, node, and. other pertinent characteristics have been better defined.

At that time, a detailed study could indicate the most desirable orbit inclination

to ensure the most complete description of the Martian magnetosphere.

Z. 2. 4 Orbital Lifetime

A definitive st,2dy of the OEC mission lifetime has prod.uced several

important results. The rationale for this analysis was to determine if the capsule

could, meet the Voyager mission requirement (Reference 6) of 50 years minimum

lifetime. (During the study phase, the requirement was reduced, to I0 years.)

This subsection discusses these results and. presents several conclusions.

The primary perturbation contributing to a finite life for the spacecraft

derives from the interaction of the satellite with the atmosphere of Mars.

Although the Martian atmosphere is only 1/500 of the mass of the Earth's atmos-

phere, satellite orbits with extremely low periapsis altitudes will experience

appreciable decay over a 50 year period..

Ten atmospheric models are presented, in the Voyager Design Specifica-

tion (Reference i). In addition, a recent model by D. F. Spencer (Reference 7)

was includ.ed in a study of the perturbative influence on the orbit. Table Z-6

displays the values of surface density and. scale height associated, with each

atmosphere. This is of particular significance, since a large scale height

implie3 a low density gradient with respect to altitude, and hence a dense atmos-

phere at high altitudes. This in turn contributes to atmospheric degradation of

the orbit at high altitudes and. a corresponding decrease in lifetime.

The atmospheric density altitude profile is assumed to be static and.

expone=tial in form," i. e. ,

h

= po e
(Z-9)

where

Po = surface density

H = scale height

From Reference 8, the lifetime of a satellite interacting with an exponen-

tial atmosphere is

_:_A static atmosphere is defined as one which is invariant with time.
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TABLE Z- 6. MARTIAN ATMOSPHERIC MODELS

I
I

I
Atmosphere

Model

VM-I

VM-2

VM-3

VM-4

VM-5

V M-6

VM-7

VM-8

VM-9

VM-10

Spencer

Surface Pressure,

millibars

.

7.0

I0.0

i0o0

14.0

14.0

5.0

5.0

Z0.0

Z0.0

6.0

Surface Density,

gm/cm 3 X 10 -5

0 0.96

1.85

i° 37

Z. 57

1.91

3.08

0. 68

i. 3Z

Z. 73

3.83

3.00

Scale Height_

km

14oZ

5°5

14.3

5.2

14oZ

6. i

!4o2

5.5

14. Z

6.9

10°0

Estimates made of the Mars atmosphere from Mariner IV data indicated

that

3
Po = i. 5 X I0-5 gm/cm and H = 9 km

I

I
I

I
I
I

I
I

T = rp /PP o _e 2
o o

V_Y[F -'- (cos e ,
o

,//_'-2") - F (./z,

where

+ ZE (rrlZ, ) - ZE (cos e
o

-7
X 0.317 X i0

M = OEC mass, 3Z. iZ kg (minimum weight vehicle)

A = 6. 0 square meters
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C D = drag coefficient assumed = Z. 0

= gravitational constant for Mars

e ° = initial orbital eccentricity

F_ E = elliptic integrals of first and second kind

PP = Po exp o , hp
o o

= periapsis altitude

rp = hp + R M, (R M = radius of Mars)
o o

In order to determine the variance in the OEC orbital lifetime due to the

uncertainty in the knowledge of the Martian atmosphere, lifetimes were deter-

mined for all Ii models for a typical orbit and subsequently compared. Figure

Z-Z8 shows the uncertainty regime existing in the lifetime estimate as a function

of periapsis altitude for an apoapsis altitude of g0,000 km. The results indicate

a large dispersion in the lifetime estimate. In particular, to satisfy the50-year

Voyager mission constraint, the uncertainty in the allowable periapsis altitude

is approximately 175 km. The sparsest Martian atmosphere (VM-4) dictates a

minimum altitude of 95 km, Spencer's atmosphere requires at least 188 kin,

while the densest atmosphere (VM-9) requires a periapsis altitude greater
than Z75 kin.

The 50-year OEC orbit lifetime is assumed based on a Voyager mission

constraint. A relaxation of this constraint has a negligible affect on the OEC

mission design. As shown in Figure Z-Z8 a i0 percent decrease in periapsis

altitude is achievable for an assumed 10-year orbit lifetime. This represents

less than a 30 km change in periapsis and is on the order of the orbit deter-

mination accuracy.

It is apparent from these results that the OEC could safely descend to

about Z75 km and. suitably meet the lifetime requirements. The possibility of

lowering the altitude further is then based on "which is the most realistic

atmospheric modeh " At the present the answer is unavailable; however, more

definitive atmospheric information may be available from possible Mariner

Mars flyby missions prior to 197Z.

Figure Z-Z9 indicates the minimum periapsis altitude for the range of

given atmospheric models as a function of the assumed altitude at apoapse for

both a i0 and 50 year lifetime. The fact that the periapsis altitude is not sen-

sitive to the apoapsis altitudes between i0,000 and Z0,000 km is apparent.

There is a large region of minimum altitude uncertainty, as shown in this

figure.
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In summary, these results imply that it is reasonable to operate with OEC

periapsis altitudes as low as 275 km and to guarantee a 50-year mission lifetime.

This is a significant fact if the Martian magnetic field is weak at nominal mission

altitudes. As a result of this analysis it appears reasonable to study the possi-

bilities of incorporating orbit change capabilities in the OEC mission.

g. g. 5 Differential Drag Effects

One of the major areas of concern in the OEC mission is the desire to

guarantee that a collision between the OEC and Voyager spacecraft will not take

place subsequent to separation. The question of the effect of differential drag on

the distance of closest approach of the two vehicles is treated here.

The effect of atmospheric drag on the orbits of the OEC and Voyager

spacecraft is to decrease the semi-major axis (or equivalently the energy) and.

thereby the orbital period. (P). Since,

P
2rr 3/2

= _ a

where U is the gravitational constant of Mars and. a is the semi-major axis of the

orbit, it follows immediately for small perturbations that

3 5a
6P = TP --a

The change in semi-major axis of a highly elliptic orbit over one complete revolu-

tion can be developed from the analysis of l_eference 9.

where

M

A

C D

e

5a _ 2_ /a(l - eZ)H 1 +_____e

a M/CDA PP _/ 2rre " 1 - e

= vehicle mass

= cross sectional area normal to the velocity vector

= drag coefficient (assumed. = 2)

= orbital eccentricity

(Z-ll)
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pp : atmospheric density at periapsis (hp) = Poe

h /H
P

p = surface density
o

H = atmospheric scale height

In addition, for small changes in the orbital period, the variation in in-track loca-

tion (5S) of the vehicle after a revolution can be accurately approximated by

5S = V6P (2-12)

where V is the velocity at epoch. Combining Equations 2-11 and 2-12 yields

3_ PVpp a(1-eZ)H (l+e_
6S = (M/CDA) 2r_e _l--7_e } {2-13)

Equation 2-13 shows the effect of atmospheric drag on the in-track location of the

satellite in terms of orbital and atmospheric parameters. It is apparent from this

equation that 6S increases with increasing pp and hence, to estimate an upper

bound on 5S, the OEC/Voyager orbit with the lowest periapsis altitude should be

considered; ioeo, a periapsis altitude of 500 km.

In Section 4. 0, ii Martian atmospheric models are displayed and subse-

quently compared° It is shown that the most significant atmosphere (VM-9} in

terms of orbit degradation is described by the following constants: Po = 2. 73 X

10 -5 gm/cm 3 and H = 14o Z kin. Assuming, as a representative case, an OEC/

Voyager orbit with an apoapsis altitude of 20,000 kin, a periapsis altitude of

500 km, ioeo, the maximum value of P associated with the range of possible

Voyager orbits, taking V equal to the velocity at periapsis, and finally using the

values of Po and H noted in Equation 2-13 gives

6S{M/CDA.) --_ 72 x 10 -3 kg/m (2 -14)

Since M/CDA for both the OEC and Voyager is of the order of 15. 8 kg/m 2, it is

seen that the in-track displacement from an assumed drag free case is negligibly

small. Hence, if the drag free constraints on the mission are adjusted so as to

obviate collision_ interaction with the Martian atmosphere can be ignored.

2.2.6 Effect of Solar Perturbations

During the operational lifetime of the OEC mission, solar gravitational

perturbations act on the capsule° The net effect is a disturbance which tends to

change the OEC orbital velocity° In essence the solar perturbation adds and/or

subtracts an incremental velocity to the nominal orbit velocity.
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The purpose of this discussion is to investigate these effects and in par-
ticular relate them to the periapsis altitude. This is an important study since the
possibility of planetary contamination must be avoided, and the results of this
analysis influence the orbit selection.

A typical orbit with periapsis altitude of I000 km and apoapsis altitude of
I0,000 km is assumed. An attitude orientation is chosen in the worst sense so
that the maximum effect of the solar perturbations on the periapsis altitude is
found.

Reference 9 shows that the change in periapsis altitude, due to the solar
perturbations, per revolution of the satellite is given by

^ ^ 2 2 2^ ^_
Ah = K 1 [sin 2y cos 2£_ cos i - [cos y - sin y cos i3 sin 2_3 (Z-15)

P

where

GM d -e 2'
15------_ a_ e J

2a d
(2-16)

K1 = 2
n

GM d = U of the disturbing body

= I. 372 X i0 II km3/sec 2 for the Sun

a d = distance of the disturbing body from planet

-----i. 5237AU for Mars

a = semi-major axis of the OEC orbit

e = eccentricity of the OEC orbit

n = mean angular motion of OV, C in its orbit about Mars

y = angle (in the ecliptic) from line of nodes of the OEC orbit to the

Mars-Sun line

^
i = inclination of the O]EC orbit with respect to Martian ecliptic plane

^
t_ = argument of periapsis with respect to Martian ecliptic plane
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Substituting the assumed orbital parameters into Equation Z-16 yields

K
15 (0.566 X 10 -14 sec-2) (8. 9! × 103 km) (3. 14) (0. 505) (0.864)

1 6. i0 X 10 -8 radZ/sec 2

-2
=_ 1.702 x I0 km

Analysis of Equation Z-15 shows that theAextreme perturbations corre-

spond to orientations of y = 0, 180 degrees and _ = 45, 135, 225, 315 degrees.

Substitution of these values into Equation 2-15 results in a maximum change in

_"_"__'_._s_ _o altitude ,_I.....v_+ revolution) A_,_ +_ _I ....._ ,i_,_ n_

Ahp
max

= ±I.70Z X i0 -Z km/rev

= ±0.0170Z km/rev

Since the inertial orientation of the orbital plane is constantly changing,

the average solar perturbation over the mission will be somewhat less. In any

case, the net effect over the 6-month mission lifetime for this typical orbit would
be less than I0 kmo

The worst case effects of solar perturbations are actually exhibited for

missions operating at high apoapsis altitudes along with the lowest periapsis

altitudes. The minimum altitude established from the orbit decay studies is approx-

imately 300 kin. For a 20,000 km x 300 km orbit, this change in periapsis altitude

could be as great as 55 km. By combining this effect with that of atmospheric

decay and including some margin, a minimum operating altitude of approximately

350 km (50 year lifetime} is recommended. A somewhat lower altitude is possible

for the i0 year lifetime constraint.

Z. Z. 7 Solar Eclipse

The eclipse history specified for the Voyager mission at the present time

calls for no eclipsing during the first 30 days of operation and no greater than a

maximum of 60 minutes per orbit during the succeeding 5 months ;:'_(see Reference i).

Since the OEC may not separate from the Voyager for a period of 30 days, the

maximum eclipse duration experienced by either the co-orbital or orbit change

systems, over the latter portion of its 6 month operation, might be considerably

in excess of this value. The eclipse durations of highly elliptical orbits are a

Actually, the maximum eclipse after the first 30 days is the minimum of 8 per-

cent of the orbital period and 60 minutes.
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strong function of such quantities as date, argument of periapsis relative to the

Martian ecliptic, and orbit node location. Since the Voyager orbit has not been

specified to a sufficient degree to guarantee the initial values of these quantities,

flexibility demands that the OEC be designed to operate with the thermal and power

environment dictated by worst case eclipsing. In addition, it has been ascertained

that a preferred initial inertial orientation of the orbit plane exists for sampling

the magnetic field, and this orientation will yield the maximum eclipse period per

orbit°

The critical orbital orientation is obtained when the apsidal line, the line

connecting apoapsis and periapsis, lies in the Martian ecliptic and the Sun lies on

the line segment connecting Mars and periapsis. Figure 2-30 displays this worst
for this case is determinedcase geometry. The duration of solar eclipsing, T E,

from

I
TE:2(_t)

I

I

(Z-lT)

where t' is the time required by the satellite to travel from periapsis to the point

of entry (A) into the shadow. Using Kepler's Equation, t' can be expressed in

terms of the eccentric anomaly E. In particular,

I
I
I

I
I

I
I

Substitution of Equation 2-17 into 2-18 yields

'rE= P( 1 -E-el_sin E / (Z-19)

E is defined in terms of the true anomaly {_))as

,Ce+c°s)cos,(es:n )E = cos l + e cos _ 1 -"e s-{n @

and @ is as shown on Figure Z-30. _At this point, it only remains to determine @

in terms of the known orbital parameters in order to completely define the eclipse

period. To do so, the radius vector from Mars at point A is introduced:

I

I

a(l - e Z) a{l - eZ)
: {z-z0)

r = 1 + e cos v 1 - e sin @
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From the figure,

R = r cos @

m

(2-211

I

I
Combining these equations yields

R =( a(l - e2) )m i --e s-_n @ cos @

I

I
or

By regrouping

R
m

(i - e sin @) = a(l - e 2) cos @
I

I

R e sin @ + a(l - e 2) cos @ = R
m m

I

dividing through by
I

/e_,2+(a<,-e_>)2

cos _ --

I

I
R

m

Recognize that this expression has the form of the trigonometric relationship

sin (@ + k) = cos k sin @ + sin k cos @

I

I

so that by letting I

Z
sin k = a(l-e ) cos k =

JeRm)2 + <a(l-e2)l Z
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then

sin (@ + k) =

R
m

7eRml2+(a,1-e21)2
and

-I
@ = sin

R
rn

/eRml2( i2+ a(1 -e z)

/

where

k = tan -I (a(l-eZ)\

eRm )
(2-22)

Finally,

= - tan _ eR m (2-23)Z + aZ(l-eZ) 2

Rm 2

can be written.

Figure 2-31 shows the maximum eclipse duration/orbit versus periapsis

altitude for various apoapsis altitudes. It is immediately apparent that these

upper bound values can be considerably in excess of the Voyager baseline con-

straint. In particular, for an orbit withh = 500 km and h a = 20,000 kin, the
maximum eclipse time is 2.64 hours/rev, p For lower values of apoapsis, say,

h a = 10,000 km, T e decreases to 1.61 hours/rev, while for lower values of hp,

T e increases slightly. For ha = 20,000 km and hp = 300 km (i.e., the minimum

periapsis altitude consistent with the 50 year lifetime constraint), T e = 2.7 hours/

rev. The latter value represents the maximum eclipse duration for the orbit change

satellite, unless the altitude is increased above an apoapsis altitude of 20,000 kin.

Figure 2-32 shows a representative variation of eclipse duration with time

for a 20,000 km by 500 km orbit. The orbit is inclined at 20 degrees to the ecliptic,
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and its epoch conditions give the maximum eclipse duration. The results show

that the period of high eclipsing is experienced for a moderate number of days.

For periods greater than a month, the eclipse duration goes to zero and remains

so for at least an additional 40 days. Variations of this type are typical for high

eccentricity orbits. Although the eclipse distribution is not symmetrical about

t=0, it is reasonable to estimate that eclipse periods of longer than 60 minutes

may exist for up to 2 months. This condition probably precludes the possibility

of interrupting communication between the OEC and Voyager during these periods.

Hence, sufficient battery power should be included for operating the OEC during

peak eclipsing.

Z. Z. 8 Voyager-OEC Occultation

Provision for occultation of Voyager or OEC by Mars is a desirable feature

;_ ..,-1........ _- 4-1.._._ _ t_/"_ .... 1+_+;_ _ .... -;_+T! -_ 4'r',,.'-l_A_rl "_c "_ i yzJz bz,= _v_**b b**_b ,:,.,, VUU_&b_bZU£Z _'_V" ..... "_*_ _s ......... pr _.ar experiment

In light of this, it is of interest to determine the communication range require-

ments necessary to provide this mission feature.

The minimum range which results in planetary occultation is found from

observing Figure Z-33 and the following orbital equations:

D = 2r sin x) (2-24)

where v = true anomaly and

a (i - e2) = a (i - e 2)

I + e cos _)
(2-25}

Rewriting yields

2
r = a (i- e ) - eR

m
(2 -26)

For the nominal orbit assumed, the characteristic parameters are
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h = i000 km
P

h = i0, 000 km
a

a= 8.9 X 10- km

e = 0. 505

r = 49i8 km

(z-z7

V = cos ,:46. Z degrees 2 ._28)

and finally the minimum distance is

D :: 2r sin _)

: 7120 km (z -z9)

Figure 2-34 illustrates the earliest time during t_e mission at which cc:cu!-

tation will occur as a function of the separation velocity. T_.e detailed discussion

of the selection of this range of velocities is presented in Z. 4. it must be recog-

nized that the consequence of larger injection velocities is that communicatlon

power requirements increase. For example:, at a separation velocity of 0o I fps,

commensurate with co-orbital mission operation, the maxim_m communication

range requlrement is approximately Z700 km. This range is well belcv," the mini-

mum ccculting range. If occultation is desirable_ a minimum velocity increment

of approximately 0. Z5 fps is required. For example_ to produce an occultaticn

during the fifth month_ AV = 0. 3 fps and the maximum range is 8500 km.

Adding this capability to the simple co-orbite- _ mission reqaires additicna)_

solar power. For an 8500 km communication range, the power required is nine
times that at Z700 kin.

For the orbit change mission, with the occultation experiment, it could be

desirable tc provide immediate occultation. This can be prod_ced by separating

with velocities on the order of I. 0 fps. Thus the occultation e_zperiment could be

conducted within the fir st several weeks.

Zo Z. 9 Antenna Field of View- Requirements

The complex nature of the orbit motion, as well as the generality cf possi-
ble orbit characteristics is reflected in the determination of the communication

antenna coverage requirements. It is necessary to size the field of view for both

the OEC and Voyager to ensure continuity of data transmission°
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Both missions discussed require identical antenna coverage. The only

difference is that continuous data is transmitted in the co-orbital mode, whereas

data is stored on tape and played back at preselected intervals for the orbit change
mission.

The three factors that must be considered in designing the antenna coverage
are

i) Rotation of Voyager as it tracks the Sun and Canopus

Z) Orientation of the (DEC to Voyager in the nominal orbit

3) Effects of orbit precession

Figure Z-35 illustrates the effect of Sun's motion. Orbit regression and
apsidal rotation have been discussed in Section Z. Zo 2.

Z. Z. 9. 1 (DEC Antenna Coverage

Since the (DEC is spinning, the required antenna pattern is clearly sym-

metrical about the spin axis. The angle from the normal to the spin axis to the

boundary of the antenna pattern can be computed with the aid of Figure 2-36.

Assuming that the spin axis lies within 5 degrees of the normal to the Martian

ecliptic (a constraint for both the co-orbital and orbit change systems), the maxi-

mum angle between the spin axis and orbit normal is (5 degrees + ie). Since the

inclination of the initial orbit plane of Voyager to the Martian ecliptic is constrained

to be less than 45 degrees, the aforementioned angle has a maximum initial value

of 50 degrees. Neglecting perturbations on the orbit, i.e., assuming that the

orbit plane remains fixed in inertial space, the required angle from the spin axis

normal is found to be ±50 degrees.

This corresponds to a requirement for a "pancake beam," symmetric about

the spin axis, and enclosing an elevation angle of i00 degrees.

The regression of the orbit node due to planetary oblateness adds a further

degree of complexity to the problem. The oblateness of Mars causes the orbit

plane to rotate about the polar axis of the planet and therefore modifies the antenna

requirements obtained above. This rotation means the orbit normal will be chang-

ing position in inertial space throughout the mission; i.e., the angle i will be a
function of time. e

Figure Z-Z0 illustrated the effect of the Martian oblate gravitational field on

the node of the orbit with respect to the Martian equator. As seen in Figure 2-37,

the motion of the node with respect to the equator (Aft) causes a corresponding change

in the orientation angles relative to the (Martian) ecliptic, i.e. , Qe and ie. The

spherical geometry of Figure 2-37 results in the following relationships:

cos ie = cos i cos e + sin i sin c cos (Qo IAQI) (z-3o)
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Figure 2-35. Influences on Antenna Coverage
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and

sin fie = sin (fie

sini sin (% -
- A_e) = sin i (Z-31)

0 e

where A_ e is the (westward) displacement of the node along the equator.

Since the nominal Voyager-OEC orbit has not been specified, the antenna
pattern which yields the largest field of view requirement is considered. As shown

above, the size of the total required elevation angle of the antenna beam is specified

by the angle Z (i e + 5 degrees). Since oblateness causes the angle i e to vary through-

out the mission, the angle of interest is the maximum value of i e obtainable within
the range of possible Voyager/OEC orbits. Since the inclination of the initial orbit

plane to the ecliptic is constrained to be equal or less than 45 degrees (see Ref-

erence 6)_ it is apparent from Figure 2-37 that the maximum value of i relative to

the Martian equator is 70 degrees, i. e., when fleo is zero. With an initial inclina-
tion of 70 degrees relative to the equator, Figure Z-Z0 indicatesthat nodal regres-

sions as high as 96 degrees are possible during a 6-month mission for certain

_oyager orbits. Substitution of the values--i.e., i = 70 degrees, flo = 0, and
h_ I = 96 degrees -- into Equation Z-30 yields an inclination of 74.3 degrees rela-

tive to the (Martian) ecliptic after 6 months for this orbit. Hence, the co-orbital

O?Zc: configuration requires a 160 degree pancake beam for continuous visibility

under all possible orbital conditions.

If plane change maneuvers are not contemplated for the orbit change OEC,

then the 160 degree pancake beam antenna will also suffice for this concept. On

the other hand, if further analysis indicates that ie may be substantially increased

above the current Voyager limit, then an isotropic pattern (4 steradians) may be

required.

2. Z. 9.2 Voyager Antenna Coverage

Due to the complexity of this analysis, the Voyager antenna requirements

are evaluated on three levels, each succeeding level increasing in complexity.

The analysis is based on the co-orbitaiOEC mission, but conclusions are reached

in Level Ill which apply to the orbit change mission as well.

Level I. The following simplifications are made for this level:

I) The perturbations on the orbit are neglected; i. e., the orbit plane

remains fixed in inertial space.

z) No roll motion is required by the Voyager spacecraft; i.e., assume

the star Canopus is located 90 degrees out of the Martian ecliptic and

thus is always within the field of view of the Voyager star sensor as the

Voyager Z-axis tracks the sun.
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Section 2. g. 3 indicates the broad aspect variation that must be accom-

modated during each orbit; i.e., the commu_ication line of sight from Voyager to

the OEC moves through all angular direction, s in the orbit plane during each orbit.

Figure g-38 shows a schematic representa_ion of the communication aspect require-

ment as related to the Voyager spacecraft. For a single orbit, the antenna coverage

required is a beam containing the orbital plane of the OEC about Voyager_ i.e., a

360 degree "disc beam" perpendicular to the orbit normal° In order to maintain

the Voyager solar array normal to the Sun's rays_ the Voyager spacecraft axes are

required to rotate about the normal to the ecliptic at approximately one-half degree

per day_ due to the motion of Mars about the Sun. This motion is equivalent to

holding the Voyager spacecraft fixed and rotating the orbit plane (in westerly sense)
about the normal to the ecliptic.

Over a 6-month period the required antenna coverage is the superposition

of the successive orbit planes formed by rotating the initial orbit plane approxi-

mately 90 degrees about the ecliptic normal. The orientation of this required

coverage volume relative to the Voyager spacecraft can be determined only if the

orientation of the initial orbit plane relative to the ecliptic is completely specified.

Since this orientation is unknown at this time, it is necessary to design the antenna

pattern such that it will suffice regardless of the orbit eventually selected for the

Voyager-OEC mission° In particular_ if the node of the orbit relative to the ecliptic

is not restricted_ then all possible orbit nodes must be considered. This ambiguity

of initial orientation corresponds to a full 360 degree rotation of Voyager relative

to the orbit plane; consequently_ the superposition of the successive orbit planes

would form a "pancake beam", symmetric about the normal to the ecliptic and

enclosing an elevation angle of twice the angle (ie) between the normal to the ecliptic

and the orbit normal (Figure 2-39). Alternate]y_ this pancake beam may be

described by an excluded cone of size (90 degrees - ie)o

Level IIo The orbit perturbations are still neglected, but consideration is

given to the fact that Canopus is not 90 degrees out of the Martian ecliptic.

The star Canopus is actually about -75 degrees (in declination) out of the

Martian ecliptic plane. The Voyager spacecraft will execute roll maneuvers, about

the Z-axis, throughout the mission to retain Canopus within the field of view of the

star sensor. In terms of the Voyager body axis system, this corresponds to keep-

ing Canopus in the Y-Z plane at all times throughout the mission_ while the Z-axis

tracks the sun as shown in Figure 2-35.

Since the Voyager antenna is fixed to the spacecraft_ the axis of symmetry

of the pattern will move by up to 15 degrees from the ecliptic normal due to these

roll maneuvers. Therefore, the excluded cone must be reduced by 15 degrees and_

as can be seen in Figure g-39_ the antenna requirements for Level II are equivalent

to those of Level I where the excluded cone is now of size (90 degrees - ie - 15
degrees).

Level iII. The regression of the orbit due to planetary oblateness adds a

further degree of complexity to the problem. Inparticular_ the oblateness of Mars

causes the orbit plane to rotate about the polar axis of the planet and thereby modi-

fies the antenna requirements obtained above. This rotation means the orbit normal

will be changing position in inertial space throughout the mission_ i.e., the angle ie
will be a function of time.
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Figure 2-20 shows the effect of the Martian oblate gravitational field on

the node of the orbit with respect to the Martian equator. As seen in Figure Z-37,

the motion of the node with respect to the equator (_) causes a corresponding

change in the orientation angles relative to the ecliptic, ioe. , Qe and ie. The

spherical geometry of Figure 2-37 results in the relationship identified as Equa-
tions 2-30 and 2-

The antenna pattern required for an extreme Voyager orbit is now con-

sideredo As shown in the Level II discussion_ the size of the excluded cone is

specified by the angle (90 degrees - ie - 15 degrees) or {75 degrees - ie). The

angle of interest is the maximum value of ie obtainable within the range of possible

Voyager-OEC orbits. Since the inclination of the initial orbit plane to the ecliptic

is constrained to be equal or less than 45 degrees, it is apparent that the maximum

value of i relative to the Martian equator is 70 degrees, i.e., when _en is zero.

With an initial inclination of 70 degrees relative to the equator, FigureV2-20 indi-

cates that nodal regressions as high as 96 degrees are possible during a 6-month

mission for certain Voyager orbits. Substitution of these values--i = 70 degrees_

_o = 0, and IA_I = 96 degrees--into Equation Z-30 yields an inclination of 74.3

degrees relative to the ecliptic after 6 months. Thus_ to guarantee continuous

communication for the entire realm of Voyager orbits_ a 4_ steradianantenna

pattern is required since the excluded cone is specified by (75 - 74o3 degrees) _ 0.

It is apparent that the orbit change mission, with its added uncertainties, will also

require a 4_ steradian antenna pattern unless the orientations of the orbital planes

are specified in advance. Figure 2-40 illustrates the expected worst case cover-

age angles for both vehicles; note that both the Voyager and OEC antenna patterns

are symmetrical in the region of the ecliptic normal. This is due to the orienta-

tion of OEC of <5 degrees to the ecliptic normal and the Sun-Canopus tracking of

Voyager.

For a fully specified initial Voyager orbit there could, of course, be a

considerable reduction in the coverage requirements, and the antenna pattern

would be nonsymmetric with respect to the Voyager. The orientation of this field

of view with respect to the Voyager is a function of the initial orbital parameters

of the orbit and of the initial inertial orientation of the Voyager spacecraft.
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2. 3 VOYAGER --OEC RELATIVE MOTION

Z. 3o 1 General

The OEC is injected into an orbit about Mars after the mission of the Voyager

Lander is completed. Tkere are two constraints imposed on the separation design
that are considered for the coorbital missions:

i_ Guarantee of a noncollision of the OEC with Voyager on the first orbit

Z1 Minimization of the relative separation distance after 6 months to

maintain a low mission power requirement for the co-orbiter design

Control over each of these factors is related to the characteristics of the

separation system, the separation velocity magnitude, the launch geometry, and
the Voyager orbit characteristics which establish the initial launch conditions for
OEC.

The objective of the injection is to change the orbital period of the OEC

orbit from that of Voyager. This is accomplished by making the orbit velocity of

the capsule either greater or smaller than that of Voyager by a desired amount.

The actual difference is sized by the factors outlined above and discussed here.

Figure Z-41 illustrates the relationship between the OEC, Voyager_ and

the orbit parameters. A typical orbit is shown, as well as the geometry with

the Mars ecliptic plane. The Voyager orbiter stabilization is provided by an

active three axis system which tracks both the Sun and star Canopus. As such,

and because the Sun's apparent motion is very slow (0. 5 deg/day)_ the bus is

considered a fixed inertial reference platform over a fraction of a day. Referring
to Figure g-16_ the range of orbital periods is between 7 and 14 hours. Hence the

Voyager tracking motion during the period of an orbit is extremely small and need

not be considered in studying the injection phase. However_ the relationship of

the location of the OEC on the Voyager must be related to the particular orbit to
establish the proper separation and initial orientation.

The OEC orbital period is adjusted by selection of the proper position in

the orbit to command separation. Control over the period is gained by selection

of the angle _. between the separation velocity AV and the instantaneous orbit

velocity of Voyager. By choosing the parallel component of velocity increment
along the orbit velocity vector_ the desired OEC orbit is established. This value

is given by
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where

_v : I_vl cos _ /z-3z/
P

IAVl = magnitude of separation device velocity increment

C[= angle between separation vector and orbit velocity vector

The orientation of the OF.C spin axis to the ecliptic normal is required to

be less than ±5 degrees. To meet this specification, the OEC must either be

precisely aligned on Voyager and separated extremely close to the ecliptic normal

or an attitude correction system must be incorporated. This topic receives con-

siderable attention in Section Z. 4.

In order to meet these mission requirements, the orbit injection parame-

ters must be clearly defined. Figure Z-4Z shows the interrelationship of the

geometrical parameters. By knowledge of the location and orientation of the

OEC on Voyager as well as the orientation of Voyager to its orbit_ a relationship

to the time of separation and the window is established. Given this information

as well as the geometry relating Voyager to the ecliptic plane, the angle from the

ecliptic normal is found. The Voyager-OEC separation distance is a function of

the injection aspect angle to the Mars orbit and the point of separation. Knowl-

edge of these parameters provide a measure of maximum range at the end of the

nominal 6-month OEC operation.

The following discussion analyzes in detail the requirements for sepa-

ration and identifies the range of velocity increments and the geometrical

parameters discussed above.

2. 3. Z Voyager Coordinate System

The Voyager body axes coordinates {X, Y, Z) are defined with the Z axis

pointing toward the Sun and with the star Canopus lying in the Y-Z plane at all

times (Reference ii. Figure Z-43 is a sketch of the Voyager reference

coordinates.

The Voyager, and hence its coordinates, vary with time. In particular,

it not only rotates about the normal to the ecliptic while tracking the Sun (a

rotation of approximately I/Z degree per day), but also rolls about the Z-axis

to retain Canopus in the Y-Z plane. This system may be defined uniquely in

terms of two vectors:

CS = vector from the Voyager spacecraft to Canopus

= vector from the Voyager spacecraft to the Sun

is

In terms of these unit vectors_ the X, Y, Z Voyager body axis system

Z -71
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This body-axis system can be solved in terms of (Earth} ecliptic coordi-
nates. To facilitate matters, the vector S- was approximated by the vectcr from

Mars to the Sun and the vector CS was approximated by the vector from the Sun

to Canopus. Using ephemeris data from Reference i0._ X_ -v" Z were obtained
in terms of' {ecIiptic)unit vectors A_ B_ and C (see Figure Z-44;. For a nominal

separation date of 7 March 1974_ :''_ the vectors Z and C S are

I
I
I

Z : 0. 199A - 0. 980 B + 0 C

CS = - 0. 06iZ A+ 0. Z36 g - 0. 969 C

Equations Z-33 and 2-34 result in the Voyager body axis being specified by:

{Z -34)

: - 0.980 X - 0. I99 g + 0. 013 C

= - 0. 013 A - 0. 003 g - 0.999

Z = 0. 199 A - 0.980 E+ 0

(z-35)

These vectors are used to define the orientation of the OEC with respect

to Voyager and the ecliptic.

g. 3. 3 Relationship of Separation Vector to Voyager

In this analysis, the OEC is assumed to be separated radially from the

Voyager spacecraft, and hence the direction of the separation is defined by the
unit vector

AV : cos F X + sin F Tf (Z-36)

I

I
I

This data corresponds to the midpoint of the arrival window plus i0 days allow-

ance to initiate the Lander experiment. It is subsequently indica'ced that the

final results are not sensitive to moderate changes in separation date.
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where F is the angle the separation vector makes with the X-axis of the Voyager

body axis system (see Figure Z-45). The OEC spin axis is assumed to be collinear

with the separation vector. This is not necessarily the case since it is possible to

have other orientation of the spin axis to the separation vector, as discussed in

Section Z. 4. The solution discussed here does not change; however, the separation

vector-spin axis must be redefined. Since the longitudinal axis of the Voyager

points at the Sun, the initial spin axis direction is nominally normal to the Sun line.

This condition guarantees that the sun sensor {located on the periphery of the OEC)

will see the Sun, and hence attitude data will be available immediately after sepa-

ration and spinup.
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Z. 3. 3. 1 Orientation Constraints

Selection of a preferred location on the Voyager Orbiter requires that the

sensitivity of various performance parameters be evaluated for all possible loca-

tions I'. There are four important constraining factors:

• Provision for spin axis attitude alignment to the ecliptic normal of

< ±5 degrees over the mission

Provision for a Sun-OEC spin axis angle > 75 degrees for power

considerations (this is a less constraining factor than that above)

• Provision for a safe separation and noncollision on the first orbit

• Provision for minimum interaction with Voyager subsystems

Ecliptic Normal Alignment at Separation. Proper positioning of the

co-orbital OEC on the Voyager is required to ensure that the spin axis of the

OEC is sufficiently near normal to the ecliptic to yield satisfactory power sys-

tem and plasma probe performance over the life of the mission.

Combining Equations Z-35 and Z-36 enables writing the equation for the

spin axis in terms of ecliptic coordinates. For the nominal separation date

(7 March 1974), this results in

_% = cos I'(-0.980 A - 0. 199 B + 0. 013 C)

+ sin r (- o. 013 A - Oo 003 B 0. 999 C) (Z -37)

I The angle between the spin axis (_S) and the normal to the ecliptic (_e = C) is

given by the dot product of the two vectors, i.eo,

I = + 0 013 cos r - 0.999 sinl"cos cz= s. e (z-38)

I

I

I

Figure 2-46 presents a plot of this angle, eZ, as a function of the position of

OEC relative to the Voyager bod_y axis. Although this curve is strictly valid

only for the nominal separation date, it has been determined that the results
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are quite accurate even for separation dates as much as 30 days on either side of

the nominal date; i.e. , cZ is insensitive to moderate changes in separation date.

In fact, the maximum variation in c Z over an entire year is approximately
7 degrees.

Constraining the spin axis to be within 4-5 degrees of the ecliptic normal

results in a very limited band of locations on the Voyager 180 degrees out of phase.

The band itself is on the order of 5 degrees. This could be a severe constraint for

the simple co-orbiter mission (no control capability) but is not so for OEC mis-

sions with attitude correction capabilities. By adding an additional degree of

separation vector control, the window could be broadened. This can be accom-

plished by use of an adjustable OEC mounting device on Voyager.

If the separation platform could be skewed to the Voyager radius vector,

a host of additional launch positions become available. Hence the results in

Figure 2-46 are not conclusive evidence that the desirable mounting locations
are so restricted.

Next attention is focused on the relationship between the OEC location on

the Voyager and that of Voyager to its orbit plane. These results will be used to

interpret the broadness of the launch windows.

Launch Window Geometry. As pointed out in Section 2. 3. i, the angle &

between the separation AV and the orbital velocity vector V o is of great impor-

tance. The bounds on this angle are directly derived from the relationship of

Voyager to its orbit and OEC's location on Voyager. Figure 2-47 illustrates a

typical orbit and defines the angle @ between the separation vector and the orbit

plane. As can be seen, for a fixed inertial attitude of the velocity vector AV, the

angle & can be defined to lie between

8 < a < 180 - @ (2-39)

It is immediately evident from Figure Z-47 that for @ - 90 degrees, the

angle & would also be 90 degrees, and hence the separation is orthogonal to the

orbit velocity vector. Separation directions in this vicinity must be avoided

since they do not change the OEC orbit period from that of Voyager but simply

vary the inclination by some incremental value. By not changing the orbit

period, it is obvious that the OEC would, collide with the Voyager on the com-

pletion of one orbital revolution. Hence a limit on the value of e in the region

of 90 degrees must be provided. A detailed discussion and error analysis is

presented in Section Z. 4. Z.

Another important characteristic of Equation Z-39 is that it defines two

points in each orbit at which a particular separation angle & can be obtained.

For a circular orbit, these positions would be 180 degrees out of phase, but for

elliptic orbits the flight path angle must also be accounted for. Thus one position

of injection is identified in the region of the periapsis and the other near apoapsis.

Obviously the injections near apoapsis are more desirable. The underlying
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reason is that the orbital velocity is smaller than for periapsis and the period or

window is of greater duration. In addition_ errors in the s_p_ration that propa-

gate with velocity are smaller.

Figure Z-48 illustrates the separation geometry relative __t°the o_blt plane.

The angle _ is important since it determines the component of AV in the direction

of the orbital velocity vector, T o --i. e. _ that component wbic_ yields a secular

effect on the separation distance. It should be noted that the critical value of o_

i.e. , (_= o_c, is always included in the range of possible separa:t:_,on angles over

a complete orbit. Avoiding this condition_ in this case, merely requir_s that

separation occur at a time when O_ _ C_c.

Examination of Figure Z-48 shows that @ may be obtained by taking the

dot product of AV and _o where both vectors are expressed in ecliptic coordi-

nates. Let

@ =90-@
1

(z-4o)

cos el = o

IrvlI oI
(2, ,-41/

An expression for A--V'was previously obtained in terms of ecliptic coordinates,

bV = (- 0. 98 cos r - 0. 013 sin I_) T_ - {0. 199 cos ]7+ 0. 003 sin) B

+ (0_.013 cos F - 0.999 sinF) (7, -421

for a radial separation where A, B, and C are as defined in Figure Z-44. The

unit vector normal to the orbit plane, _q--o'can also be expressed in terms of

ecliptic coordinates, i.e.,

-- = sin f] sin i -_ - cos _ sin i B + cos i C (Z-43)
rl o e e e e e

where

Q
e

i
e

= node of the orbit relative to the vernal equinox

= inclination of the orbit with respect to the ecliptic

Thus, as can be seen from Equations Z-40 through Z-43, the angle @ is a function

of both the location of OEC on Voyager (T') and the orientation c,fthe Voyager orbit

with respect to the ecliptic.
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The current generalities in t_e actual Voyager orbv_s make this study

difficult. In order not to place any severe restrictions on the Voyager orbit, it

was decided to consider all possible orientations in t_.is analysis. Figure 2-49

indicates the range of @ values obtainable for at: orbit inclined at 45 degrees with

respect to the ecliptic. The shaded area represents the possible @ values as the

node relative to the ecliptic_ {le_ varies from 0 to 360 degrees.

The locations in the vicinity of 1Ol _--90 degrees must be avoided as these

cases (for a particular value of _e) correspond to separe.tion directions perpen-
dicular to the orbital velocity, i.e._ a 290 degrees, regardless of location in

the orbit, and admit the possibility of a collision. As an example_ if r" is

selected as IZ0 degrees_ then the range of possible @ dependent on the node is

15 to 75 degrees. Selection of the launch point fixes the or,'.entation of the veloc-

ity increment to the orbit velocity vector.

The components of the separation velocity perpendicular to the orbit

velocity, both in and out of the orbit plane_ result mainly in oscillatory terms

and as such do not have a secular effect on the separation distance. Tl_.e effect

of the velocity increment on the relative distance depends upon the point in the

orbit at which separation is initiated. To maintain a small separation distance,

it is desirable to separate as close to apoapse as possible_ where the orbital

velocity is the smallest.

As noted previously, there are two points in the orbit between which

separation can occur with the angle 0_ constrained between O < c_ < 180 - @.

Section 2. Z. Z shows that Ymax _" 30 degrees for a nominal i000 km xl0t 000 km

orbit and can be as high as 45 degrees for other orbits within the range of possi-

ble Voyager orbits. For a desired value of cx_ a separation point can be chosen

within (90 + Ymax/Z) degrees of apoapsis_ so that results for a separation occur-

ring at _ = 75 degrees represent the greatest sensitivity of velocities which in

turn yield the most sensitive separation ranges. Hence in the following perform-

ance discussion, a true anomaly of 75 degrees is assumed.

Voyager Mating Constraints. The constra!nts imposed due to the location

of Voyager Orbiter subsystems largely influence the co-orbiter mission.

For the purposes of the feasibility study_ an investigation into each of the

three contending Voyager bus contractors was performed. The Voyager designs

by General Electric_ Boeing, and TRW are shown in Figures Z-50_ Z-51_ and

2-5Z. The subsystem locations on each of the spacecraft are specified in terms

of the angle F measured from the positive X-axis in the direction of the positive

Y-axis (Canopus pointing axis}. Table Z-7 specifies the locations occupied by

these external subsystems.

The random nature of subsystem locations from one configuration to the

next implies that the design space is not limited and that in fact relocations of

systems are possible. Thus placing too much credence on the available space
is not reasonable. It is_ however_ established that there are available mounting

locations on each of the configurations. Due to the limitation on available loca-

tions, other methods of separating in the co-orbiter mission are necessary to meet

the ±5 degree accuracy requirement. These techniques are discussed in Section Z. 4.
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!
TABLE Z-7. VOYAGER SPACECRAFT CONFIGURATION SUBSYSTEM

LOCATIONS

I

I
I

I
I

I
I
I

Angle Constraint,

Configuration Subsystem degree s

General

Electric

Boeing

TRW

High gain antenna, Canopus sensor

Relay and low gain antenna

Planet scanner

Magnetometer

High gain antenna, medium gain

antenna, and Canopus sensor

Scan platform and low gain

antenna

Scan platform

Medium gain antenna and

Canopus sensor

High gain antenna and science

payload

Boom extendable antenna and

X-shaped VHF antenna

68 to 135

170 to 190

Z47 to Z90

337 to 34Z

31 to IZI

Z34 to Z78

0 to 63

109 to 13Z

17Z to Z44

I

I
I

I
I

I
I

I

Z. 3.4 Kinematics of Separation

As the Voyager and OEC move together in orbit about Mars prior to

separation, the magnitude of the component of the fixed OEC separation veloc-

ity vector coilinear with the orbit velocity vector takes on different values

depending on when the separation takes place. If the separation velocity is

near normal to the velocity vector, the relative distance between the two vehi-

cles after one orbit will be very small. This separation distance is propor-

tional to the difference in the Voyager and OEC orbital periods and is especially

critical during the first orbit.

In this section, the kinematic equations representing the velocity and

position characteristics as a function of the particular injection geometry are

established.

The general separation geometry in terms of the nominal Voyager and

adjusted OEC orbits are shown in Figure Z-53. It can be shown that a change

in orbit characteristics at any point in an elliptic orbit outside of periapsis or

apoapsis will skew the new orbit about the reference position where the orbit

velocity is changed. This is shown at point A. Adjustments in the nominal
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orbit velocity at periapsis serves to increase or decrease aFoapsis, whereas a

change in velocity at apoapsis either lowers or increases periapsis°

From the figure it: is seen that the two orbits intersect at two points.

The question arises, "What are the important parameters of the separation

geometry that control whether or not collision can be avoided?" A vector

representation of the characteristic velocities is sho_n in Figure Z-53._ From
the Law of Cosines, the relationship between the OEC orbital velocity V and

the Voyager orbital velocity V o

is given by

in terms of the separation velocity increment

o \v oj + z cos
(2-44)

where _ is the angle between AV and. V as illustrated.
O

For small changes in the OEC orbital velocity, the incremental change

in period, can be determined by simple manipulation of the orbital equation.

The period is defined by

2_ 3/2

P _a
{Z-45)

where

= Mars gravitational constant = 0. 4Z8 X i0 5 km3/sec 2

a = semi-major axis

For small changes in period., the following can be wri._:ten:

3 Z_ 1/Z

8P - 2 V7 a _a

(Z-46)

From the.vis-viva expression, the orbit velocity is

V 2 =_
2 ! ) (Z-47)r a
P

where r = radius at periapsis.
P
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The derivation yields

2V 6 V = _a -z 5a (2-48)

which can be written in terms of the semi-major axis as

5..___a 2aVSV (2-49)
a

Substitution of Equation 2-49 into 2-46 gives the desired relationship

5P : (3PaV_ 5V (2-50)

and the change in orbital velocity 5V is simply

5V = V - V (2-51)
0

where the velocities V and V o are respectively the OEC and Voyager orbital

velocitie s°

Equation 2-47 can also be given as

V 2 = _---(i + e) (2-52)
r

P

where e = orbit eccentricity.

Doing so, it must be recognized that the coefficient is the equivalent circu-

lar orbit velocity at periapsis since

v z = _---- (2-53)
C r

P P

and thus

can be written.

V = V (I + e) I/Z (2-54)
C

P
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It is important here to indicate that by manipulating these equations, the
objective is to show Equation 2-50 in a normalized form. Thus equating Equation

Z-52 to the square of 2-54, the circular orbit velocity at periapsis altitude can be

expressed as

!

V = ,/ (Z-55)c __a(1 -e)
P

Writing in terms of a and _,

a 1
--= CZ -56)

v z (l -e)
c

P

which can now be substituted into Equation Z-50 to yield the desired form

6P=
3P

(1 -e) VO_ 5V
V

\ Cp/ Cp

(z-57)

Clearly, if the OEC orbit velocity is not changed from that of Voyager,

5V=V-V =0
o

and hence there is no change in orbital period, 5P = 0. Thus as shown in Figure

2-53, it is possible for the two vehicles to collide at the point of separation (A) at

the completion of one orbit.

Collision of the two spacecraft at point B (or any other point of equal

radius) is not possible. This is true either because the vehicles will not be in

the same plane (i. e., A--Vis not in the Voyager orbital plane) or because the time

required to travel from point A to point B is not the same in orbits with different

orbital parameter s.

An expression which interprets the possibility of a collision in terms of

the separation angle c_ defined earlier is derived next. Dividing Equation Z-44

through by V Z and assuming that V = V o,
o

I+ \-_o] + Z cos_= 1
(z-58)
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Regrouping and writing in terms of

COS C6 = - _-
(Z -59)

since

sin (_-- 0_) = cos (0_)
(Z -60)

for a small angle approximation,

and

(2 -62)

where _ can be defined as the critical separation angle between the OEC velocity

increment and the orbital velocity. Since

<<< i (Z-63)
2V

o

then clearly the critical angle is, as intuition would have it,

= 90 degrees (2-64)
c

The last step in this development is the derivation of the relative separation

distance between the vehicles and the sensitivity of the distance to values of C_ near

the critical value.

The sensitivity of the separation distance, at the end of one revolution, due

to changes in _ near the critical value is developed below. The separation dis-

tance (6S) can be accurately approximated by
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3PJ6sl : VoJ6PJ- (f-e) -- 16vl
', p

(2-65)

Differentiating Equation Z-44 with respect to (I gives

6V = - I% 1 AV sin (I 6 <I
(Z -66)

If V = V o, operating near the critical value of 90 degrees_ Equation Z-66

becomes

l_vl_="l_v*_l (2-67)
C

The separation distance is then given by substitution of Equation Z-67 into

Z-65 so that

For a typical Voyager orbit, h a : i0,000 km and hp = 500 km, the sensi-

tivity to both the separation velocity arid the critical angle is determined. It is

assumed here that injection takes place at apoapsis and hence the sensitivity in

separation distance is given by

6S = 17 0 meters/degree from critical angle/per unit AV (Z -69)

Separations occurring at other points in the orbit will yield Iarger coef-

ficients because of increased orbital velocity. A representative value of the

magnitude of this relative distance can be generated by assuming a velocity AV

and angle 0_.

As will be shown in the latter part of this discussion_ the range of sepa-

ration velocities of interest are about 0. 1 fps. Thus for an angle removed from

C_c by I0 degrees, a relative distance ofl70meters is ensured after the first Qrbit.

The possibility of collision is then minimized by selection of the proper sepa-

ration window. However, the probability of collision remains to be _reated. The

many uncertainties associated with the injection phase must be weighed in the

final design of the separation kinematics and launch window° These are treated

in detail in Section Z. 4.
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2. 3. 5 Voyager-OEC Relative Distance

Expressions have now been derived which indicate the relationship of the

Voyager and the OEC orbits --the velocities, periods and relative ranges. The

purpose of this discussion is to parametrically relate these system character-

istics. A major point of emphasis is to reveal the magnitude of OEC velocity

increment to maintain the minimum communication ranges for the mission as

well as relating these results to launch locations on the Voyager orbiter.

Separation distance on a per orbit basis is given by combination of

Equations 2-65 and 2-50:

2
3PaV

5S - o 5V (2-70)

This expression implicitly assumes that Voyager does not perform any

orbital change maneuvers during the orbit. In addition, the influence of differ-

ential drag acting on the two vehicles has been studied and discussed in Section

2.2. The result is a negligible separation over the mission lifetime.

Now the results desired can be pursued. The nominal orbit altitudes of

i0,000 km to i000 km are selected as representative of the general results.

This orbit has a period of 7 hours and over the 6 months makes a total 612

revolutions about Mars. Therefore, the separation distance at the completion

of the mission is given by

1836PaV 2

6S = o 6V (2-71)

Figure 2-54 shows the maximum separation distance (OEC relative to

Voyager} at the end of 6 months as a function of 0% the angle between the sepa-

ration direction and the orbital velocity vector. The worst case separation con-

ditions are assumed. This is true if separation takes place at a true anomaly

= 75 degrees. Separation velocities up to 0. 2 fps are commensurate with

ranges up to 6000 km after the 6 months. Ranges less than this magnitude appear

to be reasonable for the co-orbital communication system. The orbit change mis-

sion is not constrained to these minimum ranges because of the more flexible

communication system contemplated.

Crossplotting the results shown in Figures 2-49 and 2-54, a curve

{Figure 2-55) is generated which represents the maximum separation distance

as a function of the location of the OEC on the Voyager. The orbit is assumed

to be at a 45 degree inclination with respect to the ecliptic.

These results are generated for the class of orbit nodal crossings for

the given inclination. This is done because of the broad nature of the possible

Voyager orbits. Figure 2-55 thus represents a number of solutions to the
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problem of finding locations on the Voyager that provide the desirable separation

aspect geometry, and minimum range for a separation velocity of 0. 1 fps. Results

are similar in nature at other AV.

For a specified f', the maximum separation distance after 6 months will be

somewhere in the shaded region, regardless of the location of the ascending node

of the orbit in the ecliptic. As an example of the utility of Figure Z-55, consider

locating the OEC at 1_ = 76 degrees. The figure shows that, depending on the loca-

tion of the node of the Voyager orbit, the separation distance after 6 months will

be in the range 1500 to Z500 kin. Of course, this is true only for AV = 0. 1 fps

and ie = 45 degrees. As ie varies, a broader range of possible relative locations

is generated.

It should be noted that care has already been taken to exclude the locations

on Voyager wnlcn corr_spo_lu Lu points-'-- Lt_ p

ably small. This is shown as a function of the position on Voyager where

I@I ='90 degrees, and recalling that @ g _ g 180 - e.

2.3.6 Relative Motion

The treatment given earlier can now be extended to the motion of the OEC

relative to Voyager as seen in a Voyager fixed coordinate system. Two cases

are cited and illustrated in Figure Z-56.

The relative Voyager-OEC motion is determined by the magnitude and

direction of the relative velocity imparted to the OEC at separation. The tra-

jectory of the OF.C, relative to the Voyager, is essentially an ever-widening

spiral. The YI' and XI' axes in this figure are simply in-plane axes directed

along and normal to the radius vector from Mars to Voyager, at apoapsis of the

orbit. The rate of growth of this spiral, as pointed out earlier, is determined

by the differences in orbital period between the OEC and Voyager --caused

almost entirely by the component of the separation velocity lying parallel to the

orbit velocity at separation. The maximum range depends both upon the magni-

tude of the separation velocity and upon the point in the orbit at which separation

occurs. Figures 2-54 and 2-55, as described previously, specify the range of

possible separation distances for the assumed nominal orbit.

Case A presumes there are components of velocity added along the

Voyager orbital vector as well as normal to it. After an initial period of

"straight line motion, " the OEC moves about the Voyager in an increasing

spiral motion. The rate of growth of this spi_al is determined by the differ-

ences in the orbit period between OEC and Voyager -- caused predominantly by

the parallel component of velocity {along Vo}.

Case B has no component of velocity normal to the orbit velocity vector;

however, as seen, it exhibits the same rate of increase in distance from

Voyager after the initial orbit. Although the figure shows a planar case, the

component of separation velocity perpendicular to the orbit velocity can be in

or out of the orbit plane.
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Z. 4 SEPARATION STUDIES

Z.4. 1 Methods of OEC Separation

Three basic approaches are possible to place the OEC in a desirable attitude

with respect to the Voyager bus. The actual selection is based on the interface

possibilities with Voyager, OEC configuration, and OEC mission operation.

The first approach is based on a provision for a spin table to provide spinup

prior to separation. This technique is desirable from a stability point of view and

in terms of ensuring small attitude errors. However, the requirement to mount a

spin table on Voyager is not preferred for several reasons: first, a large clearance

envelope is required. Second, the limitations imposed on allowable OEC boom

locations to ensure a safe table spinup to 60 rpm are a major consideration.

The philosophy for the OEC design is predicated on minimization of inter-

action or interface with the Voyager bus. For this reason a preferable approach is

to first separate OEC and then provide spinup with an onboard gas system at some
safe distance.

A third approach is to impart some angular rotation as well as translation

with the separation system, achieving some gyroscopic stiffness. As in the previous

approach, full spinup with an onboard gas system is initiated at a safe distance from

Voyager.

The rationale for selection of a baseline system requires a detailed study of

the configuration, system complexity, and performance. A discussion of the separa-

tion techniques follows; the spin table approach is not discussed further in this study.

Z.4. i. I Nonspinning Separation

Nonspinning separation influences the attitude of the OEC through the induced

tipoff rates. The final attitude is thus a function of when spinup occurs.

Provision for a small separation velocity for the co-orbital mission requires

the precise design and alignment of the separation mechanism. A single-spring

separation concept is proposed.

Separation Performance. In carrying forth this analysis, it is assumed that
the spring is linear, and thus the following equations representing a spring under

simple harmonic motion are applicable. Therefore,

k +-k x --0 (Z-VZ)

where

X = linear displacement of spring

k = spring constant
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--Voyager - OEC mass ratio -

and the natural frequency of the spring is

MoEcM v

MOEc+M V

The solution to Equation Z-7Z is simply

co =__k (z-73)

X = A sin cot + B cos cot

where t = time the spring acts on the OEC.

Initially, the spring is compressed to a length d and at physical separation

is fully extended so that the initial conditions are

X(O) = d

X(t) = 0

Substitution into Equation 2-74 yields the constants

where for the spring fully extended

and for this to hold

B=d

A=0

X = d cos cot = 0

cot = w/2

Since the natural frequency is known (Equation Z-73),

as

(2-74)

(Z-75)

(2-76)

{2-77)

Equation 2-77 can be rewritten

resulting in an equation representing the time varying nature of the spring. By

energy relations, the total mechanical energy of the system remains constant.

Equating the potential and kinetic energy gives

1
K.E. =_ M AV 2

{z-78)
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l Z
P.G. =_kX

Z
(aV)

k=
XZ (2-79)

where AV = spring velocity and the relationship to position is apparent.

Equations 2-78 and Z-79 are plotted in Figures 2-57 and 2-58. Typically,

for a velocity increment of 0. l fps at separation, a few iterations lead to selection

of a spring constant of

and from the graphs

spring

k = !50 !b/ft = !2. 5!b/in

X = 0. 168 inch

t = 0. 23 second

Application of a nomograph appearing in Reference Ii leads to the following

selection:

Mean coil diameter

Free length of helix

Number of active coils

4.0 inch

3. Z inch

7.0

Maximum stress with 2. I pound axial load Z. 5 ksi

A cross section of the coil is illustrated in Figure Z-59. The zero-twist

spring is selected to minimize any lateral or rotational motion during separation.

Reference II indicates that side force is negligible and that there is essentially no

lateral spring constant for the zero-twist type spring proposed.

Attitude Accuracy. An illustration of the OEC mounting for a nonspinning

separation is shown in Figure Z-60.

Errors in precisely performing separation are due to several effects:

• Transverse mi salignments

• Angular mi salignments

o Effects of side force

o Effects of interferences
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The transverse misalignment"a" simulates assemblytolerances and center

of mass uncertainty, whereas the angular misalignment"b" represents spring man-

ufacturing tolerances and spring end location and squareness tolerances.

The first and second factors are the major contributors and for a worst case

accuracy analysis can be assumed to contribute disturbances about the same trans-

verse axis. For this case, these errors illustrated in Figure Z-61 combine to pro-

duce a misalignment factor E,

where

E = + (sin b) 2 (Z-80)

= distance from CM to spring point of contact

a = transverse offset from CM at the base point

b = angular offset from nominal applied force at base point

for small angular deviations

E= +b

Errors representing typical alignment accuracies are substituted into

Equation Z-81; for

with

the misalignment function

a = 1/16 inch

b = I degree

= 18 inches

(z-81)

E = I. 8 percent (Z-8Z)

The misalignment factor given above is actually smaller since the two

sources of error cited act about different axes. In any event, it is expected that

a reduction can be made by providing accurate assembly tolerances and precision

calibration and selection of the spring.

The effect of a misaligned separation force is a torque about an axis trans-

verse to the OEC spin axis. The equation for the angular motion is

: _..T (z-83)
I

2-95



|

. I

l I

I

Figure Z-60. iqonspinning Separation I

o

ANGULAR _ I I ,_

\ _ 1 ' _TRAN$VERSE o

__._ _ MISALIGNMENT _

_\\_ o_c

oEC CENt ER

OF W_ASS

_- _'_'_"--_-SPRING CONTACT

Figure Z-61. Spring iviisalignrnentS

Z-96



I

I
I
I

I

I
I
I

I
I

I
I

I
I

I
I

I
I

I

where

T = torque applied about the transverse axis

I = moment of inertia about a transverse axis

For this analysis, the effect of the lateral spring force is accounted for but

the lateral spring constant is assumed negligible; thus

T = F a cosFt + F c (2-84)
x _ z

where c = moment arm about Z axis.

Substitution of H]quation Z-84 into Z-83 and integrating gives

F a F

8 _ x sin t + -T- ct (Z-85)I

Numerical values of expected parameters are substituted into Equation Z-85

to obtain the maximum tipoff rate. Thus,

F = kX
x

= (150 ib/ft)(0.014 foot)

= Z. I pounds

I = Z. 5 slug-ft Z (minimum transverse inertia) (Z-86)

= 3.0 slugs (assume a 100 pound OH]C)

= = \3.0] = 7 rad/sec

t = 0. ZZ second

Assuming the force in the z-direction is 5 percent of the axial force

F = 0.01 pound
z

and

c = 17.5 inches
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By substitution of these parameters into Equation 2-85, the rate in terms
of the transverse offset a, is

@ = (0. iZa + 0.001Z) rad/sec (z-87)

where a is in feet.

Selection of a safe distance at which to spin up limits the maximum allow-

able attitude error. This choice is based on guaranteeing non-interaction of the

OEC booms with the bus at injection. For example, assume that the minimum sepa-

ration distance prior to spinup is I0 feet and the separation velocity is 0. I fps.

Substitution of the spring misalignment of 1/16 inch into Equation Z-87 yields at tip-

off rate of

@ = 0. 1 deg/sec (Z-88)

Allowing this rate error to increase over a I00 second interval creates an error in

OEC attitude of i0 degrees.

Reduction of this error requires increasing the accuracy of the separation

system.

Reflecting back on the mission requirements, it is noted that the attitude

error using this form of separation can be greater than the __+5degree accuracy

specification. Therefore, application for a nonspinning separation for the co-orbital

mission would require the addition of an on-board attitude correction system. An

alternative is to reassess the basic accuracy requirements based on the nonspinning

separation accuracies. The considerations for incorporating a correction system
are discussed in the attitude control section Z. 7.

To complete this phase of the analysis, the lateral motion due to spring

force neglecting the lateral spring constant is determined. The equation of motion is

ME = bFx cos_--k t + Fz (2-89)

for b << 1.

Integrating Equation Z-89 once with _ (0) = 0

Mz =bFx _sin_f_t+ Fz t (2-90)

Assuming b = 0.5 degree yields

(t} = 0.00ZZ fps at ts = 0.2Z second

and after i00 seconds or at spinup the lateral motion is

z (I00) = 0.48 ft = 5.8inches = 14.7 cm
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Thus the translational motion due to the separation system tolerances is
small.

2.4. I. Z Partial Spin Separation

Constraining the attitude error to less than __+5degrees over the 6 month

co-orbital mission requires the investigation of another approach for separation.

In the nonspinning separation, the prime moving force is along the OEC spin axis,

and errors build up about either or both transverse axes. For the alternative

method, to be discussed below, the prime separation force is normal to the spin
axis.

As shown in Figure Z-6Z, the applied force lies in the center of mass plane

and is offset from the center of mass by a distance limited by the radius of the OEC

structural cylinder. The objective of this form of separation is not only to impart

a translational impulse to yield the desired AV, but in addition to build up sufficient

spin momentum to provide gyroscopic stability.

The influence of a separation impulse misalignment is to build up a small

free precession or nutation of the OEC body axis about the angular momentum vec-

tor. In addition, an incremental attitude deviation is developed but is small com-

pared to that from a nonspinning separation.

Either axial or radial boom configurations can be used with this scheme;

however, the axial boom lends itself better to this form of separation. For this

reason, the discussion will appear to favor that configuration, A detailed discus-

sion and analysis follows.

Recluirements. The requirements basic to the nonspinning separation are

also necessary to the partial spin form of separation. All of the spring character-

istics identified in prior discussion are also applicable. The spring force and impulse

period to impart a nominal velocity of 0. 1 fps are

F = Z. 1 pounds

t = 0. ZZ second

Spin Stability Analysis. Determination of the attitude error induced at sep-

aration with the partial spin technique requires the solution of the rotational equa-

tions of motion. The general form of these equations is as follows:

I _ + - Iy)x x (Iz y
=M

Z X

I _ + - _ _ = M (2-91)
y y (Ix Iz) x z y

I _ + (ly - Ix )_ _ = Mz z x y z
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where

Ix , Iy, Iz = OEC moments of inertia

cox , COy, ¢0z = OEC body rates

Mx, My, Mz = externally applied torques

This set of equations requires specifying the moments caused by the separa-

tion impulse.

Figure Z-6Z illustrates the application of the separation force for the partial

spin separation technique. The torque is applied at a distance _ from the center of

mass and is given by

m

M = r x F (Z-9Z)

where

A

r = leA + a e (2-93)
r z

= F (sin b_z + cos b@t) (2-94)

and

I = distance from center of mass to point of impulse application

a = linear misalignment

b = angular misalignment

F = separation force

Carrying out the multiplication

= -IF sin b_ t + iF cos b@z - a F cos b@r (Z-95)

which indicates that the torque applied about the spin axis is

M = _F cos b (Z-96)
Z

and that about each of the transverse axes is

M = -a F cos b (2-97)
r

M t = -iF sin b (Z-98)
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Note that the separation force essentially applies a torque impulse and

M -M
r x

M t - M
Y

{Z-99}

where the subscript x and y can refer to an inertial reference rather than the body
reference.

Substitution into the equations of motion with the applied torques presented

above and the following parameters

I = I = 5 slug-ft Z
x y

I = 7.5 slug-ft 2
Z

a = 1/16 inch

b = 1.0 degree

yields

5_ + 2.5c0 co = 0.0035 M {Z-100)
x y z z

5_b - 2.5 o3 co = 0.0167 M {2-I01)
y y z z

7.5_ =M {Z-10Z}
Z Z

Solving the last equation where M is treated as an impulse of finite but short
duration z

M
Z

o3 = t {Z- I03}

which is substituted back into Equations Z-100 and 2-101

-2
_x+4.4x i0 o3 = 0.0007 M {2-I04}

y z

-Z

_y - 4.4x I0 o3x = 0.0033 Mz (Z-105)
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The solution for co and w gives
x y

0_
x

= O. 013 deg/sec

and

_Oy
= O. IZ6 deg/sec

and the transverse body rate is found by taking the square root of the sum of the

square s,

= (,_xz . _y2__T '" '

1/2

(Z- I06)

= 0. 127 deg/sec

The nutation buildup from this torque impulse is obtained from the

relationship

H T

Tan(9 - HS
(2-107)

where

H T = transverse angular momentum

H S = spin angular momentum

Thus

IT _°T

Tan@ = I a_
S S

(2-108)

where

IT = transferse moment of inertia

I = spin axis moment of inertia
s

By realizing that the rate about the x-axis is small compared to the y-axis,

a simplification can be made.

If w _ 0 and _ = 0, then the transverse equation of motion is simply
x x

IT_ T = I _y = M (2- 109)YY Y

2-103



but

M = E M (Z-110)
y z

where E = percent torque coupled into transverse axis due to a misalignment, and

Isis = Mz (Z-Ill)

Since the separation produces a torque impulse, the following can be written:

and

I

I,

I
I
I

HS = Isis : Mz/t (Z-l13) I

Substitution of EquationsZ- i IZ and 2- 113 into 2- 108 gives

Tan 0 = E (Z-l14)

or simply stated, assuming the action of a torque impulse, the nutation angle is

equivalent to the attitude error and is identically the misalignment errors of the

spring system. Thus

I

I

-i
8 = Tan (E) (2- 1 15)

Substitution of the maximum expected E value of I. 8 percent yields an attitude

error of approximately

8 = 1.0 degree

which is within the desired accuracy

In summary, there are two basic reasons why this form of separation is

more desirable than a nonspinning separation.

First, the attitude errors are small and can be linearly reduced by

precise alignment procedures.

Second, the final spinup can be delayed until adequate safety margin

is provided.

Thus, as a result of this analysis, the more desirable co-orbiter OEC con-

figuration is the one with booms mounted along the spin axis. If it were possible to

violate the Voyager Lander envelope, then an OEC with transverse booms could also

apply this partial spinup technique.
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Z. 4. 1.3 Separation System Design

Careful consideration of the separation mechanism to be selected for the

coorbital OEC version is required to ensure minimum tipoff, accurate separation

velocities, high reliability, long space life capability, and integrity of the system to

survive the launch and boost phase environments. These requirements are not as

severe for a mechanism producing larger separation velocities.

Before discussing the actual mechanism, the interface with Voyager is dis-

cussed since the design of the OEC configuration is interrelated with Voyager and

the manner of separation.

Stowage of the OEC on the Voyager bus is confined to the space available

between the Voyager bus structure and the dynamic shroud envelope of the launch

vehicle. In addition, the OEC must be located longitudinally alongside the Voyager-

_ib_=r _=_w ....... e _ ........ e ......... y and at .... base of the o_.__+ _'_A +_

interface of the spacecraft with the Lander capsule. Within this region, there are

four basic modes of separating the OEC from Voyager. Ramifications of the types

of separation systems for each of these modes are possible, such as delayed spinup

requirements, partial spinup capability, and full spinup capability. The four separa-

tion conditions are noted in Table Z-8 as Mode IA and IB and Mode ZA and ZB, with

an itemized list of the advantages and disadvantages for each case.

In summary, there exists only one OEC configuration, with a fixed length

axial boom separated in the manner indicated as Mode IA and ZA, that could be

spunup immediately after separation due to the clearances available with the Voyager

spacecraft. Mode ZA could employ an axial boom in the order of 6 feet long while

Mode IA limits the boom length to about Z. 5 feet due to the launch vehicle shroud

envelope constraint. For OEC configurations employing deployable booms, either

axially or radially mounted, immediate spinup offers no clearance problems. Par-

tial spinup is considered most realistically for Modes IB and ZB. The separation

force is purposely applied off the OEC center of mass to impart a spin rate as well

as the separation v_elocity.

Techniques for providing a partial spin, such as Mode IA and ZA, where the

torque for spinup is required in a plane normal to the separation velocity vector,

appear undesirable due to the additional mechanization required for such systems,

i.e., spin table, helix guide rails, multiple canted springs, etc.

Ideally, a configuration with fixed length booms (either axially or radially

mounted) that could be spun up immediately after separation would be most desir-

able. For booms in the order of 5 to 6 feet in length, there exists immediate spinup

capability for l) the axially mounted boom configuration separated in Mode ZA and

ZB manner or Z) radially mounted booms, assuming that the Voyager space envelope

is not restricted in the vicinity of the shroud at the Voyager-Lander interface, Mode

IA and lB. Figures Z-63 and Z-64 depict both these concepts.

Figure 2.-65 depicts the possible separation geometries of the OEC relative

to the Voyager spacecraft. Assuming that the location of the OEC is constrained

to the volume adjacent to the Voyager bus between the solar array plane and the

Lander capsule bus interface, less complex supporting hardware is required to

accomplish "radial" (Mode IA and ZB) rather than tangential (Mode IB and ZB)

Z- 105
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TABLE 2-8. COMPARISON OF SEPARATION CONCEPTS

!

!
Type of System Description Advantages Disadvantages

MODE 1

Spin Axis Normal to

Voyager Bus

A

Sun

MODE Z

Spin Axis Tangential

to Voyager Bus

A

To

C

Mode 1A

Separation velocity

imparted to OEC

along spin axis.

Mode 1B

Separation velocity

imparted to OEC

transverse to spin

axi S.

Mode IC

Not feasible due to

Lander-Voyager

interface envelope.

Mode ZA

Separation velocity

imparted to OEC

along spin axis.

Mode ZB

Separation velocity

imparted to OEC

transverse to spin

axi s.

Mode ZC

Not feasible due to

Lander-Voyager

interface envelope.

Mode 1A

1) Minimum clearance

window on Voyager

bus required,

2) Minimum perturbation

to Voyager since separa-

tion force can be more

closely aligned with

Voyager cg.

3) Requires only simple

mounting adapter to

Voyager bus structure.

4) Long (approximately
6-foot fixed radial

booms may be
considered.

5) Stowed booms (either

radial or axial) per-

mit immediate spinup

of OEC.

6) Launch loads path to

Voyager bus structure
is desirable.

Mode IB

Stowed booms {either

radial or axial) permit

immediate spinup of

OEC.

Mode ZA

l) Permits using long

{approximately 6 foot

fixed axial boom allow

ing immediate spinup

of OEC.

Mode ZB

1) Minimum clearance on

Voyager bus required.

Z) Minimum perturbation

to Voyager since

separation force can be

more closely aligned

with Voyager cg.

3) Requires only simple

mounting adapter to

Voyager bus structure.

4) Stowed radial or fixed

axial booms permit

immediate spinup of

OEC.

5) Launch load path to

Voyager bus structure

is desirable.

6). Single hinged long

booms {approximately

8 foot) may be stowed

parallel to OEC spin

axis, allowing imme-

diate spinup clearance.

Mode 1A

1) Fixed radial booms imply

delayed spinup of OEC

until clear of Voyager

envelope to avoid
collision.

Z) Oniy a short (approx-

imately Z to 3 foot) fixed

axial boom can be con-

sidered due to the shroud

envelope constraint.

3) Deployable radial single

hinged booms limited to

4.5 feet.

Mode 1B

l) Support structure weight

increase and inefficient

load path to Voyager

structure.

Z) Larger clearance window

on Voyager bus required.

3) Longer delay in spinup

required to clear Voyager

envelope for fixed radial

booms.

4) Separation force cannot

be aligned with Voyager

cg.

Mode ZA

l} Support structure weight

increase and inefficient

load path to Voyager

structure.

2) Larger clearance window

on Voyager bus required.

3) Longer delay in spinup

required to clear Voyager

envelope for fixed radial
booms.

4) Separation force cannot

be aligned with Voyager

cg.

5) Fixed radial booms

limited to approximately

3 feet by Lander.

Mode ZB

1) Fixed radial booms

limited to maximum

length about 3 feet.

2) Fixed radial booms

imply delayed spinup

of OEC.
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Figure 2-63. Separation Concept

Permitting Immediate Spinup

Capability 9/ith Fixed Length

(5 Foot) Axial Booms

Figure 2-64. Separation Concept

Permitting Immediate Spinup

Capability With Fixed Length

(5 Foot) Radial Booms
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NOTE: PITCH-ROLL AXIS PARALLEL TO ECLIPTIC PLANE

Figure 2-65. Possible OEC--Voyager Separation Geometries

2-108

l

l

I
I

I
I
I
I

I

I
I
I

I
I
l

I

I
I

I



I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

separation. The radial mode of OEC ejection also minimizes the imparted disturbing
impulse of separation on the Voyager.

Two separation concepts are shown in Figures Z-66 and Z-67 which utilize

nonspinning separation of the OEC by means of central cable tiedown and compression

springs on the separation joint periphery. Spring variation, misalignments and lat-

eral loads are key parameters affecting the optimization of such a system.

A system that merits some discussion here is one in which only partial spinup

is imparted to the OEC by the separation system. An analytical treatment of such a

system is given earlier in this section. Conceivably such a system would provide the

separation thrust and some rotational velocity for stability. A simple scheme by

which this might be accomplished is depicted in Figure Z-68. In operation, the OEC

is attached to Voyager by a tiedown cable at point B, causing a reaction at points A

and C. Upon severing the cable, a spring at point C imparts a linear velocity as

well as a rotation to the OEC about its normal spin axis. More complex concepts

are indicated in Figure Z-69 although in application they would pose increased poten-

tial hazards due to the additional mechanisms required. Conceptually this system

would employ a central spring-loaded support tube permanently attached to the

Voyager bus, and by virtue of a helical race on the tube, initiate some small angular

momentum to the capsule while axial motion is induced. For more precise control

of the imparted velocity, a motor-driven system could accurately impart the required

AV in conjunction with the rotational motion desired. By virtue of the extremely

small separation force required for the separation velocity in the case of the co-orbital

system, the component available for initial spinup is considerably reduced, making a

central spring force system questionable (alternate A of Figure Z-69). One of the

advantages of such a system is the centralization along the spin axis of any possible

tipoff inasmuch as they merely impart torque to the OEC while it is "guided" on what

might be called a threaded shaft, in the same manner a nut is spun off a bolt. The

',thread" lead can be selected to provide a range of specific AV's for a given torque.

Confi_uratipn Constraints. The following discussion is pertinent to an OEC

configuration for the co-orbital mission with a single fixed boom mounted along the

spin axis. A number of locations relative to the Voyager bus will satisfy the separa-

tion requirement that the OEC be separated from Voyager with its spin axis near

normal to the ecliptic plane. Figure Z-70 displays five such positions (noted as A

through E) typical of any one quadrant around the Voyager bus peripheral space.

Each position imposes the following constraints that vary for the stowage position
selected:

I) Boom-shroud interference distance (_)

z) Separation distance required for OEC to clear Voyager stowage

envelope (i)

3) Angular clearance around Voyager periphery required (_)

4) Length of support structure required to attach the OEC to the

Voyager bus (h)
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\\_ VOYAGER SPACECRAFT BUS

/OEC SPIN AXIS

,/ _ByWN
/

NDSEPA,AT,ONS_ST_ "_ J

(COMPRESSION)

TO SLIN

Figure 2-68. Conceptual Separation

System With Low Initial Spin Rate

Capability

y OEC SPIN AXIS i

/OEC CENTRAL _

HELIX SLOT _ PIN

_ COMPRESSION SPRING

,ORS,ON -_"_1 I _, . VOYAGERADAP,ER
__ FOR OEC

ALTERNATE A

(SYSTEM INITIATED BY ACTIVATION OF EXPLOSIVE BOLTS

ON TIEDOWN FLANGE ON PERIPHERY OF STRUCTURE BASE.)

_RA. OEC OEC STRUCTURE

SPIN AXiS

TION ADAPTER

SPRING-LOADED LEVER J _ CONTACT BRACKETS

IMPARTS TORQUE TO OEC I

(UPON ATTACHING ' "_ CENTER GUIDE POST AND

FLANGE RELEASE) * LOW HELIX ANGLE SLEEVE

(SIMILAR TO "A" ABOVE)

ALTER'NATE B

• THE LOW HELIX ANGLE IS REQUIRED TO MAINTAIN THE LOW _,V

WHILE PERMITTING A REASONABLE ANGULAR VELOCITY TO BE

DELIVERED FOR ATTITUDE ERROR MINIMIZATION.

Figure 2-69. Partial Spin Induced

Separation Concepts
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_ASLP_'S_ BO"_S.R_D_TER_ERENC_

.d 11_ .O_C,CE"TER_.ROUDENVELOPE
SEPARATION/ II II _ I ^ I i _ iX
D.RECT,ON/ Illll I 4_4\ +_ I _-2f.hE.G.Th_ \

po_,_,o__--,_ C ¼o_o_;_---/ /

_/ VOYAGER NORMAL

.o:L.,._,_NO_o._.0_ _ _o_c_,.s,c_._
i

DISTANCE ANGULAR SPAN REQUIRED

ANGULAR BOOM-SHROUD

OEC POSITION INTERFERENCE

POSITION _, DEGREES _ , P_ET

A 0 1.0

B 30 1.5

C 60 0.8

D 71 0

E 90 -2.0

REQUIRED

TO CLEAR

L, FEET

10.3

7.0

5.2

4.9

4.6

CLEARANCE FOR SUPPORT

REQUIRED STRUCTURE

,8, DEGREES h, INCHES

78 18

48 12

31 10

26 7

21 5

Figure 2-70. Separation Parameters
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The values of the parameters noted are tabulated in Figure 2-70 for the five positions i

indicated. The nominal OEC configuration was assumed to be a 3. 5-foot-diameter l
cylinder 2 feet in height, with a 5-foot boom measured from the OEC center. The op-

timum position is clearly position E where all four of the noted contraints are mini-

mized. It should be noted that utilization o_ a 5-foot (1-i/2 meter) fixed axial boom i

can only be realized within two 38-degree angular bands on Voyager symetrically loca-

ted about the Voyager transverse axis which is normal to the ecliptic. The ratios of

roll to pitch inertia permitting, placement of the OEC on Voyager at Location E could

permit the addition of g feet to the boom and still stay within the shroud envelope. Q
The direction of separation indicated common to all the positions shown per-

mits the separation impulse to be imparted off the OEC center of mass so as to pro- i

vide a small spin rate as well as transverse separation velocity.

Separation Mechanism. Several techniques were investigated that could be em-

ployed to provide the separation function. Of the techniques considered, a simple i

spring force system was selected. A pyrotechnic separation system (such as shaped m
charges) is considered a poor choice for two reasons: 1)the high degree of uncertainty

in alignment associated with the imparted separation impulse and 2)the possibility of i

deleterious effects of fragments and particles that could damage or cause problems for i
sensing devices such as the Canopus tracker on the Voyager. Particles or debris have

in the past caused temporary loss of tracking, as exhibited on the Mariner IV space- m
craft. A third consideration, shock, is an additional factor that would require exten- R

sive evaluation and testing.
i

Although explosive separation devices are available which allow full contain- i

ment of all of the products and debris from separation, the shock problem remains. I
The separation joint contact surfaces could pose potential cold welding problems

as a result of the lengthy (12-month) space environment prior to separation of the OEC •

from Voyager. In a vacuum environment, metal adhesion or cohesion is enhanced for l
conditions typified by high temperature (above 150°C, high surface contact bearing pres-

sure (80 percent of elastic limit), and friction resulting from relative sliding motion of
the surfaces in contact. It has also been found that like metal surfaces bond more read- i

ily than unlike metals (Reference IZ). The design of the OEC separation joint should

therefore avoid design features that would permit these conditions to exist. The preload

bearing at the separation joint can readily be controlled by sizing the mating flange to •

sustain the launch loading environment. Bearing pressures under 500 psi are realizable m
considering a contact ring approximately IZ inches in diameter by I/Z inch wide. The

possibility of high temperature at the joint is remote, and vibrations at the interface i

can be accepted by proper design so as not to create joint friction. Additional precau- l
tion against bonding could be taken by additionally coating the contact surfaces with an
oxide film.

Experiments conducted by Ames Research Laboratory (Reference 13) indicate i

magnesium alloy as one of the materials least susceptible to cold welding even in the
pure metal (oxide-free) contact state. Magnesium should therefore be strongly con-

sidered for the joint interface material. D
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2.4.2 Separation and Spinup Error Analysis

Ideally, the manner in which the OEC's orbit period is changed from that of

Voyager is to add or subtract some small velocity. Figure Z-71 illustrates the

typical geometry of injection. The injection angle _ controls the component of separ-

ation velocity along the orbit velocity vector, AV cos a. In reality, the added com-

ponent parallel to the orbit velocity cannot be controlled perfectly. Errors in the

magnitude of AV and the angle a must be accounted for in providing for the desired

injection parameters. A summary of the sources of errors is as follows:

• Spring errors

® Spring mechanical alignments

_ posltlon uncertainties

Voyager attitude uncertainties

• Command timing errors

Each of these sources in some way influences the value of the injection

velocity component. The variation in the spring characteristics is directly propor-

tional to changes in the magnitude of velocity increment. Misalignments of the spring

mechanism tend to create an initial attitude error of the OEC spin axis.

Launch window errors are due to the latter three sources. The uncertainty

of the Voyager-OEC orbit creates timing errors since the velocity vector is contin-

ually changing direction as well as magnitude. Voyager limit cycle deadband also

yields timing errors. Since the attitude of Voyager is changing, so does the orien-

tation of the OEC separation vector with respect to the orbit velocity vector.

Finally, the execution errors in commanding separation yield inaccuracies in the

launch window. Table 2-9 summarizes these sources of errors along with the worst

case standard deviations. The errors are assumed to be gaussian distributed.

Table 2-9 is representative of the components of the uncertainty at separa-

tion. There are two additional errors that must be interpreted. Both are from the

spinup thrust. One is due to a thrust mismatch while the other is created by jet
misalignments. Both sources are discussed below.

2.4. 2. 1 Spinup Error Analysis

Spinup is to be accomplished by two jets located on the periphery of the OEC

and lying in the center of mass plane, as shown in Figure Z-7Z. Two jets are chosen

to eliminate translational motion at spinup by provision of a pure couple. Because

of the inherent difficulty of matching and mechanically aligning these thrusters, it is

possible that a small translational impulse can be imparted to the OEC. The magni-

tude of the translational velocity increment is related to the thrust level of the spinup
system. Hence, as will be shown, there is a desirable and undesirable level of
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TABLE Z-9. SEPARATION AND SPINUP ERRORS

I

I
I

Source of Error

Spring

Me chanic al

alignments

Orbit position

unc e r tainty

Attitude errors

Timing errors

Value (I sigma)

I0 to Z0_/0 V

+0. 5 degree

!4.degrees

±0.7 degree

Negligible

Comment

Possibly due to thermal

variations over transit

phase

Alignment of OEC AV on

Voyager

For maximum Voyager

position volume + 50 km

Maximum Voyager attitude

error in two axes, deadband

+0.5 degree

50 millisecond error in

execution

I

I

I

I
I
I

thrust can be chosen. This, however, requires that consideration be given to the

minimization of attitude errors which build up over long spinup durations when low

thrust is applied. Curves illustrating both the nutation angle and attitude error

buildup following spinup as a function of the initial tip rates at separation and the

thrust level selected are shown in Figures Z-73 and Z-74. These results, developed

in Section Z. 7, assume a symmetrical OEC (identical transverse moments of inertia)

weighin_ 75 pounds and having spin axis and transverse moments of inertia of 7.5
slug-ft_and 5 sluglft Z respectively. A total impulse of 33 Ib-sec is required to bring

the OEC spin rate up to 60 rpm.

As would be expected, an instantaneous torque impulse would bring the

vehicle up to spin speed with a negligible attitude error but with a nutation error.

Choice of a lower thrust level, which is commensurate with an increase in spinup

time, causes an increase in the attitude errors.

The translational impulse imparted by the mismatch of the spinup jets is

treated in detail along with the thrust level selection in the sections to follow.

Z. 4. Z. Z Translational Effects of Spinup

The presence of a slight mismatch in jet thrust and of misalignments peculiar

to the mounting of the jets provides a differential thrust effect, and hence the desir-

able pure couple no longer exists. To analyze the ensuing motion, the jet thrust

can be treated as the equivalent to a pair of equal and oppositely directed forces

Z-l16

I
I
I
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whose lines of action are separated by a distance providing a pure couple inducing

rotation and a force through the center of mass providing a translational effect, as

shown in Figure Z-75.

As the thrust is applied over time, the direction of translation will vary.

The vector equation representing the translational force is given by

m _ m

6F = 6F + 6F
x y

: KF [cos OeAx + sin O_y]

(2-I16)

I

I

where

5F
X

6F
Y

= component of force in x-direction

= component of force in y-direction

I
I

I
I

F = total spinup force, assumed constant

K = percentage mismatch between pair of thrustors

0 = angular direction of translation

_x' _ = unit vectors in the x-and y-directionsY

The force can be written in terms of the velocity as

(z-l17)

I

I
I

I

Solving for the velocity and integrating

t

_'V't = M ._ 6"_ dt (Z-l18)

where the loss of mass due to spinup is assumed to be negligible in comparison to

the overall system mass and is treated outside of the integral as a constant. The

upper limit of integration represents the total interval of time over which spinup

occurs.

Substitution of Equation Z-l16 into Equation 2-I18 leads to the expression

i _'Vt KF /f( c-_ o os OeAx

I
+ sin 0_y) dt (Z-119)

I Z-If7

I
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Solution of this integral requires a relationship for the direction of

translation force as a function of time. This is provided by the torque equation

where

T = applied torque (F) (_)

I = moment of inertia about spin axis

T = I_ (Z-lZ0)

I

I
I
I

I

0"= angular acceleration of body about spin axis

Substituting for torque and assuming a constant thrust spinup

T = F_ (Z-iZ1)

and rewriting in terms of body acceleration

b- F_
I (Z-lZZ)

Integrating Equation 2-1ZZ twice and setting the integration constants to zero

(assuming quiescent initial conditions) yields

0 = 1/2. F____ tZ (Z-IZ3)
I

I

I

Recognizing that the term inside the parenthesis is just the acceleration,

Equation Z-123 can be rewritten as

0 = 1/Z0't z (Z-IZ4)

Now that the angular position of the body is known as a function of time, it
can be substituted into Equation Z-ll9. Therefore

!
I _-Vt =-'_ o/f {cos z0"t z _k + sin ½0"t Z @y}dt

and by arranging the integral into a more desirable form

I i l A

I = o _t

(z-iz5)

(Z-126)

I

I

I
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By the change in variable

I

I

Equation 2- 126 is

du = _tdt i
I

rewritten as

tlcounu01 i_t--x/_-Mfo _- @x+_ du (z-lz31

where the coefficients preceding the integral are the assumed constants of the

system.

The form of the argument inside the integral is recognized as that of the

well known Fresnel integral. This is a definite integral, evaluated over the interval

zero to infinity, and has as its solution

oo

f co=udu_o
(Z-lZ8)

OO

/ sinu=uSo
Although the Fresnel integral ranges over infinity, the steady state amplitude

of its solution is reached almost instantaneously and the transient position averages out

after just a few cycles (a digital simulation confirms these results). Thus its solu-

tion can be admitted as the solution to Equation Z-IZ7, where the spinup time is long

compared to the transient decay.

Substitution into Equation Z-IZ7 provides the vector solution

=-i= I_t- _[V_ _e _y (z__29)
and the magnitude of the velocity due to the mismatched spinup jets is given by

KFVq (z-130)

Substitution for g by a combination of Equations 2-1ZO and Z-lZl finally yields

_vt --\_,/-_/_ I_-_

I
I
I

I
I

I
I
I
I

I
I

I
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The parameters within the parenthesis can be expressed in terms of known

OEC parameters chosen to maximize this error. For example:

M = Z. 8 slugs (minimum value)

I = 7. 5 slug-ft Z

= I. 5 foot

SO

6V t : K/F (Z-13Z)

Now Equation Z-13Z can be represented parametrically in terms of the thrust

level assigned for spinup and the percentage mismatch, K. Figure Z-76 illustrates

L_ range of velocity added t_'_n_ver,_e to the spin axis as a function of these

parameters.

To complete the analyses, the results must be related to the attitude errors

caused by spinup and shown in Figure Z-74. A combination of the results shown in

Figures Z-74 and Z-76 produces a curve (Figure Z-77) of transverse velocity versus

attitude error for the range of expected tipoff errors, thrust mismatch, and thrust

levels. The information in the figure indicates that, for example, if it is desired

to maintain spinup attitude errors below 1.0 degree, and if the OEC were separated

from Voyager with a rate of 0. l deg/sec, then a 5 percent mismatch of the jet

thrust would yield a transverse velocity of approximately 0.0ZZ fps for a thrust

level of 130 millipounds.

The question, of course, is what is the criterion for selection of the thrust

level. Certainly minimization of attitude errors is important. However, the effect

of this transverse velocity increment must be determined in order to ascertain

the acceptable level of _V for the mission.

Studies in Section Z.3 discuss the desirability of controlling the OEC's

separation distance from Voyager. This is accomplished by selection of the injec-

tion time or position in orbit for which the orientation of the separation velocity

increment, AV, has a predetermined magnitude component along the orbit velocity

vector. It is this component which controls the range of the OEC as a function of

time. Because of the critical nature of this parameter, it must be assured that a

spinup, the orbital velocity of the OEC will not be altered.

Figure 2-78 shows an assumed orientation of OEC at spinup assuming no

attitude errors present. The angle 0_lies between the orbital velocity vector V o

and the separation velocity AV. If the AV direction and the spin axis of OEC are

coincident, then the spinup translational velocity is applied normal to the separation

2-121
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l vector. The critical component along the velocity vector is given by

! '_V t = 6V t sinot

I
I

I
I

I
I
I

I

This equation assumes:

l • Separation AV is applied ideally.

• Over the spinup interval, the angle01 essentially remains constant.

In the worst case, the translational effect either decreases OEC's orbital

velocity and increases the probability of collision .... or thls effect

increases the velocity to the point that mission lifetime is affected.

Several important factors can be pointed out. First, the angle awill never be

chosen greater than some 80 _,_r,._s,_...... ........_I_I_ s largely due to the collision constraint,
which will be discussed in the ensuing sections. Second, the translation effect could

be oriented out of the orbit plane as well as in it and hence would do no more than

slightly rotate the orbit plane or provide a negligible change in inclination.

The solution to the problem of spinup translation is not in whether or not the

phenomenon can be better defined but rather what reduction in error can be made by
a decrease in the spinup thrust. Since the range of thrust levels are all within the

scope of present OEC propulsion system design, selection of small thrust, along with

a slight increase in attitude error reduces the translational velocity error. Thrust

levels of approximately 130 millipounds are reasonable values.

The types of spinup propulsion system considered in this study are categorized

as pressure regulated or pressure blowdown gas systems. The constant thrust analy-

sis presented here is appropriate for the regulated system design. Additional studies

were required to define the equivalent effects of a blowdown system. A digital simula-

tion of the spinup equations for a pressure blowdown system was modeled. The objec-
tive was to define the relationship between constant thrust and blowdown thrust in

terms of the translational velocity imparted. The following assumptions were made:

I

I
I
I

l) A total impulse of 33 Ib-sec is required.

z) An initial thrust decaying exponentially to a zero level and providing a

spin of 60 rpm is selected as a blowdown model.

3) The translational velocity due to a blowdown system is equated to a pres-

sure regulated system to define an equivalent constant thrust.

The results of this study are illustrated in Figure Z-79. Note that up to

thrusts of 3 pounds, the blowdown and pressure regulated systems generate similar

magnitudes of translational velocity. At increased levels of constant thrust, an initial

blowdown thrust up to Z5 percent greater than the constant case is required to produce

the same velocity error.

I For the 130 millipoundthrust selected, an equivalent blowdown initial thrust

of_130 millipounds is specified.

I
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2.4.2.3 Effects of Spinup Thrust Misalignment

Another source of error in the OEC orbital period is associated with the

misalignment of the spinup jets. The following parameters represent typical

mechanical alignment tolerances of the spinup jets:

Angular misalignment of nozzle in thrust plane: <0.5 degree

Angular misalignment of nozzle out of thrust plane: <0.5 degree

Nozzle position mismatch: <0.06 inch

As shown in Figure 2-80, the angular misalignment out of the cm plane is the

important component. The other components affect spin speed and as such are not
of interest here.

The expression that represents the added velocity due to an out of plane mis-

alignment is developed from the conservation of linear momentum equation

M5 V

Ft - a (2-133)
sin

where

F = total force applied by one jet

t = period over which spinup occurs

M

5V
a

E

= OEC mass

= added velocity along spin axis due to misalignment jet

= angular misalignment

In terms of the added velocity

5V = F_t_tsin e (Z- 134)
a M

and for the small angles expected,

Ft_

_v =_ (z-135)
a M

Figure 2-81 illustrates the induced 6V a as a function of jet misalignment.
The resulting velocity may be bounded in direction by recognizing that

l) If the offsets of the two nozzles are in opposite directions, they null

out one another.
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2.) If the jets are biased in the same direction,

given by

2F_

6V -
a M

then Equation 2-135 is

(2-136)

and either of two extremes could occur:

a) Offset is directed along the separation vector and in phase,

adding to the AV at separation.

b) Offset is directed along the separation vector and in the

opposite direction of separation, slowing the vehicle.

The velocity increment, 6Va, must be resolved through_, the angle

between the orbit velocity and separation velocity, as shown in Figure 2-82,

determine the effect on the OEC separation. Therefore

to

6V' _V= cos a, _-_-j
a a

The influence of this error on the separation phase of the OEC mission is treated

in the sections to follow.

Typical alignment errors could be as great as 0. 5 degree; however, pre-

cision procedures could probably control this source of error to 0. l degree.

2.4.2.4 Separation Window

The preceding sections treated errors characteristic of the separation

device. In discussing the actual separation, it is recognized that other errors

must be considered.

In order to successfully perform the co-orbital mission, the component of

the separation velocity along the orbital velocity vector must be controlled. As

nxentioned earlier, the angle (_between the separation vector and orbital velocity

vector must be properly selected to establish a launch window. It is the selection

of (_which fixes the parallel component of velocity increment through the equation

AV =AV cos (_ (2-138)
P

where

_V = separation velocity

_TF

Ztk
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Figure 2-80. Effect of Spinup Jet
Misalignment at Spinup
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and

F = separation force

t =time separation force acts

k = spring constant

so that the parallel component of velocity is

AV _ F
P = "_ cos c_ (2-139)

Several important factors are associated with relating this equation to the

launch window. The spring characteristics alter AV, but timing errors in execu-

tion of the separationcominand and ......_+_a_,_y_+'r i,_,_ OEC pos_t_n.......... _nd attitude tend
to increase the uncertainity of oz.

There are two approaches to a separation window error analysis. The

first method investigates the sensitivity of _by measuring the equivalent error

in the timing or application of the separation command. The second defines

each of the component errors which combine in a probabilistic fashion to give

AV a bound in accuracy. The latter technique is presented in the following
discus sion.

The underlying assumptions applied in studying the launch window are

based on results presented in Section 2.3. Necessary groundwork is presented
here for additional clarification.

Figure 2-46 illustrated the relationship for a typical Voyager-OEC orbit

prior to separation. A I0, 000 km apoapsis-- 1000 km periapsis orbit is used in

the ensuing discussion. Several pertinent parameters are shown in Figure 2-28 ;

the reference orbit plane and velocity vector, the OEC AV (which is fixed to

Voyager and over the period for which separation could occur is assumed iner-

tially fixed), and the orbit plane. The angleoz lies between the applied AV and

the orbital velocity vector and represents the variable of the separation window.

Selection of the maximum co-orbital OEC range requires fixing AVp and is
accomplished by proper timing in the orbit to yield the desired _.

The angle oz is constrained by the following relationship:

0 <or---180 -0

which infers that it is possible to choose a value for ozand geometrically select

two positions in the orbit for which this value occurs, the first point at Oand the
later at 180 - @.
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In considering all possible values ofoz, first let e =0 degree. As shown in
Figure 2-46, the separation vector AV then lies in the orbit plane and O_varies

through a full revolution. Now the relationship between the orbit true anomaly and
the angles @ and ot can be observed. As shown,

where

v = true anomaly

7 = flight path angle of orbit velocity with respect to local horizontal

The angles v and Tare functions of the particular orbit and for the range

of Voyager orbits are illustrated in Figure 2-28. To determine the range of
that is within the extremes of the collision constraint and the maxim.urn_ commu-

nication range constraint, the criteria for selection of _ must be reviewed.

To preclude collision, it was shown in Section Z. 3 that a nominal safety

margin in passage of OEC and Voyager after the first orbit of 560 feet would be

guaranteed. This assumed a velocity increment of 0. 1 fps and a 10-degree dis-

placement from the critical 90-degree separation angle and did not account for

separation errors. In the following discussions, additional margin is included

and a minimum relative range of 1000 feet is assumed. Hence it can be assumed

that _ will be no greater than 80 degrees, and the minimum allowable separation

velocity is

AV = 0. l cos 80 ° = 0. 017 fps
P

If 0.017 fps is the minimum allowed parallel velocity component, a curve can be

constructed of all possible separation velocity magnitudes, applied at different

points in the orbit that yield the identical value of velocity in the orbit plane.

For an error-free separation, the results in Figure 2-83 identify the non-

collision constraint on_. In the next section, the inclusion of deviations from

the nominal will be discussed.

A summary of the expected separation-spinup errors is presented in

Table Z-10 so that the separation velocity that meets all of the requirements

stipulated can be selected.

2.4. 2. 5 Error Sensitivity

A model representing the combined effects of the contributing sources of

errors is formulated below. There are two identifiable modes of the separation

sequence. Two sources are due to the uncertainties of the injection parameters,

whereas an additional two are functions of the spinup phase.
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TABLE 2-10. SUMMARY OF EXPECTED SEPARATION-SPINUP ERRORS

I

I

I
Error Source Error Value (3o-)

Voyager OEC position in orbit

Voyager attitude

Separation execution errors

Separation system transverse misalignment

Separation system angular misalignment

+50 km spherical volume

+0.5 degree per axis

50 milliseconds

1/16 inch

0.5 degree

Spring impulse error

Spring constant

Spring side force

Spinup thrust mismatch

Angular misalignment of nozzle thrust plane

Angular misalignment of nozzle out of thrust plane

Nozzle position mismatch

10 percent AV

150 lb/ft

Negligible

5 percent

-<0. 5 degree

-<0.5 degree

-<0.06 inch

The separation function is given by

I

I

I

I

I

I

I

I
g(AV, 0z) = AV cosoz (2-140)

where

AV = fixed velocity increment

Oz = nominal injection angle

Errors in _V and orate accounted for by determining the variance about the

desired function g(AV, oz). Expanding in a Taylor series about the nominal, taking

expected values, and determining second order moments neglecting higher order
terms gives

2 2

~ og _ (2-141)2 +/ag_ +2(g-av _ 11g(Av, o_) - _2o \_'&/ _o2

where
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I

I P'20 E(AvZ) E( av)Z 2
= - = (_AV = Variance (AV)

_02 E(cos a) E(cos a)2 2= - =(T =Variance (cos 01)
cos 01

I

I

_Ii = E(AV, cos o_) - E(AV) E(cos 0t)=Covariance

Assuming that the random variables are independent and uncorrelated,

E( AV, cos 01)= E(AV) E(cos o_)

I

I
I

s o that

Hence

where

O" =

g(Av; _) ¢2o +_,_] Uoz (2- 14Z)

I

I
I
I

I
I

I
I

and

Therefore

8g
----COS Q'

8AV

8g = - AV sin_
8a

= 6V 2
_20

2
_02 = 6_

2 =(cos 2a) 6V 2 +(AV 2 sin 2 0t) 6a2
g(Av,:a)

(2-143)

In a like fashion, the errors associated with the spinup can be determined
and combined with those above. The two contributing sources are

g(V t, _) =V t sin 0t

and (2-144)

g{Va,a}_. =V cos ota

I

I
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The Taylor series expansion leads to the following expression in terms of
the variances:

Z
(Y (Va, Vt,oL) =(sinoz) Z 6VtZ +(cos o_)Z 6VZa +(-Vt cos oz)Z 6_2+(V a sin oz)2 _ 2

where

6Vt Z = variance of translational spinup velocity

6VaZ = variance of axial spinup velocity

6a Z = variance in injection angle

V t = nominal value of translational velocity

V = nominal value of axial velocity
a

The nominal values of V t and V a are of course zero since these parameters

stem from errors in the spinup thrust mismatch and alignment, which ideally are

perfect. Therefore

2(Va' Vt' oz) = (sin 2 oz) 6V + (c°s2 _) 6VZa (Z-145)

Combining Equations 2-143 and 2-144, the total variance is given as

Z 2 (2-146)
_VZp =_g(AV,0l) +a (Va, Vt, o_)

or

2 [5 + 6V_]÷sin 012 [AV2 6 2 + 6V_] (2-147)
6V z = cos ff V z

P

Interpretation of Equation 2-147 requires that a Set of ground rules be

adopted:

• Assume that the errors about the nominal have 3 sigma statistics.

Linearly adding these errors to the nominal value yields a maxi-

mum parallel velocity increment

Linearly subtracting these errors yields a minimum parallel velocity

increment

Z- 13Z
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Summarizing

AV = AV coso_:t:3 fiV (2-148)
P P

The objective of this analysis is to determine the minimum and maximum

range between Voyager and OEC due to the various errors. By substitution of the

error sources given in Table Z-10 into Equation 2-148, the error laden velocity

increment is measured. The actual distance OEG travels on a per orbit basis or

in the 6-month mission is obtained by observing the following orbit related

expression.

The per orbit separation range of the Voyager and OEC is a function of

the characteristic orbital parameters given by

3Pa V 2

6S = o AV
P

{2-149)

where

P = orbital period

a = orbit semimajor axis

V
o

AV
P

= orbital velocity

= gravitational constant of Mars,

z

parallel component of velocity

0.428 x 105 km3
2

sec

Based upon results discussed in Section 2.3, the worst case point of injec-
tion in the orbit occurs at a true anomaly of 75 degrees. At this point the charac-

teristic orbit parameters for the 10,000 km x 1000 km orbit is

V = 3.3 km/sec
o

P = 7 hours

a = 8900 km

and

6S = I. 7 x 102 AV (km/orbit) (3(r)
P

(2-150)

The maximum distance of separation for the 6 months is

6S = 1.04 x 105 AV (km)(3o')
max p

for AV inm/sec.
P

(2-151)
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These equations along with Equation 2-148 form the basis for the

establishment of the lower and upper bounds on range and the selection of the
appropriate velocity increment and nominal launch window.

Substitution of the errors into Equations 2-150 and 2-151 produces the

numerical results shown in Figure 2-84. Both maximum and minimum values

are shown. To prevent collision, a constraint on the first orbit passage for OEC

and Voyager to 1000 feet (0.33 kin) was assumed. This is proportional to 200 km

at the completion of 6 months in orbit. The maximum range has a softer con-

straint, although the communication range is limited, and distances less than

4000 km are desirable. Crossplotting these results as a function of the nominal

injection angle and AV (Figure 2-85) illustrates the bounded nature of the nominal

launch window. An upper bound of 3500 km is assumed for purpose of discussion.

A decrease in the window is apparent if lower maximum ranges are taken.

Figure 2-86 summarizes the details graphically. There is an optimum selection

of separation velocity increment such that a maximum window can be achieved.

This point varies depending on the maximum range constraint. For the separa-

tion ranges desired, the AV is in the vicinity of 0. 1 fps. Assuming 6Sma x =
3500 kin, the choice of AV is 0.073 fps. However, selection of a AV requires

consideration be given to the spring mechanism design. There is no analytical

reason why AV =0.073 fps cannot be chosen, but by relieving the requirements

of the spring design and selecting a slightly larger AV of, say, 0. l fps, the prac-

tical limitations of designing such a device are decreased. The window for 0. 073

fps is a total 33 degrees. There is a 5-degree decrease to 28 degrees for

AV =0. 1 fps. Note also that by decreasing the maximum constraint, the optimum

point shifts closer toward larger magnitudes of velocity.

The question of what size window is reasonable with respect to an opera-

tional system can best be answered by reflecting back on the results in Section Z.3.

The constraints on the injection angle _are

0 --- o_-< 180 -0

For a AV =0. 1 fps, 40 < 0__< 70 degrees from Figure 2-85. Thus the mini-

mum value of e, the angle betwen the AV orientation and Voyager and the orbit

plane, is

8mi n =40 degrees

and the range of possible _is

40 < _ < 140 degrees

Restricting _ <70 degrees as per the error analysis, there are two regimes
of available window:

40< aI <70 degrees (increase OEC orbit velocity)

II0 -<a 2 < 140 degrees (decrease OEC orbit velocity)

These results are illustrated in a simple example.
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Assume that OEC is mounted on Voyager so that the direction of separation

makes an angle of at least 40 degrees to the chosen orbit plane, as shown in Fig-

ure 2-87. As Voyager orbits Mars, the injection angle o_, which is equal to

40 degrees at the assumed initial position of periapsis, increases. The first pos-

sible launch window exists from periapsis where o_=40 degrees to point 2 in the

orbit where o_=70 degrees. During this time the OEC's orbit period can be made

greater than Voyager's. Between 70 and ll0 degrees, there is no window because

of the collision constraint imposed. However, at ll0 degrees the window reopens

and the OEC orbit period can now be made smaller than Voyager's period. This

window remains open up to the time when OEC reaches apoapsis, and 01= 140

degrees. After passing apoapsis, the ability to adjust the period is repeated.

However, this time the increase of OEC period occurs near apoapsis where

140 < _ < ll0 degrees.

Obviously the errors propagate faster near periapsis because of the higher

orbital velocity. This error analysis is based on these larger errors. By inject-

ing near apoapsis, a decrease in the error is possible. Since orbit velocity

decreases by some 60 percent, it is expected that a similar decrease in range

occurs. Hence, the launch window will actually be of greater dimension at injec-

tions near apoapsis.

Sensitivity to Errors. The prior results are based on a set of errors that
appear to be representative of a worst case. A study of Equation 2-147 indicates

several important facts:

l) The error in velocity is not very sensitive to components proportional

to AV or to the launch window error. The uncertainties in spinup

thrust and alignment have a greater weighting on the errors.

Z) The largest source of uncertainty is the axial velocity increment.

3) Reduction of this error by careful alignment of the jets decreases

the total error in velocity and increases the launch window.

4) Decreasing 6V a increases the sensitivity to the errors proportional

to AV, but the net effect is reduced since 6V a is smaller.

2.4. 3 V,oyager-OEC Perturbation Study

Provision for a fail-safe separation is of major concern to the success of the

OEC mission. The kinematics associated with this phase of mission operation was

treated in the previous section. These studies assumed that the Voyager bus was an

inertially fixed platform and the OEC attitude errors were due to misalignment of

the separation device and spinup jets as well as differential thrust.

In this section, the steady-state operation of the Voyager bus in orbit about

Mars is discussed, and both the perturbing forces of ejection of the OEC and

reaction to perturbation induced in the separation phase are studied.

Z-135

I



4000

30OO

q
2000

Z

O

a

i

2
Z

Z
O

Z

1000

200

INJECTION

ANGLE, o,, (deg) = 0

3O

MAXIMUM

SEPARATI ON

DISTANCE (3o")J

60

75

90

FIRST ORBIT COLLISION

CONSTRAINT
Illlflllll/I/lll//I/lllllll

//

_i!i!iiiiiiiiiiiiiiii_iiiiiiiiiiiiiiiiiiii_ii!iiiiiil/il;i;i

z_!!!iiiiii

iiiiiiiliiiiiiiiiiiiiiiii!i!!i!ilili!iii!!ili!iiiiiiiili!iiiiiiiiiiiiiilili

0 0.05 0.10

SEPARATION VELOCITY MAGNITUDE - I_V I , FEET PER SECOND

Figure 2-84.

Function of injection Errors

40

3O

Separation Distance as

I

90 ORBIT: 10)oookm X 1000 km I

iNJECTION: u : 75 ° f I

80 2000 km _

lAUNCH ///_ km/ /

W'NDOWb_'--J / / "¢' I

z I I / _ / _' 40001 / I

_,o / ,K_,//"..z

// i

0.15 0 SEPARATION VELOCITY MAGNITUDE - l AV I ," FEET PER SECOND " I

.S

Figure 2-85. Worst-Case OEC

Separation Launch Windows I

u = 75 °

. ORBIT VELOCI ECTOR V_o I

2O

10,000 km X 1000 km

®

MINIMUM

SEPARATION

VELOCITY

I0

ALLOWED

ORRIT:

INJECTION:

__ TYPICA_I _

- UPPER BOUND

E

O0 k_m

0.05 0.10

SEPARATION VELOCITY MAGNITUDE - JAVI, FEET PER SECOND

Figure 2-86. Typical OEC Injection
Window

Figure 2-87. Typical Launch

Window Characteristics I

Z-136
I

I



I
i

I
I

I

I
I
I

I
I
I
I

I

I
I

I

I
I
I

2.4. 3. 1 Voyager Attitude Control

The Voyager attitude control concept proposed by each of the three present

spacecraft design contractors provides operation in a limit cycle mode during the
heliocentric cruise and Mars orbital phases.

The control system consists of: optical sensors (Sun sensors in pitch and

yaw and Canopus sensor in roll) to determine attitude deviations from the refer-

ences, gyroscopes which provide rate signals during acquisition of references and

position signals during maneuvers, and electronic circuitry which processes the

sensor signals to operate the appropriate solenoid valves of the gas jet subsystem.

Two operational phases of the Voyager spacecraft mission are of interest

for the OEC mission. The predominant factor which establishes the separation

initial conditions is the steady-state cruise limit cycle. The inertial mode, which

provides Voyager the capability to reorient to any attitude, is of importance

because it can be used to orient the OEC in a preferred direction at separation,
but is not otherwise treated here.

Because of the near absence of disturbances in space, the optimum method
by which active three-axis controlled spacecraft maintain a desired orientation is

by application of the on-off reaction control system. The efficiency of the charac-

teristic limit-cycle of this subsystem determines to a large extent the fuel required
for the attitude control of the spacecraft. Typically, the cruise attitude control

limit-cycle is designed to optimize jet on to off times or to minimize the fuel

expended.

For purposes of illustration, the parameters associated with the GE

Voyager spacecraft are used in the ensuing discussion. It is apparent that the

other two Voyager configurations should be of approximately the same design in

the limit cycle phase because of the similarity in control system design.

The limit cycle is characterized by the attitude deadband and the rate

increment. Table 2-II presents some of the pertinent characteristics of the GE

system.

TABLE 2-Ii. TYPICAL VOYAGER LIMIT-CYCLE PARAMETERS

,m,,

Angular deadband

Rate increment

Control acceleration

Valve minimum on time

±8.0 milliradians

-6
±3.4 x I0 rad/sec

2
±0.225 mr/sec

30 milliseconds
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2.4.3.2 Effect of Limit Cycle on OEC Separation

Prior assumptions stated that perturbing effects of the Voyager limit cycle

were negligible and that the spacecraft was essentially a stable platform for OEC

at separation.
determined.

to the location of the OEC, the velocity is

where

and

To illustrate, the AV imparted to the OEC by the limit cycling is

Assuming a l meter moment arm from the center of mass of Voyager

AV = _A0

= moment arm = 1 meter

A0= rate increment = 3.4 x I0

-6
AV = 3.4 x l0 m/sec

This velocity is about four orders of magnitude smaller than the expected

separation velocity of approximately 0. 03 m/sec (0. 1 fps) and is negligible.
the attitude of OEC will not be affected by the motion of the Voyager spacecraft

steady- state operation.

2.4.3.3 OEC Induced Perturbations on Voyager

The Voyager limit cycle period is approximately 1.3 hours.

that this period exists about each of the axes and that a control pulse occurs when-

ever the deadband is reached. As mentioned above,

are designed to minimize fuel expenditure and still provide necessary attitude accu-

racies by controlling the spacecraft to point to the Sun and Canopus.

Separation of the OEC from Voyager will not cause a break of lock with the

celestial references but will perturb the Voyager from its nominal attitude.

sensor fields of view are sufficiently large to provide continuous signals to the

control system. Table 2-12 gives the typical sensor characteristics for the GE

configuration and is expected to be very similar to the

The torque impulse applied to the spacecraft induces an instantaneous
rate error

where

T D

t

I
I

I
I
I

I
-6 rad/sec I

I
l_ ,nitl le _,

_e (0. fp Hence,: _tio: of I

.i I
rc :im_ eiy It is assumed I
_r [ th_ a, o,:c rs when-

_L] _ve, the iimit cycle characteristics

L :ill r de ne :e.¢ sa :y ;.ttitude accu
: _e E _ld Ca: opls, I

,[: not i _e a b "ee k ,f 1 _ck with the

I_' r fr 1 s non im 1 _tti ude. The I
9 ovic catinu_ as si_ nas to the
s nso _ racte -is :ic3 f_ r the GE

;L to t Boeing or TRW sensors. I

'.e raft

TDt I

D: (2-1s3 I

= disturbance torque (separation force =0.91 kg)

= separation period - 0. 3 second
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TABLE 2-12. SENSOR FIELDS OF VIEW AND ACCURACIES

Sun Sensor

C anopus Sensor

Instantaneous

Slewing

Roll

Pitch

Field of View,

degrees

15

4

2

15

Linear Range,

degrees

IV
2

= maximum moment of inertia = 5450 kg-m

and

D = 0.49 mr/sec

The position error is less than 1 percent of the deadband

(T:)OD = 1/2 t2 = 1/2 0t = 0. 0735 milliradian

and is negligible.

The rate error is measured about the Voyager axis where the disturbance

occurs, and a closed loop control signal is initiated to pulse the proper jet. The

error is removed by the control torque in about 2 seconds and the Voyager resumes

steady- state operation.

There are two additional perturbative effects on Voyager that deserve con-
sideration. First is the translational acceleration added at separation, and sec-

ond is the decrease in Voyager moments of inertia at separation. Reference 1

establishes the constraints on the allowable perturbations induced on the Voyager
spacecraft. In particular, the (unpredictable) translational accelerations shall
not exceed an average value of 0.6 x 10 -7 cm/sec 2 over the mission. In terms

of the distance traveled over a 6-month period, this corresponds to an average

velocity of 0.95 cm/sec. Assuming a separation velocity of 3. 1 cm/sec imparted
to the OEC, the acceleration imparted to translate the Voyager is equivalent to a

velocity of about 0. 13 cm/sec. The Voyager bus is assumed to weigh 1365 kg.
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Separation of the OEC from Voyager changes the inertia properties of the
spacecraft. This couples into the efficiency of the control system operation.
Results from GE Voyager design indicate that the decrease in principal moments
of inertia due to the capsule-Lander separation has a negligible effect on limit
cycle operation. Hence, it is assumed that OEC, which weighs less than 5 per-
cent of the capsule-Lander will not degrade Voyager steady-state operation.
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2.5 ATTITUDE AND ORBIT DETERMINATION

The process of attitude and orbit determination plays an extremely

important role in the OEC mission. Data assessment requires knowledge of each of

these parameters. For this reason, the sensors necessary to measure both attitude

and orbit are discussed in this section rather than in the attitude control section.

The basic OEC accuracy requirements are presented followed by an in-depth

discussion of the expected geometry and capability to resolve ambiguities in meas-

uring spin axis attitude and orbit position.

Techniques for establishing the attitude and orbit are presented in

Sections 2.5.4 and 2.5.5 These methods are representative of possible computa-

tional algorithms which estimate the attitude and orbit parameters based on

smoothing of the sensor observations. The schemes presented here are a result

of two independent studies and in actuality should be combined into a single opera-

tional concept.

2.5.1 Requirements for Attitude and Orbit Determination

The OEC accuracy requirements are generated from both the experiment

objective of defining the Mars magnetosphere and the accuracies of the experiments.

These requirements are interpreted in terms of provisions for accurate relative

position determination to the Mar s orbit as well as vehicle attitude determination

for the observed data. Table 2-13 summarizes the requirements for the OEC spe-

cified by Ames Research Center (Reference 14).

The process of attitude determination requires a precise fix of the OEC spin

axis in inertial space. This can be accomplished by referencing the spin axis to any

of a number of celestial objects. Ideally, a minimum of two objects is necessary to

completely specify the attitude of a satellite. The position can be determined with

the addition of some form of range measurement

TABLE 2-13. OEC ATTITUDE AND ORBIT DETERMINATION REQUIREMENTS

I
I

I

Knowledge of spin axis attitude

Knowledge of attitude to sun

Knowledge of orbit position

<.ll. 0 degree (3u)

<±0. ?-5 degree (3_)

<+100 km (3u) apoapsis

<_+20 km (3u) periapsis

i

i
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The energy emanating from a celestial body can be detected by sensitive

measuring instruments. The optics, fields of view, and other characteristic param-

eters of these sensors are predicated on the energy source selected and the particular

sensor application. The latter plays an extremely important part in the choice of

sensors. Requirements on a sensor operating from a spinning satellite are quite

different from celestial tracking sensors such as those used on the Voyager bus.
When applied on a spin stabilized satellite such as OEC, the sensor will view the

particular source for a short time interval during the satellite spin cycle as the
object passes through the sensor field of view.

The available celestial objects for attitude measurement include:

• Sun

• Planets (Mars)

• Stars

Both the Sun and the stars can be treated as point sources, whereas the planets

angular subtense varies as function of closeness to the particular planet. The

application of a planet sensor has different design requirements as a function of its

particular environment. At Mars distances, the earth appears as a small point

to a sensor, but the planet Mars has a large disc when viewed from a Mars orbit.

Orbit determination can be effected by several means. For the OEC mission,

there are both direct and indirect methods. The direct method requires the inclu-

sion of a transponder on the capsule for deep space tracking from Earth. Range
and rate measurements via the Deep Space Net (DSN) can provide an accurate

orbit prediction similar to the accuracies of the Voyager orbit. Position can also

be indirectly determined by ranging from the Voyager bus with the data transmitted

to Earth. Finally it is possible to determine position autonomously. The OEC's

orbit can be established by combining planet sensor information with the spin rate
and the IR disc characteristics of Mars.

The first two of the above methods of specifying OEC position requires the
addition of a transponder for the basic determination scheme. The last method

indicates that it is possible to use only two devices -- Sun sensor and horizon sensor --
to completely identify the orbit as well as the attitude.

2.5.2 Geometry

Conceptually, attitude and position can each be found independently, since

three independent attitude measurements generally specify inertial orientation

and three independent range measurements generally specify position. In analyzing

the OEC mission geometry it will be shown how the problems of orbit determination
and attitude determination can be interrelated.
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Suppose that the position of the OEC is known; then the attitude can be

defined uniquely by Sun and Mars angles. The elevation of the Sun with respect

to the vehicular equator of the OEC specifies a conical locus of possible orienta-

tions, as shown in Figure 2-88. A similar conical locus is specified by the eleva-

tion of Mars and the attitude must be one of the two intersection lines of the two cones,
as shown in Figure 2-89. The azimuthal difference between the Mars and Sun

lines of sight specifies which of the two, as indicated in Figure 2-90, for a partic-
ular situation.

Conversely, suppose that the attitude of the OEC is known. The Martian and

solar elevation angles each specify a conical locus of possible positions for the

OEC; the intersection of the two cones specifies a curve of possible positions (see

Figure 2-91). Once again, the azimuthal difference is used as the final piece of

information, this time to fix the position of the OEC.

What if neither the position nor the attitude is known? Then, line-of-sight

measurements provide the orientation of the spin axis with respect to a plane con-

taining Mars and the Sun, but do not specify the plane (see Figure 2-92). In any

such plane, there is a locus of possible positions given by the Sun-OEC-Mars

angle as shown in Figure 2-93. The locus of all possible OEC positions is then the

surface obtained by rotating the curve in the plane about the Sun-Mars line as

shown in Figure 2-94. Given the altitude of the OEC above Mars implies a spher-

ical locus of positions about Mars; the intersection of the surface in Figure 2-94

with the sphere provides a circular locus of positions as shown in the Figure.

The circular locus of possible OEC positions is centered on the Mars-Sun line, due

to the nature of the angular references used. With each possible position on the

locus, there is associated a particular OEC attitude, as indicated in Figure 2-94.

Thus the uncertainty is not in position alone, but an uncertainty between "coordi-

nated position-attitude pairs. "

One further datum yielding either position or attitude will uniquely specify
the OEG position and attitude. Various additional sources of data can be identified

which will complete the specification: range or range rate from Voyager to OEC,

an additional attitude reference provided by a star sensor, or accurate range rate

to earth via the DSN. All of these are feasible and, as will be seen, will definitely
be required to achieve orbit position determination accuracies of the order of 5 to

20 km_'. _ or better. It is, however, of some interest to consider the case (co-orbiter

mission) where no additional data is used and to discover the expected accuracy of

orbit and attitude determination in that case. For this purpose some of the numer-
ical results to be derived in succeeding sections will be used.

It might appear that the various possible OEC positions (on the circular

locus) would be sorted out by data taken over a sequence of positions as OEC

r_rbits Mars. Some reflection on the symmetries of the "uncertainty locus,"

;:'_Forthe case where OEC forms one part of an occultation experiment, much

better accuracies than this are said to be required; in this case DSN tracking to

sufficient accuracy can be performed with the S-band occultation equipment

required on the OEC with no additional weight or power penalty. This is also true

of the "baseline" OEC of this report.
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however, reveal that this is not the case: the possible positions of OEC at one

instant lie on areocentric orbits each succeeding point of which lines on an uncer-

tainty locus stemming from the same initial uncertainty locus. That is, the time

histories of data obtained from the OEC sensors do not resolve the original
ambiguity.

To see this, consider an inertial coordinate frame (instantaneously)

centered on the Mars center with the Z-axis lying along the Mars sun line as in

Figure 2-95. A cylindrical coordinate set (P, 0, Z) will be used with the @ =

direction along ecliptic north as in the figure. At some initial time the measure-

ments of sun and Mars sensors place the OEC on a particular circular locils as in

the figure. The orbit which will be followed by an OEC on this locus depends on

its velocity vector as well as its position. Neglecting perturbation terms, the

gravitational attraction is a function of P and Z, but not of the angle 0; thus the

whole orbital geometry is preserved under a rotation (Odirection) about the Sun

line. The spin axis angles to sun and Mars are fixed (corresponding to measured

angles) but these angles, too, are preserved under such a rotation providing that

position, velocity and attitude are all rotated about the Mars-Sun line. Since the

symmetry is complete, the time history of altitude and angles to Sun and Mars

will be the same for any of these position/velocity/attitude combinations.

The situation is, then, this: Mars and sun sensor data will determine a

position and attitude locus for the OEC; the determination of which point on the

locus corresponds to the acutal OEC position must be made in some other way.

Several ways for sorting out this ambiguity without additional sensors can be
identified:

2.5. Z.1 Voyager Separation Conditions

Initially the OEC position is known since Voyager position was known.

The problem here is that perturbing forces act on the orbit and attitude during the

mission operation requiring updated estimates of new orbit and attitude to take

account of "slipping" around the uncertainty locus. Thus the identification of which

part of the locus OEC is on becomes gradually poorer and poorer. An upper bound

on the rate at which this ambiguity increases the error in position can be obtained

in the following way. Suppose that the torques on OEC due to solar pressure, grav-

ity gradient, and aerodynamics are nominally zero (CP and cg nominally aligned.)

Then any changes in the sensor data will be interpreted as due entirely to changes

in the OEC orbit. This means that on the new uncertainty locus, the OEC will be

located at the point corresponding to the old spin axis orientation. In reality the

OEC may have been subjected to torques resulting in attitude changes as large as

0.03 degree per day (Section 2.5); therefore the uncertainty in the angular position,

0 (Figure 2-95) of the OEC might increase at a rate of up to 0.03 degree per day.

Translated into position uncertainties around the uncertainty locus, this is about

5 km per day at apoapse and Z km per day at periapse.
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Z. 5. Z. Z Motion of Mars About Sun

The basic uncertainty is in rotation about the Sun line. The Mars-Sun

line rotates at a rate of about 0.5 degree per day, so that a rotation of the spin

axis about the Sun line will ultimately show up as a change in the elevation angle

of the spin axis to the Sun. The rate at which rotation angles about the Sun line

are "fed in" to elevation angles to the Sun is about l percent per day due to rota-

tion of the Mars-Sun line. In a steady-state situation, then, the increase in attitude

error caused by unknown torques (0.03 degree per day) would be balanced by the

incremental corrections permitted by the detection of elevation angle errors

(l percent per day) when the error reached a value of 0.03/0.01 or 3 degrees.

This corresponds to positional errors of up to 500 km at apoapse, ZOO km at

periapse.

Z. 5. Z. 3 Orbital Regression

As shown in Section 2. Z, the OEC orbits will regress at a rate of about 0. 3

to 1.0 degree per day in a direction opposite to the Sun line motion. Hence, the

total "feed-in" to elevation 'error' will be at a rate of 1.5 to Z.5 percent per day,

yielding position uncertainties of 80 to 130 km at periapse and 200 to 330 km at

apoapse.

Curve fitting (estimation} techniques might be used to reduce these uncer-

tainties; the effectiveness of such techniques would be limited due to the unknown

time variation of the disturbing torques. Clearly to achieve accuracies in the 5 to

Z0 km regime will require additional data, as, for example, with DSN tracking

(if S-band transmitter is aboard} or with a star sensor such as that described in

Appendix D.

It is important to recognize that the positional uncertainties cited above

are only along the circular locus, i.e., in the @ direction of Figure 2-95. Errors

in the other axes are substantially smaller, less than I0 km near periapse with

only Mars and Sun sensor data. With DSN tracking, of course, errors would be
even less.

In selecting the OEC sensors, these geometrical considerations are taken

into account. The choice of sensors for operating the OEC in different missions

will be discussed in succeeding sections. The ultimate selection for a baseline

mission design depends greatly on which combination of sensors most suitably

meet the specified accuracies.

Z. 5.3 Determination of Sensor Accuracies

A summary of the basic sensor accuracies for possible attitude sensors is

presented in Table Z-14.
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TABLE 2-14. ATTITUDE SENSOR ACCURACIES

Source Accuracy (3_), degrees Comment

Sun

Star

Planet

f0.5

<±0.1

<±1.5

Slit field of view spinning sensor

Measure field of stars during

spin cycle

Measure IR disc of planet

I
I

I
I
I
I

I
I

I
I

I
I
I

Selection of the sun as a reference source is natural for the Sun line

attitude determination requirement. The +0.5 degree (3a) sensor accuracy can be

smoothed over a number of sun sensor data pulses to values below the _+0.25 degree
(3_) specification.

A second sensor for specifying the attitude of the spin axis cannot be

chosen so simply. The star sensor is quoted to have very fine accuracies

(<0.1 degree) and has been used in several tracking applications such as the

Mariner, Surveyor, and Lunar Orbiter and is proposed for the Voyager spacecraft.

In a spinning satellite the use of only the star sensor element would suffice. In

this application the sensor would not track a particular star but would map a field

of known stars during a spin revolution. In particular, Canopus could serve as

one of the sensed stars since it lies within 15 degrees of the ecliptic normal. A

design exercise for this device is presented in Appendix D.

A Mars sensor can also be used with the sun sensor to establish the spin

axis attitude. This device is generically identical to the earth horizon sensors

used on the spinning TIROS satellite and the Hughes HS-308 satellite.

Both of these horizon sensors operate in the infrared spectrum of the

earth's atmosphere with accuracies of much less than ll.0 degree (3_).

Application of this type of sensor to the OEC mission requires sizing the sensor

optics for the Martian IR characteristics. This is provided in Section 6.0. An

unsmoothed accuracy of approximately _+1.5 degree (3_)is sufficient for the OEC

mission application as will be shown. Thus both the star and Mars sensor can

provide the desired accuracies for the mission. The baseline choice is selected

following the discussionof orbit determination sensors.

The determination of the orbital position of the (DEC can be provided as

mentioned by three methods. Table Z-15 lists these techniques and their basic

accuracies.

Deep Space ranging to the OEC with coherent doppler tracking similar

to that used by the Voyager spacecraft provides the most accurate position deter-

mination. This form of orbit determination requires the inclusion of additional

equipment on the OEC and involves a weight penalty of approximately Ii pounds.

Since the budgeted weight proposed for the OEC on Voyager ranges up to 125 pounds,

it is possible to include this equipment on the capsule.
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Source

TABLE 2-15.
i

Deep Space Net (DSN)

Ranging from OEC to

Voyager

POSITION SENSOR ACCURACIES

Accuracy (30-), km

i tol0

Mars sensor

+I0

I00 to 300

C omm ent

Smoothed position accuracy at

periapsis

Accuracy in range measure-
ment

Depends on nominal altitude;
this is an error in local

vertical measurement

I
I

I
I

I
I
I

Ranging between the Voyager and OEC is dependent on several factors.

First, both vehicles must carry additional instrumentation for tracking purposes.

The accuracy of the range vector can be established to _+10 km (3_) and is limited

mainly by the weight and power needed on the two vehicles.

There is one major drawback to the application of tracking between the

two vehicles as a primary mode. As indicated in the Voyager specifications

(Reference i), the Voyager lifetime is nominally 6 months with a 2 month minimum.

Hence this form of position measurement could not be applied over the capsule

lifetime. This means of ranging could, however, be used for vernier orbit position

measuring or in a backup mode.

The last form of providing for position determination is an autonomous

method. The Mars sensor presented as an attitude measuring device can also be

used to determine the capsule altitude above the planet. This information is then

converted through the geometry into equivalent position in the orbit. The basic

accuracy of this device is a function of the nominal design point in the Mars orbit.

Errors attributed to the Mars horizon sensor can be suitably smoothed over a

number of orbits as will be shown in Section 2.5.4 to provide the desired orbit
accuracies. A desirable feature of this form of orbit determination is that the

data is referenced directly to the planet and the OEC determination process can

be carried on with only a sun and Mars sensor.

A summary of the solutions to the determination process is given in

Table 2-16. Each of the groupings of sensor performs the attitude and orbit

determination. As a basis for the analysis in the following sections, a brief

description of each group is presented.
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TABLE 2-16. ATTITUDE AND ORBIT DETERMINATION SENSORS

Group Sensors

A

B

C

D

• Sun

• Mars

• Sun

• Mars

• S-band to Voyager
or Earth

• Sun

• Mars

• Star

• Sun

• Star

• S-band DSN

The sensors in Group A represent the nominal baseline selection. Only two

I

I
I

I
I

I
I

sensors are required for measuring both attitude and orbit and in addition provide

autonomous operation. Because of the ambiguities attributed to perturbations on

the OEC orbit, another sensor is required in order to meet all of the mission

accuracy specifications.

Addition of an S-band link on the OEC as a communication system backup or

alternate mode suitably meets the requirement for some additional orbit information.

An occasional range fix to Voyager or to the earth is all that is needed to uniquely

locate the attitude and position within the specifications.

A star sensor (Group C) can also be used to resolve the geometrical

ambiguity. This does require the addition of another sensor and could be considered

as an alternate although is not selected because of the added backup feature of the

S-band.
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The same conclusion is reached for Group D. This grouping does, however,
provide the most accurate measure of attitude and OEC position by the use of the
Sun, star and DSN. There is only one outstanding reason for using this comple-
ment of sensors. Inclusion of an atmospheric occultation experiment on the OEC
and Voyager may require exceptionally precise tracking. This could be easily
achieved with the DSN.

2. 5.4 Attitude and Position Sensors

Having identified the alternative approaches for inertially locating the OEC

spin axis, the baseline sensors are next discussed. The operation and design
characteristics of these sensors are described below.

2.5.4.1 Sun Sensor

The high intensity symmetrical signal emanating from the Sun presents itself as

aparticularly useful source for determining a satellite attitude. At Mars distances,

the Sun subtends approximately 21 minutes of arc. The only major deviation from

uniformity in the Sun's photosphere is due to sunspots. A conservative analysis

has shown that the maximum shift in the center of radiation due to sunspots is less

than 0.52 arc seconds, which is negligible for the OEC mission. The irradiance
received from the Sun at the distance of Mars is approximately 6Z mw/cm Z. It has

a spectral distribution approximating that of a black body at 6000°k. Thus, the

majority of the sun's radiation lies in the visual spectral range.

Design Characteristics. A simple method of measuring attitude to the Sun

from a spinning vehicle is to produce a Sun pulse with a slit optics type sensor

shown in Figure Z-96. The width and orientation of the slit on the vehicle define

the width and shape of the sun pulse. A lower limit on pulse width is set by the

angular subtense of the Sun. By aligning two of these slit fields of view at some

preselected angle to one another, it is possible to measure the angle between the

satellite spin axis and the Sun line. Figure 2-96 illustrates the typical orientation

of the two sensors, labeled d#and 42 . The plane of one fan-shaped field of view is
nominally parallel to the spin axis.

By inclining the second sensor to the first, an additional piece of informa-

tion regarding the aspect of the spin axis to the Sun line is observed. Figure 2-97

shows the geometrical relationship. The rill-sensor is a spin angle sensor; its

telemetered output pulse serves as a reference for spin angle. The _bZ sensor is
rotated about the X-axis relative to the d_-sensor through the angle (.

The desired angle _ is obtained by forming the inner product of the Sun
line vector _ and the unit vector _, normal to the inclined sensor. The unit vectors

are expressed in terms of the OEC xyz coordinates as

• A

^ ^ ) sin_ + z coss = cos sin ¢- y sin (Z-154)
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and

so

---- /k Ay cos _ + z sin _ {2-155)

• @ = -sin {%5-_2 } sin _5 cos ( + sin( cos _5 = 0 {2-156)

Regrouping and writing in terms of _5,

cot 4p = sin (qJ-qJ2) cot E (-I 57)

Selection of the inclination angle between the two fields of view is based

.... _:_ and =rcuracv. An angle of 35 degreeson considerations for pulse w_o[n, scan L.....

represents an optimum angle of inclination. Hence

cot _5 = sin (%5-_2) cot 35 degrees (2-158}

Typical sensor pulse outputs are illustrated in Figure 2-98 for several vehicle
att itude s.

When the spin axis is aligned along the ecliptic normal, both sensors

receive the solar energy at the same time. However, if the vehicle is tipped in

either direction, there is a time difference between %5 and42 pulses as mentioned
above.

The @ and %52 pulses are telemetered to Voyager (after appropriate pulse

squaring), and then to Earth for ground processing and smoothing. The _ angle

can be determined to _0.5 degree on a per pulse basis. By ground and in-flight

calibration of the actual unit, and by smoothing the data over a number of measure-

ments, the _5angle uncertainty can be reduced to approximately ±0.2 degree (3_).

A detailed sensor design is presented in Section 6.5.2.

2.5.4.2 Horizon Sensor

The sun sensor establishes the angle between the Sun line and the OEC spin

axis within a 360 degree cone of uncertainty about the Sun line. By measuring the

angle from the spin axis to Mars, the spin axis can be uniquely determined.

The horizon sensor contemplated for the OEC mission is simply a horizon

crossing indicator operating in the infrared spectrum. When used in conjunction

with a spinning satellite such as the OEC, a signal is produced each time the leading

and trailing IR limbs of the planet are crossed. Figure 2-99 illustrates how the

sensor is used. OEC attitude is determined by measuring the time difference of

the leading and trailing edge crossings which is proportional to a scanned chord of
Mars.
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Processed attitude data is used to update the initial OEC orbital information

un a periodic basis. By the use of two horizon indicators inclined to one another

at some fixed angle, and with knowledge of the spin speed and apparent IR disc, the

altitude of the capsule above Mars can be ascertained and used to establish an

updated orbit.

This form of horizon sensing for attitude or orbit determination has been

applied on such earth orbiting satellites as TIROS and the Hughes HS-308 satellite.

The accuracy requirements of each of these missions is greater than that of the

OEC, and hence there is no limitation in terms of sensor capability.

The above mentioned satellites are in circular orbits and within an altitude

regime of approximately 550to34,000 kin. Operating with the satellite spin axis

normal to the circular orbit plane, the horizon sensor provides a continuous sampled

set of earth horizon pulses. Application of this sensing scheme to the OEC's mission

is somewhat different in this regard. The OEC orbits are elliptic and the attitude of

the capsule is not normal to the orbit plane. Therefore, there is an optimum spread

angle between the two sensors so that both cross the planet at some preferred alti-

tude, and there is also associated some particular nominal design position in the

orbit. Figure 2-100 illustrates the sensor application with the spin axis shown in

the plane of the orbit. For a particular orbit, the spread angle p is contained by

It is desirable to cross at latitudes greater than 45 degrees because of the

sensor sensitivity to chord variations. Sizing the spread angle at apoapsis means

that at other positions in the orbit, the sensors will intersect at succeedingly larger

chords of the planet. As the chord increases in size, the sensitivity to distinguish

the actual chord length decreases. If on the other hand, the angle is sized at peri-

apsis, it is apparent that at some later position, the sensors will scan by the planet

which is viewed for only a portion of an orbit.

For horizon sensor application in which the satellite spin axis is near normal

to the orbit plane, the characteristic of sampling the horizon with both sensors

during only a portion of the orbit also exists. This is the case in point for the OEC

mission. The parameters which characterize the attitude and orbit determination

process are thus interrelated with the type of orbit and O EC attitude as well as

Mars characteristics.

Design Conditions. Operating altitudes ranging from 500 km at periapsis

to Z0,000 km at apoapsis are considered in sizing the cant angle between the two

horizon sensors. The angle is defined by

R

(_) m (Z-159}sin : h_
m
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where

R = Mars radius = 3393km
m

h = altitude from surface

For the above altitude range, the angle _ is constrained to operate between
17 >-- _ >__10Z degrees, where the angle is defined with respect to the planets actual
disc.

Assuming a nominal orbit of 10,000 km at apoapsis and 1,000 km periapsis,

an angle of approximately _ = 51 degrees is selected. This represents an average
size spread angle and is equivalent to an orbital altitude of 4,500 km. To increase

the indicator sensitivity, it is desirable to have the nominal latitude crossing near

45 degrees. This is equivalent to an optimum sensor spread of B = +Z1 degrees.

A summary of the pertinent design characteristics are presented in
Table 2-17.

Based on these accuracies, anunsmoothed error in spin axis determination

about the Mars local vertical of approximately _1.5 degrees (3_) is expected.

A detailed description of the sensor is given in Section 6.0.

TABLE 2-17. HORIZON SENSOR CHARACTERISTICS

I
I

I

I
I

Nominal Mars chord scan time

Nominal horizon scan time

Field of view

Objective lens

Minimum irradiance

Minimum detectable signal

Logic threshold

Horizon indication error (3_)

Maximum horizon indication error including
noise (3 _)

Mars chord error (3o-)

83.3 milliseconds

5.6 milliseconds

1.5 x 1.5 degrees

1. 125 inch diameter

0.14 microwatts

100 micr ovolts

80 micr ovolts

_+0.72 degree

+_0.8 degree

±I.i degrees

I
I

!
!
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2. 5.5 Determination Process

The OEC mission geometry has been described in Section 2.5.2. Both the

ambiguities due to locating the capsule position and attitude have been pointed out.

Having described the basic performance of the sun and horizon sensors, the dis-

cussion can proceed to the manner by which the attitude and orbit locations are

specified from the sensor data. Since both attitude and orbit are located with the

same sensors, it is reasonable to operate in the following manner:

l) Transmit raw sensor data to Earth.

2) Smooth data to provide an attitude accuracy within the desired limits.

3) Use the smoothed data for orbit determination program.

2.5.5. I Attitude Determination

Raw sun sensor data is presmoothed by a single process of averaging

successive readings. This technique, which is accomplished at the ground station

with conventional electronic computers in a very simple and reliable manner, allows

reduction of the normal rss measurement error.

The largest source of error in this device is optical and mechanical

misalignment. These errors have resulted in attitude uncertainties of up to several

tenths of a degree on past spacecraft and have a greater effect than the random

errors. Several methods of reducing these errors are possible:

Optical alignment or determination of the optical response of the
sensor

Control of the uniformity of the viewing slits as well as the incidence

angle of illumination on the sensitive chip.

Removal of characteristic biases by in-space calibration through

comparison with the horizon sensor and through careful data
reduction.

Measurements taken by the Mars horizon sensor also contain random and

bias type errors. The most restrictive errors are constant bias errors since the

random or noise errors are small when smoothed over a sufficient number of

measurements. Bias errors affect both types of data available from the Mars

sensor: the angle between the OEC spin axis and the Mars local vertical (designated

_m), and the measurement of the angular separation of the spin axis-- Sun line

plane and the spin axis-- Mars line plane (designated_bc). As shown in the following

discussion, these data types are independent and thus subject to different bias

errors. Measurement of 0m is biased by misalignment of the capsule geometrical

axis and its true axis of maximum moment of inertia about which it will rotate.

Misalignment of the sensor mechanical axis with OEC's geometrical axis contrib-

utes to the overall error and in turn the uncertainty in the alignment of the sensor

optical axis to its mechanical axis is present.

2-158
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A final source of error which was discussed is the uncertainty in the

Martian infrared horizon. As indicated in Section 6,0, some form of compensation

could be gained with additional logic circuitry. However, variation in radiance

between the leading and trailing edges of a single scan is the principal source of

error in this device.

These errors are summarized together with a breakdown of the bias error

sources for %bc data and their expected magnitudes in Table 2-18. These include

radial misalignment of the sensor mechanical and optical axes, sun sensor reference

pulse uncertainty, and horizon uncertainties. The horizon uncertainty represents

the largest source of error.

The exact nature of the effect of each of the enumerated biases on the

attitude determination process, and the data reduction techniques required to remove

them, are discussed in a later section.

Sensor Equations. This section describes the exact nature of the attitude

information derived from the raw measurements made on the capsule. As previously

mentioned, three independent types are available:

Data from sun sensor giving the angle between the spin axis and the

Sun line

Data from Mars sensor giving the angle between the spin axis and
m the local vertical

TABLE 2-18. MARS SENSOR BIAS ERRORS (30-)

¢
rn

Data

Spacecraft principal axis uncertainty

Sensor mechanical axis rnisalignment

Sensor optical axis misalignment

Horizon uncertainty effect

Root sum square

0.05

0.05

0.05

i. 4O

1.40 degrees

_c
Data

Sensor radial misal[gnment

Sensor optical axis misalignment

Sun sensor reference uncertainty

Horizon uncertainty effect

Root sum square

0.07

0.05

0.10

1.40

1.41 degrees

I

I
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_c Angle through which spacecraft rotates between receipt of
Sun pulse and receipt of Mars pulse

(See Figure 2-101 for illustration. )

Sun sensor or _ data is obtained directly from the raw measurements of

the time separation between successive main beam or _b sensor pulses which indicate

the spin period and the time delay between the O_ sensor and the second, canted beam.

It is evident that the ratio of this second time to the spin period is the same as the

ratio of spacecraft angular rotation during this time to 360 degrees. This rotation

angle is designated 42 andisused directly with spherical trigonometry to give the
equation for _ listed in Table 2-19 and developed earlier.

The derivation of the Mars sensor equations also stems from spherical

trigonometry. For a brief discussion of the derivation, refer to Appendix A.
The computational equations appear in Table 2-19.

The angle _ is measured in the plane of the spin axis and the Sun line; the
angle Cm is measured in the plane of the spin axis and the Mars line. If these two

planes coincide (Figure 2-101b), then clearly the information is redundant, and

worse, neither gives an indication of any attitude component slightly out of this

plane, if one is present. (That is, even if the attitude is displaced some small

amount from this plane, _ and Cm would change negligibly.)

Fortunately a third type of information is inherent in the sun sensor--

Mars sensor combination and is designated _c" It is defined as the spin angle

through which the satellite rotates between receipt of the Sun pulse and receipt of the

Mars center pulse. This data is calculated inthe manner indicated in Table 2-19

(refer to Appendix A for the approximate derivation). This data tends to be most

sensitive, and therefore most useful, when the other two types are redundant. To

illustrate this, again consider the case just discussed when the Mars, Sun, and

spin axis vectors are all coplanar. As qualitatively indicated in Figure 2.101c,

this small out-of-plane component of the spin axis results in a definite change ink

from the 180 degree (or 0) it would register if the spin axis were in the plane, c

That is, the partial derivative of _cwith respect to this out-of-plane attitude
component is significant.

Attitude Determination Accuracy. The previous discussion characterized

the content of data obtained from each of the sensors and the relationship to the
measurement of the OEC attitude. Many data points are collected from each of
the sensors; this data is then to be used to determine a best estimate of actual

(inertial) OEC attitude. The method of attitude estimation adopted is a least squares

fit to the expected time variation of the local vertical reference. A detailed repre-

sentation of the proposed technique is discussed in Appendix A.

The attitude determination process requires only a small amount of the total

sun sensor data available per orbit. Since the OEC spin speed is nominally 60 rpm,

a measurement of the Sun pulse every revolution will give 3600 samples per orbit
(10,000 km x 1000 km altitude). This is more than adequate since the OEC attitude

remains fixed in inertial space except for the projected effects of perturbations.
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TABLE 2-19. ATTITUDE SENSOR EQUATIONS

Sun sensor

= cot -I _ot

where @ =

%b2

sin 42]

angle between spin axis and spacecraft-to-Sun line

cant angle between sensor beams

spin angle between pulses from each sensor beam

Mars sensor

Cos_ 1

COS G 0 COS _m- cosq

sin _m sinai

where _i =

rn

7 • ___

o

one-half the scan angle of the sensor during which Mars

is viewed

angle between spin axis and spacecraft-to-Mars centerline

angle between spacecraft spin axis and sensor optical axis

apparent semi-diameter of Mars as seen from satellite

altitude

c

-1
= COS

where _ =

c

m

S --

m --

a --

spacecraft spin angle between Sun pulse and Mars center

pulse

unit vector from spacecraft to Sun

unit vector from spacecraft to Mars center

unit vector in spin axis direction
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The data requirements of the Mars sensor are sized somewhat differently

since the OEC orbits the planet and does not necessarily view it continuously. The

determination of the orbit requires waiting until data is received from both sensors.

Obviously, each sensor individually views the planet for a duration which is much

greater than the dual coverage period. The sampling rate for the horizon sensor

is thus set by the necessity for dual coverage to establish the OEC orbit update.

The attitude determination process is carried forthih a continuous fashion

(i.e., data is sampled over the entire mission), providing an update of the spin

axis attitude. For example, data is measured over a segment of an orbit and

then operated on. This is a repetitive operation. The resulting attitude accuracy
is based on smoothing over the measured samples, removing the contribution of

random errors. In this manner, a spin axis attitude of _<1.0 degree (3¢) and Sun
line attitude of_<±0.2 degree (3¢) can be met.

With additional mathematical modeling, it is possible to remove some of

the source of bias error. Disturbances such as solar pressure can be modeled
with parameters which are estimated as a part of the attitude determination

process. These methods are currently being applied on the ATS missions and

have provided a greater attitude accuracy.

2. 5. 5.2 Orbit Determination

There are two aspects of orbit determination to consider: the operational

system and the preliminary accuracy analysis. These will be discussed in separate

sections, though they are not completely unrelated. Briefly, the discussion of the

operational system centers around the orbit determination process as related to

the O]_C mission, while the preliminary accuracy analysis includes the derivation

of error expressions and the results of a digital computer accuracy study.

The orbit determination process consists of two phases: preliminary orbit

specification and differential correction. The preliminary orbit can be found using

expected injection conditions or a minimal set of measurements (e.g., six indepen-

dent quantities specify a conic orbit). For the OEC, the former approach will be

used, based on knowledge of the Voyager orbit and the nominal separation maneuver

and orbit-change maneuver (if any). The differential-correction computations form

the bulk of the orbit determination process and are contained in the remainder of
this section.

The preliminary orbit will probably not agree with the actual orbit, and

the differential-correction computation is a way of using additional measurements

to refine the estimate of the true orbit. This is a good place to emphasize a fact
that is often forgotten-- the output of an orbit determination computation is an

estimate of the orbit; the true orbit is never known. To specify the motion of the

vehicle completely, it is necessary to know the complete dynamics, including all

perturbations, the estimated orbital motion is a "best fit" of the assumed model to

the measured data, where the precise meaning of best depends on the correction
algorithm. Thus, a successful orbit determination requires a realistic dynamical
model as well as sufficient data.
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The degree of realism required in the dynamic model used for the orbit
determination computation depends on such factors as type of orbit, duration of
the mission, amount of measurement data, data rate, and estimation algorithm.
For example, for a short-term orbit estimation a relatively crude model may
suffice, but for a long-lived mission the problem is more involved. If the measure-
ment data is sparse, a quite refined model may be required, while a greater data
rate may allow a simpler model for the proper type of data processing algorithm.
Specifically, the orbit determination for a long-term mission with high data rates
can be performed as if it were a sequence of short-term estimations, each giving a
local fit of a simple model to the latest motion. However, if the algorithm is not
made to "forget" earlier data, a more complex model is necessary, even with
continous data.

To complicate the problem somewhat, there are two types of modeling
errors: qualitative and quantitative. The former error can be the omission of a
perturbing effect or the improper description of the physical mechanism causing
a perturbation; the latter error is the use of an incorrect value for a numerical
parameter describing a perturbing force. As noted in the preceding paragraph,
an intentional qualitative modeling error may be used to simplify the computational
complexity of the estimation process; on the other hand, a significant unintentional
error can seriously degrade the orbit determination. If a parameter is not known
with sufficient precision, it can be included as a quantity to be estimated, and the
estimation scheme will compute the best value consistent with the rest of the model.
Unknown perturbing forces can be allowed for by including a functional expansion,
e.g., a Fourier series, with undetermined coefficients, where the coefficients are
mode parameters to be estimated.

The preceding discussion will now be specialized to the OEC mission. The
term of the (DEC mission is sufficiently long that the orbit undergoes significant
perturbations. Because of the two widely differing concepts advanced for the (DEC,
i.e., orl_it-change and co-orbital, the discussion of orbit determination for the OEC
is divided into two parts.

Co-(Drbital Miss_ipn. The keynote of the co-orbital mission is simplicity.

The separation maneuver is to be accomplished with sufficient precision that the

subsequent motion of the OEC relative to the Voyager can be pre-computed with

little error.':= If the inaccuracy of the pre-computed relative motion is sufficiently

small, the OEC position can be inferred from the Voyager, since there is a require-

ment to perform an orbit determination for the Voyager. However, attitude control

maneuvers may be performed by the Voyager after separation that introduce signifi-

cant perturbations in its orbit; if so, the validity of the precomputed relative motion

is degraded, and the approach may not provide sufficient precision in the estimate of

_':=Thispossibility is considered in Appendix B. The principal error with this scheme

occurs due to uncertainty in the (small) difference in orbit period between (DEC and

Voyager. This parameter could be measured using the Mars sensor; however,

with or without Mars sensor data, the scheme is subject to serious objections, as

indicated above.
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the OEC position;: =. Moreover, if the Voyager changes its orbit during the mapping
mission, the relative-motion concept cannot be used.

Because of the present uncertainty in the planned Voyager mission, it is

necessary to assume that some form of direct orbit determination will have to be

performed for the OEC. The question is how? The three schemes that suggest

themselves have been discussed earlier. They are Earth-based measurement,

Voyager-based measurement, and autonomous or OEC-based measurement.

Orbit Change Mission. For the orbit change mission, the OEC must have

sufficient autonomy to provide for the orbital adjustments which are contemplated.

In Section g.5.2, the discussion indicated that the measurement of the attitude and

orbit could be accomplished with the proposed sensors.

In that same discussion it yeas tacitly assumed that it is necessary to

measure instantaneously enough quantities to provide a unique estimate of position
and attitude; the discussion was oriented to show that orbit determination and

attitude determination are but obverse and reverse of a single coin. The next step
is to include the dynamic aspect of the estimation, since a sequence of measure-

ments of a changing quantity can take the place of additional measurements of

different quantitie s.

Appendix B presents a discussion of the dynamic modeling considerations

and illustrates how the differential corrections could be computed.

The basic idea of the orbit determination computation is to provide a correc-

tion to the nominal parameter set. There are a number of ways to approach the a

actual numerical mechanization of the orbit determination program; the choice

depends on a number of factors, some theoretical and some practical.

The orbit update algorithm can be derived on the basis of different smoothed

criteria, which may or may not be based on the concepts of probability theory. For

the linearized approach, the details of the computations are similar for the proba-

balistic approaches; indeed, the only difference is in the specification of the matrix

R in the more general expression of the classical least square fit

M = [bSh/,Sp'l T R -1 [BSh/5p]} -1 [bSh/Sp] T R -1.

':_'From the results of the analysis in Appendix B, it is doubtful that sufficient

precision can be obtained even if the Voyager position is known exactly.
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In the nonprobab[listic theory R is simply a weighting matrix assigning a measure

of the relative importance of the various measurements; in the probabilistic theory

R is the covariance matrix of the measurement noise and the expression

l

l

is the covariance of the error in the estimate of Ap, a fact which will be useful for

the accuracy analysis later on.

As presented thus far, the orbit determination program is a huge matrix

manipulation routine; however, instead of handling the data all at once, the program

can do the improvement sequentially, if it is so written. The theory and practice of

sequential estimation has received much attention in the literature, and a thorough

discussion is beyond the scope of this report; see, for example, References 22 and Z3.

Appendix B contains a detailed discussion of the sequential approach to the orbit

e st[mation problem.

Accuracy Analysis. An orbit determination accuracy analysis provides an

a priori estimate of the d_spersion of the error in the orbit correction, and should
not be confused with the orbit determination itself. The confusion arises from the

fact that the error estimate is computed using a part of the filter; recall that one

of the matrix factors relating the measurement error to the correction is the a priori

covariance of the error in the estimate, just the quantity desired from an error

analysis. The accuracy analysis can be performed as a single matrix computation

or sequentially, just as the orbit determination itself; the choice between the

approaches is strictly practical, since the resulting answers are theoretically

equivalent. The differences between the accuracy program and the determination

program are the following. First, there is the obvious difference that a state cor-

rection_s never computed during an accuracy computation; as trivial as this may

seem, it is sometimes overlooked. Second, the nominal parameters are not

updated, there is no need for relinearization or iteration. The resulting accuracies

are only as good as the linearization, and it may be useful to modify the nominal to

ascertain the sensitivity of the covariance to such changes.

Accuracy estimates were run for an orbit with a 10,000 km apoapsis altitude

and 1500 km periapsis altitude. The assumption was madethat the two planet

sensors were canted _15 degrees to the vehicular equator, i.e. , 30 degrees apart.

This assumption, although different from the desired separation of 41 degrees does

not greatly change the results. The basic difference is the time that each sensor

intersects the planet and the duration that both sensors intersect. Having specified

a desired separation angle, the only two variables are the nominal position in orbit

where the sensor is optimally designed and the minimum number of samples of the

Mars horizon in the vicinity of this point. The portion of the orbit during which the

planet is seen by the sensors depends on the attitude of the OEC with respect to the

orbit. From Appendix B it follows that the altitude of the orbit must be less than

9790 km if both sensors are to see the planet. From the polar equation for a conic •

trajectory |
a(l - e2)

r = 1 + e cosy (2-161)
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where r is the radial distance from the focus to the conic, a is the sernimajor axis,

e is the eccentricity, and v is the angle from the periapsis direction to the radius

vector, it is easy to find the zone of possible sightings by both sensors, which is

shown in Figure 2-i02. Note that if the OEC spin axis is normal to the orbit plane,

Figure 2-102 shows the only region of visibility. If the spin axis is in the orbit

plane, aligned with the axis, the visibility regions, found graphically, are as shown

in Figure 2-i03(a), Orientation A. Similarly, if the spin axis is aligned with the

minor axis, the visibility zones are those shown in Figure 2-103(b), Orientation B.

The two-sensor region of Figure 2-103 was picked as a representative pessimistic

case for the study; this case corresponds to about 20 minutes of data on each side
of the 7-hour orbit.

Another important attitude-like parameter is the position of the Sun with

respect to the orbit plane. For example, if the Sun vector is normal to the orbit

p!ane_ to first order, the angle between the Sun-OEC and Mars, _ , provides no

information about the in-plane parameters of the orbit. Similarly, if the Sun vector

is in the orbit plane, to first order, the angleTl provides no information about the

out-of-plane parameters. Moreover, if the Sun vector is close to the orbit plane,

the sun sensor may be eclipsed and solar illumination from the region behind the

disc of Mars may result in the loss of planet sensor information. Three sun vectors

were chosen for the accuracy estimation study; two were inclined 45 degrees to the

orbit plane, one with its projection along the major axis, the other with its projec-

tion along the minor axis; the third sun vector was in the orbit plane aligned with

the minor axis. The assumption was made that one entire view period per orbit

was lost because of eclipsing in the last case.

The next class of inputs are the statistics of the errors in the initial state,

as reflected in the initial covariance matrix; these were the most difficult to assess.

The initial errors in the OEC orbit are due to three sources: the uncertainty in the

Voyager orbit, the uncertainty in the separation maneuver, and the uncertainty of

any orbit-change maneuver. Because of the small separation velocities envisioned,

the uncertainty in the velocity increment is a negligible portion of the initial error_
assuming a 3(yvalue of i0 percent execution error for a nominal separation of 10-

km/min results in a variance of about 0.3 x l0 -° (km/min) 2. Since orbit change

maneuvers may be on the order of 200 times as large as the separation, as

measured by velocity increment, the variance for an equivalent percent error is

4 x 10 -4 as large as that for separation. The difficulty is assessing the errors due

to the uncertainty in the Voyager orbit arises from the lack of definitive information

about orbit determination for Voyager. However, some data is available in the form

of requirements in Reference 1.

The Voyager orbit determination requirements were given in terms of the

semimajor axis a, the eccentricity e, and the time of periapsis passage t. For

definiteness, the initial position was assumed to be at apoapsis; as a result errors

in a and e could be translated into radial errors and errors in t into in-track errors.

Since no information was given about cross-track errors, they were assumed to be

equal to in-track errors. The apoapsis altitude errors are found from the equation

for the apoapsis radius

r = a(l + e) {2-162)
a
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from which

Ara = (1 + e) Aa +afae (2-163)

This error inthe time of periapsis passage can be related to a position error

through the periapsis velocity, which can be found from the formula for speed:as a
function of radial distance from the force center

v = _( - a } {2-164)

The apoapsis position error is ..... J *_- " "
rel_u to _,,e perlaps!s position error by the ratio

of apoapsis radius to periapsis radius, since a change of periapsis position implies

a rotation of the entire lineof apsides. It was further assumed that the resulting
position error variance was the sum of equal in-track and cross-track errors. The

worst case requirements from Reference 1 are given in Table 2-20; the resulting
initial error variances, assumed uncorrelated, are given in Table 2-21. It should

be noted that the design goal for Voyager is at least an order of magnitude better
than the worst case requirements listed.

TABLE 2-20. VOYAGER ORBIT ACCURACY REQUIREMENTS

Quantity 3 (r Error

I

I

Semimajor axis, a 10 km

-4
Eccentricity, e i0

Periapsis passage time, t 5 seconds

I TABLE 2-21. ASSUMED INITIAL ORBIT ERROR VARIANCES

Quantity Initial Variance

I
I

I

i

Radial position

In-track position

Cross-track position

Radial speed

In-track speed

Cross-track speed

25 km 2

112.5 km 2

2
112.5 km

0.013 (km/min) 2

O. 08 (km/min) 2

O. 08 (km/min) 2

I

I
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The final set of inputs to the program specifies the sensor characteristics,
including the spiz rate of the vehicle, which is the basic limitation to the sampling
rate. The minimum value, 50 rpm was used for the spin rate. The basic angle
accuracy was assumed to be 1.5 degrees (30"), with three variations: all the error
is bias error, all the error is random error, and the error is half bias and half
random. For range measurements, the error was taken as the Voyager position
uncertainty, since the measurement itself could be made much more accurate.

The first set of runs was for angle sensors only and resulted in the error
curves shown in Figure 2-104. The curves in Figure 2-i04a correspond to a sun
vector oriented 45 degrees to the orbit plane with its projection aligned with the
minor axis of the orbit. The trends shown in Figure 2-I04a are generally what
would be expected; errors clue to biases decrease more slowly than errors due to
random noise, although the ultimate behavior is nearly the same. For the situation
described, the desired position accuracy can be achieved with at least a probability
of 0. 97 after about four and one-half orbits. The curves in Figure 2-I04b correspond
to a sun vector oriented 45 degrees to the orbit plane with its projection aligned with
the major axis of the orbit.

Qualitatively, Figures 2-i04a and 2-i04b are quite similar, but the accuracy
achieved by the orbit determination in the latter situation is somewhat worse; by
extrapolating it appears that the desired accuracy can be reached in about five and
one-half orbits. The curves in Figure 2-I04a appear to be much worse than those
in the preceding cases, which is understandable; the orientation of the Sun vector
along the minor axis results in a solar eclipse during one measurement period,
which, by the ground rules set up, is considered equivalent to a complete informa-
tion blackout. Thus the estimation modeled in the computations leading to Figure
2-I04a is based on half the information available in the other cases, which would
suggest that the estimation takes about twice as long to reach any given accuracy.
The prediction is roughly borne out by the portion of the curve shown.

Should it be necessary or desirable to improve the estimation accuracy faster
than the sensors alone allow, range information can help. Ranging to Voyager for
example as a vernier correction on OEC position can provide areduction in the
uncertainties in a shorter number of orbits. To demonstrate how effective ranging
is, the worst-case situation was rerun, modified by the addition of seven range fixes
during the first orbit, as shown in Figure 2-105. The Voyager initial state was
perturbed slightly from that of OEC, 5 km in position and 0.5 km/min in velocity
to simulate the effects of a small orbit change maneuver. The overall range accuracy
was taken as Z6 km (3g) which includes actual range imprecision plus Vouager
uncertainty. Note that the Voyager position accuracy for the purpose of the range
measurement was assumed to be somewhat better than that given by the maximum
eigenvalue of the initial error covariance for OEC; this was done somewhat arbitrarily
to account in some way for the fact that the range vector rotates and not all measure-
ments are really as bad as the worst case would imply. In any case, the accuracy
used is still quite conservative. The improvement in the estimate is dramatic, as is
shown in Figure 2-106. Further improvements would result if range measurements
were taken over more orbits.
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A sample run was made for a nominal orbit with a 20,000 km apoapsis

altitude and a 1500 km periapsis altitude, and the results indicated that the expected

accuracy is roughly equal to that obtained in the lower orbit on a per orbit basis, at

least for two orbits. A complete five-orbit run could not be made because of a

numerical instability problem. Because the orbit is higher, the sensor information

is of poorer quality, but the speed is lower, allowing more data to be gathered: the

two effects balance each other out, resulting in equivalent accuracies. However,

since the higher orbit has a period which is about twice as long as that of the lower

orbit, it takes about twice as long to achieve a given accuracy.

Before the discussion of the results is terminated, some comments should

be made about the meaning of the number used to present the results of the accuracy

computation. As noted previously, the position error was taken as three times the

largest dimension of the error ellipsoid; this choice implies that the probability

that the true __,_ i within av"......... s sohere about the estimated position of radius equal
to the stated error number is at least 0.971. If instead of three times the maximum

or, some other factor, say ktimes the maximumff, were used the lower bound on

the probability would be different. The variation of probability with k is given in
Appendix B, Equation B45, and is plotted in Figure 2-107. The value chosen for k

is just past the knee of the curve; increasing k does not increase probability much,
but reducing k has a considerable effect. Figure 2-108 shows the behavior of the

lff, 2(r, 3a, and 4crboundaries with time for the worst case estimate. Thus, the

time to reach a given accuracy depends on how much confidence is to be placed in
the accuracy figure.

Conclusions. Based on a rather conservative estimate of the expected orbit

determination accuracy for OEC, the position of the spacecraft can be specified to

within I0 km at periapsis and 60 km at apoapsis, with probability greater than 0.97,

after an observation period of a few days.

The exact time to achieve the desired accuracy depends on the actual orbit

and sensor error characteristics. The maintenance of the precision over long

periods of time depends on the type of orbit determination program and the validity

of the dynamic model.

The results assume that the sun and Mars sensors uniquely define the attitude

and position. For these results to apply to the OEC mission, another piece of

information must be assumed to resolve the attitude/orbit ambiguity; otherwise the

errors are actually greater. The baseline OEC mission does contain an S-band link,

and hence the above accuracies are valid.
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2.6 ATTITUDE STABILIZATION, CONTROL, AND

ORBITAL MANEUVER REQUIREMENTS

In this section, the external perturbations and controlled changes which

alter the OEC attitude and orbit are considered. A design requirement of the OEC

mission is that the stabilization system operate over the 6 month lifetime. This is

true for the co-orbital as well as orbit change systems. To determine if the atti-

tude accuracy requirements can be met, the perturbing forces acting on the capsule

and causing its attitude to deviated from the ecliptic normal must be assessed. The

requirements for attitude corrections and changes preliminary to an orbit maneuver

must also be determined to provide for the sizing of the propulsion system. Finally,

the velocity increment requirements for changing the orbit of the OEC must be estab-

lished for the various maneuvers contemplated.

2.6. 1 Effects of External Disturbances on Attitude

Design of the attitude control system requires the determination of the atti-

tude errors due to external disturbances such as solar radiation pressure, Martian

gravitational effects, and aerodynamic drag. These disturbances are treated, but
first the assumed OEC orbital environment is established.

For the purposes of discussing the stabilization tradeoffs and analyses, a

nominal spacecraft and three basic elliptical orbits are assumed.

The nominal spacecraft parameters assumed for the various analyses are:

Iz (spin inertia)

I
Y

I
x

= 7.5 slug-ft 2

= 7.0 slug-ft 2

= 5.0 slug-ft 2

M (mass) = 4.1 slugs

¢0 (spinspeed) = 60 rpm
S

The characteristics of the three selected elliptical orbits are as follows:

Co-orbital Mission
,m

Apoapsis, h a i0,000 km

Periapsis, hp

Eccentricity, e

I000 km

0. 5051

Semimajor axis, a 8910 km
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Semi-lattus rectum, p a (l-e Z) = 6637 km

Period, P 7.08 hours

Orbit Change Case I

Apoapsis, h
a

Periapsis, h
P

Eccentricity, e

i0,000 km

500 km

0. 5485

Semimajor axis, a 8 660 km

Semi-lattus rectum, p 6054 km

Period, P 6.79 hours

Orbit Change Case II

Apoapsis, h
a

Periapsis, h
P

Eccentricity, e

I0,000 km

Z00 km

0. 5758

Semimajor axis, a 8510 km

Semi-lattus rectum, p 5689 km

Period, P

Mars gravftational constar_t,

Orbital inclinations relative

to ecliptic

6.61 hours

4. Z8 x 10 4 Km3/sec 2

5 degrees s i _45 degreese

The equations used in describing the various orbital functions are:

r (radius)
= a (l-e Z) (8 measured fromperiapsis)

1 + e cos 0

(angular rate)

i/z I/Z i/z
a (I -e z)

Z
r

V (tangential velocity)
O

l/Z
(l+e z + 2e cosO) I/2

1/z . 1/z
a (1-e 2}

2-176
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I

I
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I

I

I

I

I

I

I

i

I

I

I

I

t (time measured from periapsis)

E

P

P
- (E- e SinE) (2- 168)

2;

=s_n-l[ Ii-e"ll1/_s_nO] (2-169)

+ e cos 0 ]
I

2; a 3/2

= 8 I/2 (2-170)

r r

_ a + p 1__171%a
_- _._!

2

The disturbance torques acting on a vehicle which tend to precess the spin

axis from itsdesired orientation result from gravity gradient, secular solar pres-

sure, and, for low periapses, aerodynamic effects. Magnetic torques will be negli-
gible because of experiment requirements for magnetic cleanliness.

2.6. I. 1 Solar Pressure Torques

Considerable effort has been devoted at Hughes on such progarms as ATS,

Syncom, and Early Bird to study and minimize the effects of solar radiation pres-

sure on similar, but more complex, vehicle configurations. In addition, in-flight

precession rate data for Syncom 2 has verified the predicted torque values for

that vehicle within the attitude measurement granularity.

The simplified spacecraft model utilized in this analysis consists of a

34x 35 inch cylinder open at both ends (4 inch openings assumed). The torque

about an axis normal to the spin axis (z-axis and the Sun line of sight) is expressed
as (Figure 2-109):

where

r, h,

T = Pm F(vi' r, h, he, 0, Lz) (2-172)

v. = reflectances of various surfaces
1

h = spacecraft dimensions
e

h =h+Zh
m e

0 = angle between spin axis and Sun line of sight,

L = distance from CP to cgz

p m = solar pressure constant

nominally 90 degrees
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= P earth

2

(RR'_e) = 4-1x I0-8ib/ftz..

m

The booms are not included in the solar model as their effect is negligible.

The complete set of expressions implied in Equation 2-172, including shadow-

ing effects, are programmed on the digital computer and developed in References 15

and 16. The program output yields the solar torques for various values of ¢. For

purposes of parametric tradeoffs, Equation 2-172 may be expressed as:

['2rh I

Tx = prn (3+ v)]na[ i( ¢, vi ) (2-173)
"L 3 J

PmAi(¢' vi) = 5. 624x 10 -7 (ft-lb/ft)i

where

l( ¢, v i) = effective CP- cg offset

computed by the digital program

F (vi, r ...... )

Ap

and

Ap = 3+ (2rhm)l( _)-7- j

= effective projected area for

normal incidence ( @ = 7r/2)

The variation of (_, v.) is illustrated in Figure 2-II0 for many values of L
I- • •

(relative cg location). For tl_Is analyszs, a vehlcle CP-cg location of +2 inches is z
assumed.

The resulting change in the spacecraft angular momentum per orbit as a

function of 0 ( _ remains constant over several orbits) is illustrated in Figure 2-111.

This change in angular momentum is periodic in inertial space with period of 1 year

causing the z-axis to precess from its inertial position.

The nominal orientation of the spacecraft will determine the variation of ¢

over the vehicle lifetime. For a nominal spin axis orientation normal to an orbit

plane inclined 45 degrees to the ecliptic, 45 degrees <_ -< 135 degrees. If
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orientation is normal to the ecliptic, variations in _ will be a small angle about the
nominal w/2. The constraints for solar cell illumination and the attitude sensors
will dictate the allowable variations in _. In order to account for the potential
variations in e, the maximum change in the angular momentum per orbit is
5.65 x 10-3 ft-lb-sec/orbit (periapsis - I000 kin).

Z. 6. i. 2 Gravity Gradient Torques

The net gravity gradient torque acting on the spacecraft about an inertial

axis normal to the spin axis is given by:

T = -3 _ Ala23 a33 Cos 8 (2-174)
X

r

where

AI = effective inertia difference between the spin axis and

transvers e axes

I + Iy)
AI = I _ x (2-175)

z 2

a23, a33
= direction cosines relating orientation to areocentrlc

coordinate set

Resolution of an inertial spin axis attitude error, _ , at periapsis relative

to the areocentric coordinate set results in the expressions for the direction

cosines given as:

I --

x

Y

Lz

"all ai2 a13

= a21 a22 a23

a31 a32 a33

X

y (?.-176)

.Z.

The necessary direction cosines are:

az3 = - sin 9)p cos O

aZ3 = cos ep

(2-177)
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Substituting Equations 2-175 and 2-176 into 2-174, and solving for TcAt , the

angular momentum added per orbit in inertial coordinates due to gravity gradient
torques, results in:

where

3 @AI sin 2¢_ /.r 2cos edt

TGAt = 2 J 3
0 r

P

6AI ¢0p sin 2 _G j

Ix +I
6 t,J -

p z

7r/2
r

(i + e cos 8) cos 2 8 d8

_4(!+ 32"_e)sin 2 _u

8 (p) = angular velocity at r = p

(see Equation 2-165)

(2-178)

Evaluating Equation 2-178 for various perlapsis altitudes (hp) for the selected
orbits results in the variation of the normalized gravity torque momentum change

(TGAt)/(AI sin 2 _) for the three orbital cases considered.

The results are tabulated in Table 2-22.

Substitution of the inertia values, given previously, into the normalized

angular momentum change results in Figure 2-112 which illustrates the variation

of T GAt with ¢_z andperiapsis altitudes. If the satellite transverse alignment of

inertia is not identical, as might be the case, the impulse TGAt could be 20 to 30
percent larger.

The angle O_ is constrained to lie between +45 degrees if the spin axis orien-

tation is normal to the ecliptic. However, for nominal orientation normal to the

orbit, ¢_ is a small angle. Therefore the maximum gravity gradient disturbance

TABLE 2-22. NORMALIZED GRAVITY TORQUE MOMENTUM CHANGE

|

(TGAt)/(AI Sin 2¢_},

Orbital Periapsis, km ft-lb- sec / slug-ft +/

1000 2.58 x 10 -3

-3
500 3.04 x I0

200 3.39 x 10 -3
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torques occur at _ = ±45 degrees and will be used for the sizing of the control

system propellant requirements. Although these torques are cyclic over a year,

they appear secular for the 6 month mission projected.

Z. 6. 1.3 Aerodynamic Torques

The process of solar torque estimation can be applied to aerodynamic torque

estimation, assuming the effective reflectances equal to zero and replacing the solar

pressure constant, p_, with the incident pressure for free molecular flow, pV2, in
O . • °

the direction of the orbxt tangentlal velocity vector.

The Martian atmosphere assumed in this study is taken from the table of

atmospheric characteristics given in Section Z.Z. The model labeled VM-9 was

shown to be the most critical with respect to lifetime requirements and is there-

fore chosen for this worst case analysis.

Based on the given atmospheric parameters, a power law approximation was

used to determine the appropriate relationship between the density and altitude.

The variation of density with altitude is used to produce Figure 2-113 where the

value of pV Z ib/ft Z, is given as a function of altitude for a circuiar orbit.
C

Since the density drops off very rapidly for altitudes greater than 400 km,

the orbital time spent below this altitude is required; i.e., for a 400 km circular

orbit, TAt = 6. 5 x 10 -5 ft-lb-sec/orbit. Converting this value to an elliptical

orbit, periapsis = 400 kin, will result in an angular momentum considerably less

than that generated by solar and gravity gradient torques.

In order to account for the increased velocity for a Z00 km periapsis altitude,

over a circular orbit, the velocity expression of Equation 2-167 is utilized, giving:

(,_c) = .(l+eZ +Ze c°s e)r (Z-177)
a( 1 - eZ)

where for ZOO km < h < 400 km, the values of (V/Vc)Z are 1.552 < (V/Vc)Z -< I..576;

hence a constant value of I. 564 may be used with very little error. The resultlng

torque expression for normal incident is given as:

T= pV c A

where
(2-178)

= CP-cg offset

A = effective projected area

2-183



10-1

z

10-2

10-3

i0-4

i0-5

i0-6

10-7

io-8

i0-9

\

i00 200 300 400

PERIAPSTS ALTITUDE, KILOMETERS

Figure 2-i13. Aerodynamic Drag Force
Versus Altitude for Normal Incidence

and Circular Orbit

A

i

u

Z

2-184

0.15

0,14

0.13

0.12

0.11

0.10

ORBiTs,

/400 km ATMOSPHERE

 £Ls
r

PERIAPSIS ALTITUDE = 200 km

0.09

0.08

O, 07

>-

8

0.06

0.05

0.04

0.03

0.02

0.01

0 100 200 300 400 500

TIME, SECONDS

Figure 2-i14. Aerodynamic Force
Versus Time

6OO

I
l

I
I

I
I
I
I

I
I

I
I
I

I
I
I

I

I
I



I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

l

A curve of the aerodynamic force, T/_ versus At, is illustrated in

Figure 2-114. The aerodynamic force builds up as the OEC enters the atmosphere.

A maximum torque on the capsule occurs when the OEC passes through periapsis;

however, it is the integrated torque that is important. On a per orbit basis, the

total change in angular momentum is a function of the total impulse which can be

found from Figure 2-113. Numerical integration of the area under the curve yields

T At/_ = 14.3 ib-sec

The actual aerodynamic torque experienced, of course, is dependent on the

spacecraft orientation. Based on the solar torque data and the assumed CP-cg

offset of 2 inches, the maximum aerodynamic angular momentum, for orbital

inclinations <-45 degrees, should be approximately

TAt ,_(2.0) (14.3) = 4.8 ft-lb-sec/orbit

6

2. 6.1.4 Disturbance Torque Summary

The normalized values of momentum change per orbit due to solar pressure,

(TsAt) /(_A), aerodynamics (T AAt)/A_), and gravity gradient (T GAt)/AI sin 2 0g)

are all illustrated in Figure 2-115 for comparative purposes. (Note that the normal-

izing factors are not the same). The maximum values of impulses per orbit and

peak torque for these disturbances are given in Table Z-Z3.

The maximum disturbance torque and impulse values will be utilized to

determine the resulting attitude and angular momentum vector drift rates as a

function of spin speed.

2. 6.2 Spinning Body Dynamics

The inertial disturbance torques acting on a spinning body produce a drift of

the spin axis (and angular momentum vector) from its desired position. The instan-

taneous drift rate of the spin axis from its nominal position will be greater at some

times than its average drift rate (drift rate of the angular momentum vector). The

effects of these drifts are discussed below.

2.6.2.1 Average Drift Effects

Figure 2-I 16 illustrates the dynamical relationships for a spinning body under

the influence of an external or internal torque. The angular momentum vector is

forced to precess through an angle a due to the applied torque. The equation des-

cribing this effect are given by

Tan o_ =--

H
s

(2=179)
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TABLE 2-23. IVIAXIE4UIV[ IMPULSE PER ORBIT

(2 INCH CP-CG OFFSET ASSUMED)

, i

Periapsis of I000 km

Solar pressure

Gravity gradient

Aerodynamic s

TsAt <5.65 x 10 -3

-3
TGAt -< 6.45 x i0

TA_t = 0

ft-lb- sec /orbit

ft-lb- s ec/orbit

Periapsis of 500 km

Solar pressure

Gravity gradient

Aerodynamic s

Periapsis of 200 km

Solar pressure

Gravity gradient

A ero dynamic s

TsAt < 5. 50 x I0

TGAt < 7. 60 x i0

TAAt = 0

-3
ft-lb-sec/orbit

-3
ft-lb- s ec /orbit

T S At

TG_t

TAAt

-3
-<5.25 x I0

< 8.48 x 10 -3

ft-lb- sec/orbit

ft-lb- sec /orbit

< 4. 8 ft-lb-sec/orbit

I

I
I

I
I

l
I

I

where

and

H = spin angular momentum
s

=I W
z s

A'H = applied change in angular momentum

=T. _t
l

= inertial attitude error between spin axis

and its nominal orientation

T. = disturbance torque about inertial axis

i normal to spacecraft spin axis

At

I
z

00
s

= time through which T. acts
i

= spin moment of inertia

= spin speed (assumed constant)

Z-187
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The influence of these external disturbances force the angular momentum

vector to deviate from its desired inertial attitude. Since the change in direction

of the momentum vector is incremental, a small angle approximation is valid for

Equation 2- 179 ; hence

T .At
I

I 0_
Z S

(2-182)

and drift rate is consequently

To

1

I ¢0
Z S

(2-183)

2.6.2.2 Instantaneous Drift Effects

In order to describe in detail the motions of the vehicle relative to the

nominal orientation, definition of several reference coordinate sets is convenient.

The reference coordinate sets are illustrated in Figure 2-116 and are described as
follow s :

x. Yi zi - Inertial reference coordinate set with origin at spacecrafti
cg and defining the desired nominal orientation of the spacecraft. The

z. defines the nominal orientation of the spacecraft spin axis and the
I

x., y. plane nominally contains the transverse axis. The x. axis is
1 . 1 ........ I

arbltrar_iy deflned to be the axls about whlch an inertlal dlsturbance

torque acts on the vehicle (for small error angles).

x y z - A vehicle reference set with origin at the spacecraft cg, the

z-axis defining the spin axis, and y-axes along the booms.

The orientation of the x y z set relative to the x.1 Yi z.iset may be expressed
as a function of time by direction cosines:

X

Y

Z

"a I l(t) aZl(t) a3 l(t)"

a12 (t) a22(t) a 32(t)

a 13 (t) a23 (t) a33 (t)

l -

X.
1

Yi (2-184)

Z°

1

the spin axis motion is then defined by evaluating a 13(0 and az3(t ) and their deriva-
• • A A A

tlves, whxch represent (e . e .) and (_ . e .) respectively, and for small angles,
Z Xl Z 1

(a 2 + a 2 I/2 represents the angular errorYof the spin axis relative to the inertial
!3 23 )

re±erence set.
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I

i _e: /__-_
I

/I - _x\ TiI _- _s_x_-T_':-%)

The rotational equations of motion for the unsymmetrical spinning vehicle

S

sin w t
s

(2-185)

I

I
I

I
I
I
I

I

where

¢0
s

T°

1

T
o

= spin rate (assumed constant)

= inertial disturbance torque (assumed about x.-axis)
1

= body fixed disturbance torque (assumed about x-axis)

Solving Equation Z-185 for Wx(t), 0_y(t) results in:

COx(t ) =Wxo cos _t - Wyo (kx -k}rx)Ws sin _t

)`ox

+ --_-sin _t

)'ix [_ _t w
+ ._12" -;2, sin - sin Wst ]

( _ s) s

(kx k )W
+)`Iy - yx s '|_sin w t -

a(a 2 w_) [ s s

sin $2t ]

(Z- 186)

I
Wy(t) = COy°

¢Oxo cOs (k x - ky x)
cos f_t + sin _t

I
I

I

)`ox O)s - kxy)
+ (kY Z (cos _t - i)

,[)` Ix t°s _s]+ (k} r - kxy ) - A'IY (cos

(az _ _zs)

(z-187)

w t - cosf_t)
s

I
1-189

I



I

where

Z. Z.

1 i =_

x y

T T
m 0°=k --=k
I ox I
x y

ly

oy

I
I

I
I
I

I

k =I /I
X Z X

k =I /I
y z y

k =I /I
xy x y

ky x = Iy/I x I

k : 1 +(ky 1) I/Z /Z- (kx - l)1

= nutation frequency = COs (kx _ kyx) l/Z (ky - kxy)

:_ {k - l) z
S

l/Z I

I
Wx°' = initial angular rates about transverse axes

¢°y o

Both symmetric and unsymmetric OEC design configurations are compat-

ible with the experiment packages delineated in earlier sections. Hence, Equa-
tions 2-186 and 2-187 can also be written for an OEC having symmetric properties

by letting

I =i (z-189)
x y

therefore

I

I
I

l

and

k =k =k
x y

k =k = i (z- 19o)
xy yx

I

I
making these substitutions into Equation 2-185 I
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I

I

I
+w w [ =_ +w W (K- i)

x s y x s y

k I t= COS COS

(z-i9i)

| /4 -Ix_ •
- CoCo I .---_--i=co -co Co (K- i)

_y s x\ _y / y s x

l =- k I sin Cos t

(2-192)

I

I
i

I
I
I

I

The solution to Equations 2-191 and 2-192 is then

x(t) - k° [sCo + 9 t]co in_t +sin Cos __.-,:/9-_a_
S

_o [ ]cOt(t ) = t (2- 194)Cos+ _ cos _2t+ cos Cos

The instantaneous drift rates can be determined from the direction cosine

derivatives where the direction cosines are those relating a vehicle reference

coordinate set to an inertial reference set defining the desired nominal spacecraft
orientation.

A brief digression will be made to develop the necessary relationship. In

general, the vector equation of motion describing the change in angular momentum

is given by

d(_I) + _x 171=i[4 (2-195)
dt

where

I

I
I

_-{ = angular momentum vector

= angular velocity vector

k4 = momentum vector

This vector can be described equivalently in a matrix form as

[_] + [P(_fl [_] =[M] (2-196)

I
I
I

where the angular velocity is given by the symmetric form

CO =

" 0 -coz Coy"

a_z 0 -cox

-_ Co 0
y x

2.-191

(2- 197)

I



A fundamental set of relations (Reference 17) concerning the direction

cosines and their time derivatives is given in the following matrix form:

d
_r [a] + [p(co)]M =o (2-198)

where [A] =directioncosine matrix.

Thus there is a set of nine differential equations in the form of Equation

2-198 which, together with Eulers equations of motion (2-195) form a set of 12
first order differential equations describing the motion of the capsuie.

Writing out the directional derivatives by equating coefficients in

Equation 2- 198,

all(t) =COz a21 - coy a31

alz(t) =coz a22 - coy a32

_13(t) = co - coyz a23 a33

= a
a21 (t) cox a3 1 - coz 11

a22(t) =COx a32 - coz a12 (2-199)

a23(t) =cox a33 coz a13

a31(t) =C0y all - cox az1

a32(t) =co yal2 - cox a22

a33(t ) =co a - coy 13 x a23

Equation 2-199 is then integrated to produce (rather complex) expressions

for a31(t), a32(t); however, the value of the attitude error

z z 1/2
(a31 +a32)

over an orbit reduces to the simple expression for 0l of Equation 2-182 for the small

disturbance torques acting on the vehicle. The instantaneous values of a31 and _32

are, however, of interest with respect to the maximum allowable drift rate.

2-192
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I

I

I
I

By assuming that the attitude errors relative to x.l Yi
equations are given as

---Wy(t) t + sin ta31 (t) cos cos cox (t) Ws

_i32(t) ---%(t) sin Wst -Wx(t ) cos C0st

z. are small, the
I

(2-2oo)

I

I

I
I
I

I

The instantaneous drift rates are then found for the unsymmetrical vehicle
configuration by substitution of Equations 2-186 and 2-187 into 2-200. For the

symmetric case (from Equations 2-193 and 2-194):

X 1
_31(t) = --

kcos

XI

_32(t) = kcoE

(1 - cos kwst )

(- sin kcost )

The instantaneous peak values are found for the unsymmetric case after

some manipulation to be

(2-2o!)

2Xlxco s
(k - 1

a31 < (W2s _ flZ) y - kxy)

I a32-< klx cos (2 +eLk x - 2k )- 20@(az __
s

I where

(2-202)

I

I
I

I
I

L'l

tk x 1 /

and inertial torques only were considered (T o ---0).

A simple form of solution for the symmetric spinning satellite exhibits peak
drift rates as foIlows:

2k
I

_31(t) -< co--:-

2T.
1< i

-I CO
z s

(2-203)

I
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Figure 2-i17. Angular Drift Per Orbit Due to
Disturbance Torques Versus OEC Spin Speed
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I
I

I

I
I
I

I
I
I

I
I

I
I

I
I

I
I

T°

<__/I
I
z °°s

(2-203)

l

2.6.2.3 Effects of Disturbances on OEC Attitude

Studying the resulting expression 2-202 and 2-203, the influence of the

transverse moments of inertia on the instantaneous drift rate can be readily
recognized. Assuming typical inertia values of

,-)

I = 3.5 slug-ft _
x

I = 7.0 slug-ft 2
Y

I = 7.5 siug-ft 2
z

the peak drift rates for the unsymmetrical case will exhibit a slight ampli-

fication in a32 whereas the a31 component will decrease by approximately 60

percent. Both of these rates are in an opposite sense to that of the symmetric model.

Having described both the average and instantaneous drift rates, the

resulting expressions may be applied in determining the effects on the OEC
attitude.

Orbital models defined in Section 2.6 are assumed. A nominal apoapse
altitude of 10,000 km together periapsis altitudes of i000, 500, and 200 km are

selected to determine the attitude errors incurred as a function of the solar,
gravity, and aerodynamic disturbances.

The angular drift per orbit due to each of the disturbance torques, is com-
puted using Equation 2-182. The resulting variation of the attitude, ol with the

spacecraft spin speed, COs, is illustrated in Figure 2-117 for periapsis of 1000,
500, and 200 km.

Since the aerodynamic perturbations exist well below 1000 kin, they do not
appear in Figure 2-117a. The maximum angular drift per orbit (~7 hour period)
for solar pressure and gravity gradient is seen to be approximately the same
magnitude. In the region of 50 to 70 rpm (desirable spin frequencies for the

experiment) the attitude drift is on the order of 0.0075 degrees/orbit. At lower
frequencies the attitude error builds up somewhat faster. Increasing spin speed
does not decrease the per orbit attitude error by a great amount beyond 80 rpm
since the attitude error is inversely proportional to spin speed and a very large
number of rpm is required to further decrease or.

2-195



Similarly, at a perapsis of 500 km (Figure Z-ll7c) the aerodynamic effects

are negligible. What is apparent in this chart is that gravity disturbances increase

somewhat, as is expected.

Aerodynamic perturbations based on the Martian atmospheric model VM-9

are initially effective at 400 kin. A study of a lower periapsis altitude was made

to determine attitude requirements in the case that orbit maneuvers to these

lower altitudes were contemplated. Figure 2-117c illustrates the singular effect

of the aerodynamic disturbance since it is so much greater than the combination

of the solar and gravity disturbances. Notice here that the deviation of the OEC

spin axis from its desired inertial reference is three orders of magnitude greater

than that at the previous altitudes. In fact, the attitude requirement of-5 degrees

to the ecliptic normal could not be realistically met at this low altitude without

real time attitude control.

A more suitable attitude performance can obviously be provided for in the

region between the 200 km and 500 km periapsis altitude. Referring back to Fig-

ure 2-113, it is recognized that there is greater than five orders of magnitude dif-

ference between the aerodynamic drag force between 400 and ZOO km altitude.

Thus increasing the minimum operational altitude from 200 km to 300 km reduces

the force as well as the attitude error by a factor of I000. Doing so, the aero-

dynamic disturbances are reduced to the order of those exhibited by solar and

gravitational effect, approximately 0.01 degree/orbit.

The maximum drift rate is now determined for the three cases c_ted..

Drifts due to solar pressure remain the lowest in magnitude. The error from

gravity disturbances at say 60 rpm varies between 0.02 and 0.04 deg/hr depending
on the minimum altitude as shown in Figure 2-i18. Aerodynamic peak rates are

very high at altitudes of, say, 200 km, but for the 300 km altitude (chosen earlier

as a lower limit on altitude) the rate is on the same order as the gravity induced

rate. A summary of the steady state and peak drift is tabulated in Table Z-24.

The selection of a best baseline spin speed between 50 and 70 rpm does not

appear critical. A choice of 60 rpm is representative as a nominal and will be

used to design the attitude control system parameters such as the nutation damper

and propulsion system.

2.6.3 Attitude Corrections

Attitude correction is a basic operation in the orbit change mode. An atti-

tude correction system can, however, also be included on the simpler co-orbital

OEC. The reason for doing so is to ease the initial separation requirements so

that the :e5 degree (3or) attitude alignment to the ecliptic normal can easily be
achieved. In addition, this correction system could be used to rotate the capsule

into a preferred orientation so as to sense all components of the Martian magnetic

field.

2-196
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TABLE Z-Z4. MAXIMUM ATTITUDE DRIFT/ORBIT AND MAXIMUM

INSTANTANEOUS DRIFT RATE

Dis turbanc e

1000 km

Solar pressure

Ae rodynamic s

Gravity gradient

500 km

Solar pressure

Ae r odynamic s

Gravity gradient

300 km

Solar pressure

Ae r odynamic s

Gravity gradient

200 km

Solar pressure

Aerodynamics

Gravity gradient

Attitude Drift Per Orbit

< 0. 0048 deg/orbit

< Negligible

-<0. 0069 deg/orbit

< 0. 0046 deg/orbit

< Negligible

< 0. 0081 deg/orbit

< 0. 0045 deg/orbit

< 0. 005 deg/orbit

< 0. 0087 deg/orbit

< 0. 00638 deg/orbit

< 4.8 deg/orbit

< 0.0103 deg/orbit

Instantaneous Drift Rate

-<7.9 x 10 -6 deg/sec

<4.6 x l0 -6 deg/sec

-6
< 7.9 x 10 deg/sec

-6
< 6.5 x i0 deg/sec

-6
< 7.9 x I0 deg/sec

<7.6 x 10 -6 deg/sec

-6
< 7.9 x I0 deg/sec

<8.3 x 10 -6 deg/sec
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The correction system is also used to control the OEC attitude to a new

orientation so as to conduct orbit maneuvers. Requirements for these various

corrections can be interpreted in terms of the total impulse necessary to achieve

a change. Figure 2-119 illustrates this requirement in terms of the angular change
in attitude.

Z. 6.4 Orbital Maneuvers

The discussion in the preceding sections is pertinent to both the simple co-

orbital concept and the orbit change concept. At this point in the discussion, the

emphasis is shifted to illuminate the flexibility of the OEC in the orbit change
concept.

There are several advantages to the orbit change mission that cannot be

realized by the simpler system:

Capability to perform atmospheric occulation experiments (mother-

daughter occultation}

• Provision for adjusting the OEC orbital altitude, inclination or node

• Provision for a stationkeeping mode between Voyager and OEC

The requirements for performing maneuvers are established in the following

discussion. Several orbit change maneuvers are considered: altitude changes,
orbit inclination changes, and apse line rotation.

Z. 6.4. 1 Orbit Changes Dynamics
i

Orbital maneuvers require that energy be either added or subtracted to the

orbit. The energy must be in the form of propellent carried aboard the OEC. Siz-

ing of the quantity of fuel required is dependent on the design weight constraints.

Even more, it is bounded by the velocity increment necessary to perform an orbital

mane uv e r.

Several maneuvers are contemplated as being useful to extend the mission

requirements of mapping the Martian magnetosphere. Included are changes in alti-

tude to possibly more interesting regimes of the magnetosphere, variations in orbital

inclination to observe ecliptic related experimental phenomena, and the possibility of

extending the mapping feature discussed in Section Z. 3 by controlled rotation of the

apse line.

Altitude Chan_es. A derivation of the velocity requirements to provide these

maneuvers is based on an evaluation of the vis-viva equation given below. For velocity

changes at apoapsis,
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whe re

/_ = Martian gravitation constant

r = radius at apoapsis
a

a = semimajor axis

Differentiating with respect to a,

2V dV - /_
a a Z- da (2-205)

a

Since the semimajor axis is related to the apoapsis and periapsis altitude,

h h

a + P + R (2-206)
a - Z m

where

h = apoapsis altitude
a

h = periapsis altitude
P

R = radius of Mars
m

By taking the derivative of Equation 2-206

da 1
- (2-2O7)

dh -Z
P

and recombining with Equation Z-205, the approximat@:' change in periapsis altitude

due to a change in velocity at apoapsis is

Ah 4a Z V AV (2-208)
p =_-- a a

The term a//_ may be replaced by evaluating the visa-viva Equation 2-204

which gives

= _ \1 +eJV
a

(2-209)

-':'-Thisapproximation is good to within I0 percent of the altitude change desired.
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Normalizing to the circular orbit velocity (at apoapsis)

/-

V = V _/l - e
a c

a

it is finally observed that

4r
Ah -= a - e AV

p (l+e)Z V
a

(2-209)

(2-211)

where
c
a

V is the magnitude of circular orbit velocity at apoapsis altitude.

In a similar fashion,

applying a AV at periapsis.

changes in initial apoapsis altitude are maximized by
In this case

4r _ AV
Z_h = P (2-21Zl

a - (1 - e) 2 _c
P

where V is the magnitude of circular orbit velocity at h .
c p
P

Figure Z-IZ0 gives Ah_ as a function of AV for several apoapsis altitudes

and periapsis altitudes equal to 500 km and 1500 kin, respectively. The results

show that a capability of 500 fps is more than sufficient to reduce the periapsis alti-

tude to any desired value from the initial Voyages periapsis altitude.

Figure 2-121 is obtained by application of Equation 2-212. A velocitycapa-

bility of 500 fps appears to be sufficient to change the apoapsis altitude by at least

40 percent of the initial value. For a AV of 1000 fps, the OEC orbit could be circu-

larized at the periapsis altitude. Circularization, however, is not beneficialsince

changes in altitude are desirable for adequate and complete mapping of the

magneto sphe re.

Inclination Changes. Results in Section 2. 1 indicate a desire to make the

magnetic measurements between Mars inclinations of 30 to 50 degrees. This falls

within the current range of possible Voyager mission inclinations, which at injection

range from 30 to 70 degrees to the Martian equator. Therefore inclination changes

by OEC would only result if Voyager selected the higher inclinations. Thus it would

appear that changes on the order of 20 degrees might be desirable.

An expression for changes in inclination in terms of velocity added to the orbit

can be obtained by application of the Law of Cosines to the illustrations in

Figure 2-122.

AV 2 = V Z + V 2 _ 2V V cos Ai (2-213)
O O O O

ZVo2 [i - cosAi]
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By a trigonometric identity,

can be written and, in terms of the change in inclination,

(2-214)

Ai = Z sin-l(AV)z-V- (z-215)
O

Velocity increment requirements for inclination changes are displayed in

Figure 2-123. Maneuvers initiated from both apoapsis and periapsis are illustrated

to show the extremes. The actual selection could be between the two sets of results.

It is particularly important to point out that the inclination change obtained depends

on the angular location of periapsis relative to the equator (i.e., the argument of

periapsis), and therefore a complete range of inclination changes could be shown.

The general trend of the results in Figure 2-123 also points out the futility

in attempting to change inclination. Costs in terms of velocity increment are

extremely high. For example, a Z0 degree adjustment in inclination would require

a velocity increment of 1500 fps if the maneuver could be made from apoapsis

(nominal I0,000 km x i000 km altitude orbit). This requires that the apoapse of the

orbit intersect the Martian equatorial plane.

Controlled Apse Line Rotation. From the point of view of the experimenter,

it appears that placement of OEC periapsis at the solar subpoint at the beginning of

the mission is desirable. The possibility of the Voyager orbit's being somewhat

different prompted the investigation of requirements to adjust the periapsis position.

Control over the location of periapsis is provided by the adjustment of the line of

apsides.

Figure Z-IZ4 shows the rotation of periapsis achieved as a function of AV

expended. These results are based on applying the velocity normal to the velocity

vector and in the plane of motion, at apoapsis of the orbit. This appears to represent

an optimum point to apply this change.. The figure indicates that substantial velocity

increments would be required to produce large changes in the location of periapsis.

As an example, a velocity increment of I000 fps, in a i0,000 km by 500 km orbit,

will rotate periapsis only 10 degrees. If, however, the apoapsis altitude is

decreased to a relatively small value prior to initiation of this maneuver, the capa-

bility for rotating periapsis will increase. A combination of this type would require

additional satellite reorientation maneuvers, and would therefore increase the com-

plexity of orbital operations. In addition, a ?iV considerably in excess of 1000 fps

would be necessary.

Thus it appears that this form of orbit correction is outside the current

spectrum of OEC capability.
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2. 6.4. 2 Voyager - OEC Stationkeeping

Performance of maneuvers as an extension to the simple co-orbiter concept
was initially treated as a method of broadening the (DEC mission by provision for
new experimental results. In this light, orbit changes provide greater data at a
small cost in system weight, volume, etc. There is one valuable suggestion for an
(DEC mission operation which is not treated in detail but deserves mention as a
promising option.

In particular, the rationale is to minimize OEC communication ranges by
not only ensuring relatively short separation distances but also controlling the rela-
tive range between Voyager and OEC - in other words, "stationkeeping." The con-
cept certainly stands out as a viable solution to minimizing power and maximizing
the exoerimental data taken by OEC and transmitted to Voyager.

Figure 2-125 illustrates the manner in which this mission would operate.
Two orbital maneuvers are required. First, the OEC must establish the proper
attitude at apoapsis and maneuver to a lower periapsis. Without reorienting, the
(DEC is commanded at the new periapsis to increase its apoapsis. In the ideal situa-
tion, the new orbit is of the same period as the original (DEC orbit in which the
Voyager remains. Hence, by fixing oneself in a Voyager centered coordinate sys-
tem, the (DEC appears to hover relatively close to Voyager in a manner shown in
Figure 2-126. Thus communication ranges can be fixed to an upper bound by the
proper maneuvers.

In the actual case, both attitude and orbit trim maneuvers would be required
to bring the (DEC into the desired geometry and to maintain it. External disturb-
ances such as solar pressure would continually perturb both vehicles from the
desired nominal state; hence stationkeeping at some fixed interval of time would be
used.
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2.7 ATTITUDE STABILIZATION, CONTROL, AND ORBIT

CONTROL IMPLEMENTATION

The OEC is a spin stabilized satellite of Mars. This method of stabiliza-

tion is not only the most desirable from a scientific point of view since it does pro-

vide a natural spinning platform for gathering field and particle measurements but

is also the most desirable from a satellite design point of view. Stabilization as

such is passive and is the least expensive and most reliable technique available.

With the addition of an active control capability, the versatility of this sys-

tem increases dramatically. In its simple mode of operation (co-orbital mission),

the OEC is separated, spun up to 60 rpm, and remains in a particular orbit rela-

tive to Voyager. By the addition of the active attitude control system, several

important additional mission experiments can be carried out.

The desirable features of an active attitude control system are:

l) Capability to initially align the spin axis normal to the ecliptic plane for
all viable OEC missions.

Z) Provision for attitude corrections of external perturbations.

3) Capability of providing additional OEC magnetic field component

measurement by reversing the direction of the spin axis attitude.

4) Necessary to provide orientation for orbital maneuvers.

Once the attitude control system is part of the satellite design, the extension

to orbit control is rather simple.

Orbit control extends the OEC mission flexibility in many ways, for example:

l) Provision to map the magnetosphere at altitudes very near to the planet.

2) Capability to change apoapsis altitude to investigate the shock boundary

in the tail of the magnetosphere.

3) Possibility of performing a stationkeeping mode of operation.

A summary of the basic stabilization concept and the sizing of an attitude/

orbit control system are presented here.
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2.7. 1 OEC Spinup System

Following separation from the Voyager spacecraft, the OEC will be spun up

to the predetermined rate. A spinup system is included on the OEC to spin the

vehicle to 60 rpm. This stabilization technique provides a gyroscopic "stiffness"

to the vehicle and allows relatively large thrust levels to be utilized for velocity

and attitude control maneuver s without appreciably di sturbing the de sired orienta-

tion. In addition, this form of stabilization allows for a reasonable long period of

time to pass before orientation errors due to natural disturbance torques need be

corrected.

Two types of spinup system are considered here: a blowdown N 2 system,

and a constant thrust system. A digital program, incorporating accurate mathe-

matica! models of the systems, is used to determine the attitude history with

arbitrary initial conditions under the action of a force about the axis of symmetry

given by:

F°

F(t) = z (2-216)
K 3

(I + Kzt)

where, in the case of a blowdown system, the K parameters are functions of the

tank and nozzle pressures and specific heat ratios, the nozzle throat area, weight

of fuel, gas constant, and temperature, and Fi is the initial thrust. For constant

thrust analyses, K 2 is set equal to zero.

With the assumed vehicle parameters (Iz = 7.5 slug-ft Z, uos = 60 rpm, etc.),

a total impulse of 33.25 ib-sec is required for spinup. This requirement in con-

junction with an assumed tank pressure of 2500 psia dictates an initial thrust of

"--95 pounds for the ATS N Z blowdown system. This particular system is used here

largely to exemplify the differences between the two spinup systems.

Constant thrust values of 0. 5, 1.5 and 3.0 pounds are studied as they repre-

sent reasonable spinup periods. The associated spinup times for each of these (all

two jet systems) are:

Thrust Level Time to Spin Up

N 2 blowdown (ATS)

0.5 pound constant thrust

I. 4 seconds

33.25 seconds

1.5 pound constant thrust ii.08 seconds

3. 0 pound constant thrust 5.54 seconds
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The attitude errors and nutation angles resulting from the systems are
illustrated as functions of the initial tipoff rates in Figures Z-73 and Z-74. The
curves are based ona thrust plane to cg offset of 3 inches and the following
tolerance s:

• Angular misalignment of nozzle
in thrust plane

_0.5 degree

• Angular misalignment of nozzle
out of thrust plane

<0. 5 degree

• Fractional thrust mismatch _5 percent

• Nozzle position mismatch _0°06 inch

As can be noted, significant attitude errors can build up at thrust levels

below 0.5 pound. This is, of course, a function of the initial tipoff rate. The

induced nutation angles appear quite reasonable for the thrust levels studied.

These results are not treated in further detail in this section since a

detailed tradeoff is considered in Section 2.4 in regard to the separation-spinup

phase of the OEC mission.

The final choice of thrust level based on those results is 130 miilipounds.

Detailed discussion on the propulsion system and the N Z spinup propellant is

presented in Section 6.0.

Z. 7.2 Nutation Damping

The objective of a nutation damper is to remove the induced torque free

precession (or nutation) angle of the OEC spin axis about its angular momentum

vector. Nutation damping for the OEC can be provided by a nutation damper similar

to that used on the Syncom/Early Bird satellites. The principal disturbances caus-

ing spacecraft nutation are separation from the Voyager spacecraft and thrusting of

the reaction control system. Extensive performance analysis and testing of Syncom-

type dampers have been performed at Hughes in the Syncom, Early Bird, and ATS

programs, and techniques have been developed to accurately predict damping time
constants for various vehicle conditions (References 18 to Zl).

This type of nutation damper is a passive device consisting of a fiberglass

tube partially filled with mercury and mounted some distance from the vehicle spin

axis with its long axis parallel to the spin axis. The spacecraft nutation motion

results in the generation of surface waves in the fluid, thereby dissipating the nuta-

tional energy via the fluid viscosity. The action of the passive energy dissipation

results in variation of the nutation angle 0_n with time. For small angles, _n is

given by:

(t) = _ e-t/_ (Z-217)
n o

where T is the nutationdamping time constant, _ > o for (iz/i x} = IK > I.
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The damping time constant is determined as a function of the nutation

frequency (Q), vehicle spin speed (Ws), radial distance of the damper centerline

from the spin axis (Xo), inside diameter of the tube (Dr), fraction filled (FF) of

the tube, and tube length (_,). A digital computer program is utilized to compute
the time constant.

Figure 2-127 illustrates the relationship of the damper to the capsule. As

indicated above, the nutation angle c is removed by the viscous energy dissipation

from within the damper. Attitude errors such as @ cannot be so removed and

requires fuel expenditure. The damper proposed for the OEC is similar to that

illustrated in Figure 2-128.

Figure 2-129 illustrates damper time constant versus radial distance, Xo,

from the spin axis (_s = 60 rpm). If the OEC transverse moments of inertia are

not equal, the time constant will increase _**_**_,y.-I'~_"I

Based on these results, a damper time constant of l0 minutes is chosen

since it represents a reasonable period° The characteristics of the proposed OEC

damper are shown in Figure 2-127.

2. 7.3 Control Considerations

Much thought has been given to the operational aspect of the OEC mission

and the ability of the capsule to maintain the nominal inertial attitude. An evalu-

ation of the disturbances and the related attitude deviations has carefully been

studied in the preceding sections. Now it remains to interpret the effects of these

attitude perturbations in terms of including a correction capability as a subsystem

of the experiment capsule.

2. 7.3. I Attitude Control Techniques

The form of attitude correction, as well as orbit adjustment, for a spinning

satellite is discussed preliminary to a detailed discussion of fuel requirements

and system performance.

A body under spin is governed by the Euler rotational equations of motion.

As such, it is recognized that the control of the bodies angular momentum vector

(ideally collinear with the spin axis) is provided by a torque about an axis 90 degrees

out of phase with the desired direction of motion. The angular momentum vector

is precessed through the angle 8 to its new attitude as shown in Figure 2-130. The

equation is identical with that formulated in Section 2.6, Equation 2-182, except that

the attitude change is a result of an internally controlled rather than an external

torque. Rewriting,

6 @ =_ F46t
I w (2-218)

S S
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where

F = attitude control thrust, axial jet

= moment arm from center of mass to thruster

6t = time of application

I = spin axis moment of inertia
s

= capsule spin speed
s

The correction vector is the applied torque impulse

As shown in__Figure 2-130, the task of precessing the capsule angular

momentum vector H ideally requires the application of a pulse of thrust parallel

but offset from the spin axis. In actuality, the impulse is replaced by a slightly

less efficient but physically realizable thrust pulse of finite duration. The mini-

mum pulse duration is limited only by the electrical and mechanical operation of

the thrustor solenoid response.

The thrust and minimum pulse on-time specifies the region of application

of the axial thruster during one spin cycle. Thus

8_ = IF-_zC) (St) 2 (2,219)

where

F = thrust level

C = moment arm

I = spin axis moment of inertia
Z

8t = minimum pulse on time

This equation establishes the minimum part of a spin revolution that can

be used and indicates efficiency of the control torque to provide the desired pre-

cession. As the pulse on-time is increased, the inefficiency, which is usually

small, also increases. Taken to the extreme, the thruster can be operated over

a complete spin cycle. This is exactly how orbit maneuvers are provided. Dis-

cussion of this technique for making orbit adjustments is presented in subsequent
sections.
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Figure 2-129.

J

I

I
I

K= ].5 ,_

__ _o

2" 4o \

\ i
2 i

_1° _ |

o

RADIAL DIST:LCE FROM DAMPER CE::ERLINE TO 20 I

VEHICLE SPIN AXIS, INCHES

Damper Time Constant Versus Radial Distance X ° I

• AXIAL JET OPERATES IN PULSED MODE TO PRECESSMOMENTUM VECTOR

•c°_P_U:'°_s,_u';_OL_ _ I
TOTALNOMBEROFPULSES S°'_'

"IT i /THRUSTER
,CORRECTION _, _ /

/VECTOR _ UI / | •

/6H \ _ '_- "-'-'--'- % REGION OF I

lq "r-._ _ _1"'-_- _ _APPLICATION'_-_ j ANGULAR _-_-_-_---------_L
\ _ MOMENTUM _1 ,_

hi VECTOR _ ._
\o1 _ __ ___,, _ |

\ I SPIN " ' ' ' -_ CONTROL
\ ] AXIS _ _ _ TORQUE

\

\

Figure 2-130. Attitude Correction Technique

I

I

2-214

I

I



I
I

I
I
I

I

I
I
I

I
I
I

I

I
I

I
I
I

I

In performing the actual attitude maneuver, the amount of precession per
jet pulse is multiplied by the number of pulses necessary to precess the angular

momentum vector from its initial reference to a new inertial attitude. Thus, the

operational OEC requires storing both the pulse initiation angle (referenced to the

sun sensor signal) and the total number of pulses. In similar earth satellite opera-

tions, this form of correction has been conducted in an open-loop fashion. That is,

only a part of the attitude maneuver is conducted at a time. Each time the attitude

sensor data is reassessed to determine accuracy of the correction. In this way, a

very precise reorientation can be guaranteed.

2. 7.3.2 Orbit Control Technique

As part of the OEC feasibility study, the extremes of the viable missions

are evaluated. The desire to adjust the initial OEC orbit from that of Voyager

plays an important role in the flexible orbit change mission concept. The manner

in which the capsule will perform these maneuvers is similar to that just described

for attitude corrections.

There are two techniques for correcting the orbital position of a spin sat-

ellite. The first operates in a pulse mode identical to the axial thrustor but instead

uses a radial thruster° Referring to Figure 2-131, the application of thrust is

through the center of mass of the OEC, producing a translational motion in the
desired direction.

The other approach is one already mentioned-- that is, to apply the axial

thrustor in a continuous operational mode.

There are several differences in these approaches and their applications.

First, pulsed operation is inherently less efficient in producing the desired thrust

level because of a slight degradation in specific impulse; thus, the continuously

operated axial maneuver is more desirable. On the other hand, an orbit maneuver

conducted with the radial jet has a built-in safety if an open failure occurs. For

example, given that the radial jet solenoid fails to close, the fuel will be totally

expended, and the average motion of the vehicle about the spin axis is cancelled.

Orbit maneuvers with the axial thruster have a slightly greater Isp; however,
an open failure could occur. The choice of a baseline orbit control technique cannot

be suitably made at this time. Mission performance evaluation is first required to

indicate the operational modes necessary to carry out the orbit change mission.

However, both methods of orbit control are chosen for the baseline because of the

small cost of adding the radial thruster to the system and the redundancy afforded

the orbit change mission.

2. 7.3.3 Operational Characteristics

The choice of thrust levels for the attitude and orbit maneuvers is not critical.

A range of thrusts between 1 to 3 pounds appears satisfactory and represents values

typical of a similar class and size of earth satellites. For example, jets of thrust

levels similar to those used in the synchronous communications satellite program

(Syncom) are chosen to illustrate operational parameters. Assuming a minimum
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pulsed mode operation with a 60 millisecond pulse duration, the spin angle is

given as 21.6 degrees. For thrust levels of 1.9 and 3. I pounds, the velocity and

attitude correction per pulse are derived and tabulated in Table 2-25. Pulse

requirements for typical types of maneuvers are given in Table 2-26.

TABLE 2-25. TYPICAL CONTROL PARAMETER VALUES

Thrust Level, pounds

I

I

I

I

AV/pulse, fps

AS/pulse, degrees

1.9

0. 0367

0. 1386

3.1

0.0599

0. 2262

TABLE 2-26. TYPICAL PULSE REQUIREMENTS

(NUMBER OF PULSES)

I

I

I

Maneuver

1 80 degrees

90 degrees

1 degree

Thrust Level, pounds

1.9

1300

650

7

3.1

796

398

5

I

I

I

I

I

I

I

Z. 7.3.4 Attitude and Orbit Control Requirements

Assuming a nominal OEC spin speed of 60 rpm, the total impulse require-

ments to correct the attitude disturbances are determined. Table 2-27 summarizes

the per orbit attitude error for the nominal 10,000 km apoapsis altitude model.

Periapsis altitudes down to the 300 km minimum are shown. As mentioned in

Section 2.6, each of the disturbances is of the same magnitude at the 300 kmaltitude.

To determine the total impulse to correct these errors, some rationale for

combining them must be established. There are several pertinent factors to con-

sider. The basic one is defining the correlation, if one exists between the three

sources of attitude disturbance. Certainly the solar pressure is in no way corre-

lated to either the gravity or aerodynamic torque. The solar pressure is always

exerted away from the sun and about an OEC axis where the center pressure exists.

It is cyclic over the year, but for the 90 degree motion of Mars over the 6-month
mission can be assumed to be secular.
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TABLE 2-27. DISTURBANCE TORQUE SUMMARY
(ATTITUDE ERROR IN DEGREES PER OR,BI<T}

Apoapsis altitude-- 10,000 km
Assumptions: Z inch CP-cg offset

I
I

I
I

Source

Solar pressure

Gravity gradient

Aerodynamic

Periapsi __ .Al.titude

I000 km

<0° 004 8

_0o 0069

Negligible

50(! km

_0o 0046

_O. 008i

Negligible

300 km

_0.0045

_0o0087

_0.005

I
I

I
Gravity gradient disturbances are cyclic and are r,.et: i<_t_rrel_ted with aero-

dynamic pressure although both are Mars centered phenomena.° Since the aero-

dynamic forces are exerted for only a short duration through the periapsis of an
orbit, and since the orbit precesses (Section Z.Z}, the rel:_tior_ship could be con-
sidered random. Based on this rationale, the independent sources of error can be

root sum squared to determine the net effect. The .-ss attit<,.d.e error is given in

Tabie Z-Z8. Based on these errors, the requirements to m:_.intain the attitude to

<±5 degrees are ascertained. A correction frequency of abo:zt 6 months (mission

lifetime) is necessary for a nominal periapsis altitude of i000 km for that duration.

At the lower altitudes, the increased disturbance level necessitates correcting the
attitude sooner.

It is very important to realize that the 5 degree const_'aint is only a desir-

able goal to meet, and that increasing this requirement by I degree or 5 degrees

does not affect the solar plasma instrument but increases the complexity to reduce

its data. Increasing this requirement by just i degree incree.ses the co-orbiter

flexibility by an additional month. Hence, it is defir,itely reasor_able to operate the

co-orbiter concept of the OEC for the 6 months with the desired accuracies and

beyond that time for up to a year with accuracies of <li deglees. This is limited

only by the OEC subsystems ability to continue to function properly°

Establishing the total impulse is required to size the propulsion system if
it is desirable to remove these inaccuracies. The total irnpu].se requirements in

Tabie 2-Z9 are determined by observing that

Total impulse -
Z

%
-- _N

2 - Z !
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Periapsis

Altitude,
km

where

TABLE 2-28. EFFECT OF ATTITUDE DISTURBANCE

1000

500

300

Attitude

Error_

deg/orbit

0.0083

0.0093

0.011

Total Impulse,
6 Months,

Ib- s ec

4.1

5.0

6.2

Fuel Weight,

pounds

0.02

0.025

0.03

Correction

Frequency

6 months

< 5 months

< 4 months

• Allowable attitude error

• Apoapsis

• Spin rate

• Pulsed axial jet

• Thrust level

• Correction increment

5 degrees

i0, 000 km

60 rpm

Angle = 22 degree pulse

Duration = 60 milliseconds

T = 3 pounds

A0 = 0. 2.262 degrees/pulse

I

I
I
i

I

I
I
I

I = spin moment of inertia
Z

= moment arm (maximum)

@ = per orbit attitude error

N = total number of orbits in 6 months

Assuming the nominal system parameters, the total impulse is found to vary between
4 and 6 lb-sec.

A hydrazine attitude control propulsion is presented in Section 6.0 as the

baseline controlpropellant. Based on the performance of this fuel, Figure 6-26

is constructed and indicates that the fuel weight requirements are very small.

The weights are in the range of 20 to 30 millipounds.

Capability to perform attitude maneuvers to reorient the OEC for orbital

maneuvers, as well as conducting those maneuvers, is discussed next. Typical

propulsion system requirements are determined for a sequence in which

2-219



_n

o_ • APOAPSLS ALTITUDE = 10,000 km

VEHICLE WEIGHT = LI5 [b

_: • HYDRAZINE PROPULSION SYSTEM

_Z APOAPSIS : 10,000 km

_, 500 km
1000 km

1500 km

MINIMUM D_SIRED ALTITUDI

I///////_I_Y//////X///////,

0 2 4 6 8 lO

WEIGHT OF FUEL, POUNDS

i i L i I I i
0 100 200 300 400 500 600

VELOCITY INCREMENT, FEET PER SECOND

I
700

Figure Z-13Z. Adjustment of Periapsis Altitude

2-220

I
I

I
I

I
I

I
I
I
I

I

I
I
I
I

I
I

I
I



I

II

II
TABLE 2-29. TYPICAL ORBIT/ATTITUDE CORRECTION

II

I
I

II
I
II

II
I

Maneuver

Initial attitude orientation (360 degrees)

Attitude reorientation (90 degrees)

Lower periapsis to 350 km

Total AV

Required fuel, pounds

AV for Orbit Change Maneuver

from Periapsis, fps

• Apoapsis

• Spin rate

• Axial jet thrust

• Radial jet thrust (pulsed)

1500 km

60

15

355

430

7.7

I000 km

60

15

205

280

5.3

I0,000 km

60 rpm

T = 3 pounds

T = 3 pounds

Pulse accuracy AV = 0. 0599 fps/pulse

A@ = 0. 226? deg/pulse

500 km

60

15

50

!25

2.5

II

I

II
I

I

I
II
II

1) An initial 360 degree OEC attitude maneuver is required after separation

from Voyager.

z) A reorientation in attitude of 45 degrees is required to operate the axial

or radial jet.

3) An orbit adjustment to lower periapsis altitude from 1500 kin, I000 krn,

or 500 km to 350km is required.

4) Attitude is reestablished along the ecliptic normal by a 45 degree
attitude correction.

The results are tabulated in Figure 2-132 assuming a 3 pound thrust level as

well as the jet characteristics given in Table 2.-29. The velocity increment and fuel

requirements for the periapsis attitude correction are shown in Figure 2-132. A

summary of the results in Table 2-29 indicates the minimal fuel requirements to

provide attitude corrections as well as the small increase in OEC system weight to

account for propellant to adjust the altitude to minimum distances from Mars which

are commensurate with the 50 year lifetime constraint.
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Z. 8 SYSTEM PERFORMANCE

Z. 8. 1 Mission Summary

Feasibility for operating an experiment capsule ab<_ut the p!ane* Mars

has been treated in detail. The extreme classes of =i ......n_t_ve rni.ssions have

been studied and ezch has proven to be a viable solution.

The simple co-orbital concept is a relatively lightxweigh_, vehicle and is

shown to adequately meet mission accuracy requirements° This apFro__ch requires

precise initial alignment on Voyager to provide am_ orientation o< the configuration

spin axis parallel to the ecliptic normal. The location ,an the __oyager does not

appear to affect the injection since the launch platform could be pr:_periy canted

from any initial position to the desired alignment°

The importance of maintaining relatively short relative ranges tc _oyager

has been intensively studied, to ensure the desired flow of experiment_] datadur-

ing the mission. Selection of a relatively small separation velocity of a 0. ifps,

which is commensurate with relative ranges of <3500 km during the mission,

generates communication power requirements which are within the scope of the

OEC mission objectives. A detailed error analysis indicates that ranges of this

magnitude can be met with launch windows on the order of ±I/Z hour at periapsis

to as great as ±I hour at apeapsis (nominal orbit of i0_000 km × i_000 kin)° A

safety factor of approximately I/3 km passage of closest approach between

Voyager and OEC on the first orbit is designed into the launch window°

Following spinup, the OEC operates as an experimental ir-ertizl plat-
o

form, measuring Mars related phenomena and. relaying the "_,'_....._i-_ _ via

Voyager to Earth°

Whereas the co-orbital mission is qualified as being simple._ it is diffi-

cult not to say that at the other extreme the orbit change mission is also rela-

tively simple° However, in addition_ it is qualified as being flexible, and.

brings to the mission a depth that cannot be provided in the co-orbital ccncept.

There are several operational aspects of this more flexible approach to an

OEC that must also be pointed, out.

o ut:

There are at least four factors in the design of this mission that stand

• Simple separation techniques can be used

• Voyager-OEC relative ranges are not constraine.d
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• Collision is not a problem

• Location on Voyager is completely flexible

By the inclusion of an attitude correction capability and by provision for

increased power, the OEC configuration and mission are in some ways increased

in simplicity and made more flexible. Adding an attitude control system to the

capsule removes the requirement for precise location and separation from the

Voyager Orbiter. Following spinup, which occurs at a preselected safe distance,

the attitude is assessed and corrections applied. A simple ejection technique of

separation is used since attitude errors can be removed with small added fuel

requirements.

Increasing the available solar power eases the constraint on communica-

tion range. Hence a larger separation velocity increment can be applied. How-

ever, the critical separation angle (injecting normal to the Voyager orbital

velocity vector) must still be observed.

The preferred design of the orbit change configuration places the experi-

ments on booms mounted radial to the capsule spin axis. In this way stability

can always be ensured in case experiment requirements change and increased

accuracy of magnetic ;fields is desired.

Independent of the actual OEC mission, attitude and orbit determination

is provided by measurements of two celestial references. A sun and Mars sensor

combination is used to measure the attitude of the capsule as well as to estimate the

orbital position° These sensors meet the attitude determination requirements of

± 1/4 degree knowledge of the Sun line and ± I. 0 degree for the spin axis. The
smoothed data from these sensors is also used to determine the attitude and orbit

control performance. Addition of an S-band communication link serves to remove

attitude or positional ambiguities.

Orbit control is available from the same propulsion system used for the

attitude control. A dual tank hydrazine reaction control system is designed for

this task. There are several important reasons for the inclusion of orbit control

besides the fact that it is a natural progression for the next step in the propulsion

system implementation. First, orbit maneuvers require only that larger tanks be

designed to hold the additional fuel; the jets, squibs, and other associated hardware

are already available. Second, and more important, is the added dimension of

flexibility to observe planetary phenomena at other conditions, and the possibility of

providing a stationkeeping mode of operation. This is particularly of interest if the

occultation experiment is made a part of the OEC experiment package.

Finally, the fact that increased power is available for Lhis mission provides

the OEC with a suitable communication backup system. The S-band command and

receive link could be used to transmit OEC data directly to Earth. A low data rate

mode will provide both the experiment and engineering data.
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EARTHO

J I "FIELD-OF-VIEW /_

\ _ _ k /_ VOYAGER

,.,'_ _ \ /__
SUN x_ tx_ _, _

_\ ...x_,o_cl . / /
_] \ \ _-.mi._. / /, / HORIZON SENSOR

'i:_ _ _ "_, _ , _'_----------------_A_ FIELD-OF-VIEW j_ '

TYPICAL SEQUENCE OF EVENTS

PRE-SEPARATION

e SELECT LAUNCH WINDOW AND SET IN TIMING COMMAND FROM EARTH
• ACTIVATE SUBSYSTEM OPERATION

SEPARATION

EJECT OECSPINUP TO 60 RPM AFTER PRESELECTED INTERVAL

ACQUISITION PHASE

• TRANSMIT SUN AND MARS SENSOR DATA TO EARTH VIA VOYAGER

• ASSESS OEC ATTITUDE AND PREPARE TRIM MANEUVER

I QUIESCENT OPERATION

• CONTINUE ENGINEERING AND EXPERIMENT TRANSMISSION

MANEUVERS

• PREPARE COMMANDS FOR ATTITUDE AND ORBIT CHANGES

• SEND COMMANDS TO OEC
• PERFORM ATTITUDE ALIGNMENT WITH AXIAL CONTROL JET
• PERFORM ORBIT ADJUSTMENT

• ALIGN SPIN AXIS WITH ECLIPTIC NORMAL
• RESUME QUIESCENT OPERATION

Figure 2-133. Typical System Operation
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Z. 8. Z Baseline OEC Selection

Each of the missions suitably meet the requirements imposed. Selection

of a preferred system requires that an additional constraint be imposed; otherwise,

the choice would be made based purely on criteria of simplicity or flexibility. The

added constraint is the nominal expected weight allotment that could be available

on the Voyager 1973 bus. For present purposes, IZ5 pounds is provided and is

broken down into the weight of the basic capsule subsystems, nominal experiment

packager and S-band communication link. Sufficient weight is available for inclu-

sion of a propulsion system; thus the following baseline vehicle design is chosen.

First, the configuration is based on a fixed length, pre-deployed pair of

radial booms. This design is compatible with mating on each of the Voyager bus

configurations and is separated in a radial manner° Separation in this form is

chosen because of the available attitude correction capability and because it eases

initial orientation requirements for this phase of the operation° Spinup occurs at

a suitable distance with a single action nitrogen blowdown spinup system which

nominally provides a couple using two 130 millipound thrusters. Figure Z-133

shows the typical system in operation. The attitude is reoriented at some later

time after assessment of the attitude withthe sun and Mars sensors.

The hydrazine propulsion system is sized with offloaded tanks which pro-

vide for up to 450 degrees of attitude reorientation and an orbit maneuver

AV = 205fps. By offloading the tanks, it is possible to add fuel for increased

maneuverability without invoking additional redesign costs. As shown in Section

Z. 7, this allotment is sufficient to decrease the OEC altitude from a periapsis

of i000 km to 350km (i0,000 km apoapsis). The available propellant is suffi-

cient to remove attitude perturbations induced at the lower altitudes. A trimming

attitude is necessary after the fourth month of operation unless the OEC is maneu-

vered before that time.

Z. 8. 3 Operation Characteristics

Prior to discussion of the sequence of baseline mission operation, the

effect of the extremely large Mars-Earth communication distance must be intro-

duced. Time delays in the reception of OEC sensor data must be evaluated to

ascertain whether any basic real time operational limitations exist. The relative

distance between Mars and Earth is minimum at opposition, 56 × 106 km when

Mars is at or near to the perihelion of its orbit. When conjunction coincides with

the aphelion of the Martian orbit, the Earth-Mars distance has its maximum value
of some 400 X 106 km (Reference 31). Based on these extremes, the time delay

associated with communications between these planetary distances lies between

3 and ZZ minutes° For the Voyager 1973 mission, a time delay of approximately

15 minutes is assumed. Hence, a minimum round trip time of 30 minutes is

required to receive data and transmit a command from Earth to the OEC in

orbit about Mars.

The process of real time attitude or orbit determination could be compli-

cated by the time delay. This is largely of importance during a maneuver.

Assuming a 15 minute command transmittal delay time, the confirmation of

2-225



command reception would take a total of 30 minutes. Evaiu.azi_n of the maneuver

requires reception and. processing of both the sun and Mars sensor data taken for

a period, following the completion of the maneuver, This _ ...ap.=r_,_,,, depends on the

geometry and whether Mars is in the horizon sensor field., of via:w, The time neces-

sary to process this data and. establish the proper altitude correction could then
take on the order of Z to 4 hours. This, of course, depends to .a great extent in

the magnitude of the orbit maneuver contemplated° To better understand the pseudo-

real-time maneuver operation, an example of the attitud.e_orbit con.r.r_! sequence

for the case c.ited in Section go 8. Z J.s developed.

A AV = Z05 Ips is sufficient to lower periapsis of the nominal orbit to 300

km. This requires reorientation of the OEC and. thrusting at apc.apSiSo Proce-

dure for the reorientation maneuver is similar in nature to initial orientation°

Since the attitude and orbit are well established prior to this maneuve::_ the

magnitude of attitude correction can be stored in the OEC central sequencer at

any time prior to initiation° In the worst case, a change in attitude of 90 degrees

might be necessary. The total time to make this maneuver is found, by observing

the total number of axial jet pulses required. From Section Zo 7, "_:he3 pound

axial jet was sized, to provide 0o !4 degrees/pulseo

The total number of pulses {equivalent to spin revolutions} required is

640. Therefore, !Z minutes is necessary to perform this change for the nominal

OEC spin speed, of 60 rpm. Because of the importance of precise attitude align-

ment prior to a maneuver:, the adjustment could be extended over a longer period

of time by dividing it into several corrections, each being studied, prior to com-

manding the next. In this way, overshoot can also be,.avoided.

Upon completion of the at'Litude correction,; the orbit maneuver is initiated..

Either the axial or radial, jet is applied... If a pulsed rad.ia__ jet is used., the per-

pulse correction of _0. 04 fps indicates the execution of 5650 pulses. At 60 rpm,

the total time required, is 95 minutes.

For this case, the orbit maneuver is conducted at apoapsis. From Section

Z. Z, it is seen that the OEC period, spent near the apoapsis (+ Z0 degrees} of

this particular orbit is almos_ 2 hours. The orbit correction is com-

pleted, and. verified, within the first orbit. Following confirmation of the change,
the attitude is redetermined and. corrections to reestablish the spin _xisco!linear

with the ecliptic normal are made°

The identical sequence is followed when using the axial thrustor. However,

the continuous mode operation must be used.. The AV added p.er revolution in the

continuous operation is 17 times greater than that in the pulsed, mode since the

pulse spin angle is 21 degrees. Therefore, the mane'ave-r' could, be, completed, in

just 6 minutes. This is a far more reasonable operation time°

Another method of decreasing the maneuver time when using the pulsed.

radial jet is to increase the thrust level. For example, a choice of 10 pounds

decreases the maneuver period, to <Z0 minutes. This is mentior_ed only to show

that the radial jet could, be used. to raise the apoapsis of the orbit also. Assuming

the requirement to increase apoapsis vith AV = 205fps, it is readily recognized
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from Section 2. 2 that only 20 minutes is available in the vicinity of periapsis

(± 20 true anomaly). A 3 pound pulsed jet would require 95 minutes or up to five

orbits to accomplish this, whereas a thrust increase to I0 pounds would allow

maneuver completion in one orbit. There is but one additional alternative: to

increase the pulse spin angle. This increases the AV per cycle, but at the cost

of greater inefficiency. Axial jet operation is again an obvious solution for the

orbit change s.

There is one additional constraint imposed on maneuvers that deserves

mention. If the correction is made over several orbits_ the attitude to the Sun

must be preserved to maintain the solar array at the minimum allowable solar

aspect.

Maneuvers may require reorientation of the spin axis normal to or into

the plane of the orbit abo-t Mars. This change is bounded by the inclination

of the orbit to Mars. which is 30 to 70 degrees. Hence, for low inclined orbits,

the attitude adjustment could be as great as 45 degrees. There is then a solar

array peak power degradation of 30 percent during this orientation. In this case

it is required to establish a maneuver mode.

2.8.4 Sequence of Events

Based on the previous discussions, the sequence of events and the

associated time intervals are established. To illustrate the differences between the

co-orbital concept and the baseline orbit change_ two sequences are defined.

Tables 2-30 and 2-31 list the events. A time history is illustrated for the base-

line OEC in Figure 2.-134. The important events are shown at the respective

orbital positions. Although the attitude correction need not be conducted

immediately, it is shown as part of the acquisition phase.

TABLE 2-30. TYPICAL SEQUENCE OF EVENTS-- CO-ORBITAL SYSTEM

i) Transit to Mars

a) OEC temperature controlled using Voyager power

b) Batteries under continuous trickle charge (NiCd); precharged for (AgCd)

2) Voyager in Mars orbit, Lander operation complete

3) Optimum separation time determined (Earth computation)

4) OEC systems activated, internal power connected (Earth command)

I

I

I
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SPINUP / SEPARATION /SEPARATION COMMANDS

C--_M-ANDED_ / COMMANDED /SENT AND STORED _o

COMPLETED_ _ /ON VOYAGER
VERIFIED ON EARTH._ _ I._"% _ / "_

INITIAL SUN DATA ..... ._._l_t + 1 m_n t^- 1.5hr_"_ START OEC MISSION

T_NSM,TTED___________\/'+_m,o v \
DATA RECEIVED _ 1_ -- o.

ON EARTH _ _ / to+ZU min K

sunSENSOR \ \ / \
DATA PROCESSING _ )If tn+50 min

,N,T,ATED_\/ - \
MARSHORIZON _ ....... &

DATA / NOMINAL ORBIT \

TRANSMITTED / ....................... \

RECEIVEDJJ_l o / \ I

ONEARTH-- _ / _ n_to+ 240 mi

\ I MARS I / _OECATTITUDE
ATTITUDE \ \ / / COMPLETELY
DETERMINATION Imt + 135 m_n \ / / SPECIFIED

PROCESS_..j_--\o \ / /

COMPLETED-""'- % mln_ _/_o mln_
+ 150 + 210

CORRECTION _ _'o' ,uo m,n . * 1_n _:_ /

'o ......... _ _VERIFICATION

OF MANEUVER

/G .J _,_ ON EARTH

CORRECTION COMMAND RECEPTION

RECEIVED AND EXECUTED VERIFIED ON EARTH

Figure 2-134. Orbital Time History for Baseline OEC
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Table Z- 30 (continued.)

I

I

I
I

I
I
I
I

I

I
I
I

I

I

5) Separation sequence initiated,, timer started (Earth command,)

a) Main structural support of OEC removed, (OEC timer)

b) Power umbilical separated, (OEC timer)

c) Final release, springs push OEC off (OEC timer)

d) Fire squibs to release spinup gas (OEC timer)

e) OEC spinup to 60 rpm (automatic consequence of squib firings)

f) Switch to operational mode (OEC timer)

6) Operational mode

=_-_ Sample..... _cientific instruments (spin-cycle counter)

b) Sample sun and Mars sensors (spin-cycle counter)

c) Sample housekeeping data (spin-cycle counter)

d) Transmit data to Voyager (continuous-real time)

e) Control OEC temperature (passive control--power to boom sensors)

f) Charge batteries (battery controller, as needed.)

g) Provide regulated power (power subsystem)

v) Solar eclipse mode

a) Switch to battery power (battery controller)

b) Continue sampling and, transmitting (as in (6))

c) Control OEC temperature (passive control- power to boom sensors)

d) Provide regulated, power (power subsystem)

e) Absorb power surge on emergence from eclipse (bus limiters)

f) Use horizon sensor pulse to activate plasma probe (sensor logic)

8) Data received and stored on Voyager (continuous)

9) Data transmitted from Voyager to Earth (Earth command.)

10) Sensor data processed, to determine OEC attitude and position (Earth

computation)

EARTH COMMANDS REQUIRED

Activate OEC (l on-off)

Start separation (on-off)

Transmit data to Earth (l on-off)

i time only

i time only

Depends on Voyager storage

VOYAGER COMMANDS REQUIRED

Relay "activate OEC" (i on-off)

Relay "start separation" (i on-off)

i time only- umbilical

i time only -- umbilical

I

I
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TABLE 2-31. TYPICAL SEQUENCE OF EVENTS -- ORBIT

CHANGE SYSTEM

I

I

I
l)

z)

3)

4)

5)

6)

v)

Transmit to Mars

a) OEC temperature controlled, using Voyager power'

b) Batteries under continuous trickle charge (NiCd)_ prech_rged for (AgCd)

Voyager in Mars orbit, landing operation complete

Optimum separation time determined (Earth computaticn)

OEC system activated., internal power connected {Earth command)

Separation sequence initiated., OEC sequencer started. (Earth command)

a) Main structural support of OEC removed (OEC sequencer)

b) Umbilical separated (OEC sequencer)

c) Final release, springs push OEC off {OEC sequencer)

d.) Fire squibs to activate propulsion (OEC sequencer)

e) Spinup to 60 rpm (OEC sequencer)

f) Activate attitude control system (OEC sequencer)

g) Switch to acquisition (OEC sequencer)

Acquisition Mode

a) Sample and. store scientific instruments (spin-cycle counter)

b) Sample and. store sun and Mars sensors (spin-cycle counter)

c) Sample and store housekeeping data (spin-cycle counter)

d.) Receive ranging pulse(s) (Voyager command}

e) Transmit ranging pulse(s) (command decoder to telemetry transpond

mode)

f) Receive transmit data command (Voyager command}

g) Switch to transmit data mode (command decoder to data and telemetry

subsystems)

h) Switch out of data transmit mode {Voyager command, or OEC sequencer)

it Assess OEC attitude and provide correction commands (earth

computation)

j) Orientation maneuvers set in OEC sequencer {Earth command through

S -band.)

k) Process to stored. Sun-spin axis angle (OEC sequencer)

I) Process about Sun line by stored number of pulses parallel with

ecliptic normal (OEC sequencer)

Operational Mode

a) Sample scientific instruments (spin-cycle counter)

b) Sample housekeeping data {spin-cycle counter)

c) Transmit data to Voyager

I

I

I

I

I

I

I

I

I

I

I

I

I

I
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Table Z-31 (continued.)

I
I

l
I
I

I

d) Control OEC temperature (passive control power to boom sensors)

e) Charge batteries (battery controller as needed.)

f) Provide regulated power (power subsystem)

8} Solar Eclipse Mode

a) Switch to battery power (battery controller)

b) Continue sampling and transmitting data (as in (8))

c) Switch off attitude control system (attitude control logic)

d.) Control OEC temperature (passive control-- power to boom sensors)

e) Use horizon sensor pulse to activate plasma probe

f) Provide regulated power (power subsystem)

g} Absorb power surge on emergency from eclipse (bus limiters)

9) Data (including ranging pulses) received, and. stored, on Voyager Earth

command, relayed, to OEC - or Voyager sequencer)

I0) Data transmitted from Voyager to Earth (Earth command)

ll) Maneuvers sensor and range data processed, to determine OEC attitude

and position (Earth computation)

a) Time and direction of the attitude and orbit change impulse determined

(Earth computation)

b) Attitude and orbit change impulse duration set in OEC sequencer (Earth

command to OEC S-band)

c) Precess to stored. Sun-spin axis angle (OEC sequencer)

d) Precess about Sun line by stored, number of pulses (OEC sequencer)

e) Fire orbit change engine for stored, duration (OEC sequencer)

f) Precess about Sun line, reversing (c) (OEC sequencer}

g) Precess spin axis to perpendicular to Sun line and parallel to ecliptic

normal (OEC sequencer, attitude control logic)

EARTH COMMANDS REQUIRED

Orientation maneuvers (Z magnitudes)

Orbit change impulse duration (i magnitude)

Activate OEC (l on-off)

Start separation (l on-off}

Obtain ranging data (l on-off)

Obtain data from OEC (l on-off)

Transmit d_ta to Earth (l on-off)

1 time only

1 time only

Several times only

Every orbit

Depends on Voyager storage

I

|
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Table Z- 3 1 (continued)

!

!

I
VOYAGER COMMANDS REQUIRED

Relay orientation maneuvers (Z magnitudes)

Relay orbit change impulse duration (I magnitude)

Relay "activate OEC" (I on-off)

Relay "start separation" (i on-off)

Relay "obtain ranging" (I on-off)

Relay "obtain OEC data" (I on-off)

Command. OEC data stop (I on-off)

1 time only--umbilical

1 time only -- umbilical

1 time only- umbilical

1 time only--umbilical

Several times only

Every orbit

Possibly every orbit

I
I

I
I
I

I

II,

Z-Z3Z

|

I

i



I

I

I
I

I
I

I
I
I

I
I
I

I

I
I
I
I

I
I

o

,

4.

5.

.

,

°

.

I0.

II.

IZ.

13.

Z. 9 REFERENCES

Performance and Design Requirements for the 1973 Voyager Mission,

General Specification for, Jet Propulsion Laboratory, SE00Z BB001-1BZI,

1 January 1967.

T. Gold, "The Magnetosphere of the Moon. The Solar Wind," edited by
Robin j. _'_-_-'- Mar___,,_,_ and _ Neugebauer, Pergamon, 1966, pp. 381-391.

C.G. Barnett, "Voyager Spacecraft Orbit Data," Hughes IDC No. ZZ93.1/7.

Richard Battin, "Astronautical Guidance," McGraw and Hill, 1964.

G.P. Kuiper and Middlehurst, "The Solar System --Vol. I, Planets and

Satellites," Chapter 3, The University of Chicago Press, Chicago, 1967.

1973 Voyager Capsule System Constraints and Requirements Document,

JPL SE00Z BBOZ-ZAZI, January 1967.

D.F. Spencer, "Our Present Knowledge of the Martian Atmosphere,

Jet Propulsion Laboratory, Contract No. NAS7-100, Presented at

AIAA/AAS Stepping Stones to Mars Meeting, 28-30 March 1966.

B.H. Billik, "Survey of Current Literature on Satellite Lifetimes,"

ARS Journal, November 196Z.

Mildred M. Moe, "Solar-Lunar Perturbations of the Orbit of an Earth

Satellite," ARS Journal, May 1960.

The American Ephemeris and Nautical Almanac, 1966.

"Design and Purchase Manual - Soehner Springs, " Kinemotive Corp. ,

gynbrook, New York, 15 June 1966.

"Study of Adhesion and Cohesion in Vacuum," Hughes Aerospace Group

Report Number P65-94, Materials Technology Department, Contract
NAS8-11066.

W.P. Gilbreath and H.T. Sumsion, "Solid-Phase Welding of Metals

Under High Vacuum," NASA, Ames Research Center.

Z-Z33



14.

15.

16.

i7.

ZO.

Zl.

ZZ.

Z3.

Z4.

25.

26.

Z7.

28.

"Specification for an Orbital Experiment Capsule Study_" NASA Ames
Research Center Specification No. A-!2506.

R.J. McElvain and L. Schwartz_ "Minimization of Solar Kadiation
Pressure Effects for Gravity-Gradient Satellites_" Journal of Basic

Engineering (ASME, Vol. 88_ No. Z_ pp. 444-450_ June 1966}.

L. Schwartz, Hughes !DC ZZZ3/TZ3, "Solar Pressure Torque

Computation Koutines_:' 21 January 1965.

E.I. Ergin_ V.D. Norun, T.G. Windeknecht_ Techniques fo_ Analysis

of Nonlinear Attitude Control Systems for Space Vehicles_ Vclume I_

"Characteristics of the Spacecraft Attitude Control Problem, "

Aeronautical Systems Division Technical Documentary Repcrt No.

ASD-TDR-62_208_ Volume I, june i962.

D.D. Wiiliams_ "Nutation Dampers_" Hughes IDC 27Z0. 7/5_ 6 June 1961.

D.D. Williams_ "Analysis of a Simplified Nutation Damper Model at

Small Amplitudes_" Hughes IDC Z280. 03/19Z_ 6 June 1961.

R.J. McElvain, "ATS Nutation Dampers --Performance Evaluation

Summary," Hughes !DC 2ZZ3/I132, 14 May 1965.

R.J. McElvain, 'rATS S/S Nutation Damper Predicted Performance --

Unsymmetrical Vehicle Configuration_ " Hughes !DC ZZZ3/158Z_

14 September 1965.

I.A. Gura, "An Algebraic Approach to Optimal State Estimation,"

Hughes Report No. SSD 7007ZR_ March 1967.

C.B. Solloway_ "Elements of the Theory of Orbit Determinations"

Jet Propulsion Laboratory Engineering Planning Document No. ZZ5,

9 December 1964.

L. Schwartz_ "Approximate Continuous Nonlinear Minimal-Variance

Filtering," Hughes Report No. SSD 6047ZR_ December 1966.

I.A. Gura, "Attitude Determination for Advanced Spinning Satellites_"

Hughes IDC No. 2Z81. 1-16_ Z5 May 1967.

W.M. Sinton and John Strong_ "Radiometric Observation of Marsh"

Astronomical Journal, 1960.

J.H. Sports, "Optical Attitude Sensors for Space Vehicles Application_"

UCLA Thesis, 1965.

G. DeVaucouleours_ Physics of the Planet Mars, McMillan_ 1950.

2-234

I
I

I
I
I
I

I
I
I

I
I

I
I
I

I
I

I
I

I



I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

Z9.

30.

31.

"Earth Sensor for a Spinning Vehicle," Barnes Engineering Company

Proposal BEC P-109Z, 9 August 1966.

J. Duncan, et al., "Infrared Horizon Sensors," Institute of Science and

Technology, University of Michigan, April 1965.

S. Glasstone, Source Book on Space Sciences, Van Nostrand Co. Inc.,

1965.

Z-Z35



I
I

I
I
I

I

I
I
I

I'
I
I

I

I
I

I
I

I
I

3. O COMMUNICATIONS AND DATA HANDLING STUDIES

AND TRADEOFFS

3. 1 GENERAL

Communication links to and from the OEC will provide for transmission of

data to earth via the Voyager orbiting spacecraft for commands to the OEC and,

possibly, at substantially reduced data rate transmitted directly to DSN in an emer-

gency mode. The commands could be sent directly from earth or by spacecraft

relay. Figure 3-I shows a sketch of these routes with indications of link capabilities

for the illustrative design. Following are the considerations that influence selection

of RF power, duty cycles, modulation methods, frequencies, orbit preference, and

equipment selection.

The illustrative design is based on mission requirements outlined in Table 3-I.

Parametric curves are presented that allow elquipment characteristics to be deduce_

for changes in these m_l_irements which ar_-_und to occur as the design of experi
ments becomes firm.

3. 2 UHF/VHF RELAY LINK FOR PRIMARY DATA MODE

The primary data link will use the Voyager vehicle as a relay so that the

large antenna and power capability of the large spacecraft will bridge the long path

to earth. A glance at the subsequent discussion describing the direct OEC link for

a backup mode will illustrate the need for relaying OEC data gathered at rates

exceeding 500 bits/sec. In the co-orbital mission, OEC separation is controlled so

that the two orbiting vehicles do not drift sufficiently apart that the line of sight is

occulted by Mars during the 6 months operational requirement. This implies

ranges less than 7000 km (3000 km at 6 months for the baseline example), so that

real time data can be transmitted using modest transmitter power. In the orbit

change mission Mars will intervene and the two vehicles may only have unobstructed

line of sight at distances as great as 23,000 km and then for only 30 percent of the

time. Provisions must be made to store data during most of the orbit and transmit

at an accelerated rate when the opportunity occurs. The transmitters will consume

energy levels of at least ll0 watt-hours every 7 hours for the baseline design and

correspondingly more if unfavorable frequencies are used or if data requirements

grow.
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TABLE 3-1. COMMUNICATIONS REQUIREMENTS

I

I

I
Sampling rate for experiments

Distance between samples

Mars sensor data

Clock -- Sun sensor

Engineering data

Data rate

C o mmand s

Set magnituces into sequencer

Start sequences

Select data readout modes

Backup capability on-off

550 bits/sec or

I frame/spin

<4.4 km at periapsis,

<I. 3 km at apoapsis

8 bits/sec, averaged

15 bits/sec

50 bits/sec, averaged

630 bits/sec

or

16 megabits in I0,000 km

orbit; 3Z megabits in 20,000

km orbit

7

4

4

16 (32 commands)

I

I

I

I

I

I

I

I

3. Z. 1 Frequency Selection

On the one hand, frequency selection depends upon the frequency varying

terms of the range equation, which are: noise temperature, transmitter power

efficiencies, and receiving antenna coverage requirements. On the other hand,

the frequency choice involves practical wavelength dimensions for achieving the

antenna coverage required for both vehicles and also must lie in bands that have

been allocated for these purposes. The latter consideration would not appear to be

important for Mars applications; however, Earth testing problems make it advisable

to observe these regulations. Analysis leading to a quantitative evaluation of the

particular terms is described in the succeeding paragraphs.

It will be observed that receiving antenna coverage is listed among the fre-

quency dependent terms. This arises from the fact that coverage for both sending

and receiving antennas is set by the orbital geometry; therefore gain of the trans-

mitter is constant with respect to frequency and the effective receiving area increases
as k_ for constant coverage angle.
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3. Z.Z Galactic Noise

The total noise temperature seen by the receiver is composed of receiver

noise, normal and abnormal solar temperature, and galactic noise.

The galactic noise seen by the vehicle receiving antenna was derived by

superimposing typical antenna beamwidths on a galactic plot of noise, measured at

100 MHz by John Bolton* and averaging for the worst case. These values were then

interpolated across the UHF/VHF band using other researcher's measurements of

the peak noise at the galactic nucleus. Figure 3-Z shows the integrated effect for

three different antenna beamwidths; noise temperatures for present uncooled

receivers have been plotted against the same ordinate. Antenna patterns are sur-

faces of revolution, henceforth termed omnidirectional. Only the wider beamwidths

appear suitable for the OEC geometry,

3. Z. 3 Solar Noise
m

Temperatures for the normal sun were derived from the relationship

(290) (675)

Tk° = f Gigahertz

This value represents the noise temperature _seen by an antenna with beamwidth

sufficiently narrow to precisely include the sun (41 db gain) and must be adjusted

for the wider antenna beamwidths used here. This adjustment is most readily

achieved by forming the ratio of gains for the two antennas and was found to aug-

ment the noise temperature by 1.6 db in the 30 degree - i00 MHz case.

Types III (synchrotron radiation) and IV (plasma radiation) will add to the

normal solar temperature for limited periods. Type III radiation is concentrated in

the first few minutes of a storm and is characterized by spikes of energy spaced at

5-second intervals and lasting I to Z seconds, followed by spikes of energy spaced

at 10 second intervals, 1 to Z seconds long. Their effect is to raise the noise tem-

perature 7 to 13 db at 136 Mz. The plasma radiation will last for i to 6 hours but

the total power reduction will be less than 0. 6 db.

The more extreme power loss caused by Type III is not shown in the data

links since discussions with ARC indicated that these short term dropouts are tol-

erable and the entire system should not be penalized by the additional weight needed

to override such transient noise.

*"The Distribution of Cosmic Radio Background Radiation,

pp. Z08-Z15, January 1958.

" Proc IRE, Vol. 46,
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3. Z. 4 S_ummary of Frequency-Dependent Parameters

Figure 3-3 shows the conversion losses presently attainable in producing

RF power from solar panel or battery prime power sources. Figure 3-4 shows the

combined effect of all the frequency-dependent terms. Arrows indicate the three

frequencies in the range that are available for telemetry according to international

agreement. The positive direction of the ordinate represents increasing link
capability.

3. 2.5 Modulation Method

Two modulation techniques have been considered for the relay link. The

fact that the Orbiter relay equipment is unattended suggested the use of a simple

discriminator for detecting noncoherent FSK of binary data on the carrier. The
penalty to the !ink r ...._A _,_ 1.... _+_._............. _,,,_ terms is:

db [carrier/noise]R,Q,D = 15.0 + I0 log (bit rate) + 10 log [(M+I) Z]

- i0 log (3M 2)

Added bandwidth to allow for oscillator instability will raise this requirement sig-
nificantly. At I0 parts per million or 3 ppm if an oven is used, an additional Z kHz

or 600 Hz must be provided, and these bandwidths are comparable to those required

for transmitting the information.

A similar representation of link stress for coherent PCM/PM in which the

data are bi-phase modulated on a subcarrier oscillator is:

db carrier/noise R'Q'D = 6.8 + 10 log (bit rate) + 10 log (Z Jl 2)

Substituting numerical values for the real time case involving data rates of 630
bits/sec with a bit error rate of 10 -3, it is found that the noncoherent method

requires I0.6 db to 6.3 db more power than the coherent case, depending on use of
an oven.

This difference may have little significance if power is low as is the situation

with some combinations of short ranges and optimum frequencies displayed below,

but for other situations shown even the 6 db penalty may result in data compromise.

There is still uncertainty in the demodulation method carried on the orbiting

vehicle for relay of descent data from the landing vehicle, but the very high data

rates expected for that phase indicate that high power levels would also encourage

the use of the most efficient modulation method. In this application the RF power

breakdown in Mars atmosphere causes a limitation that will not yield appreciably

even if weight were not limited.
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3. Z. 6 Coding

A good case is made for using coding in the subsequent discussion of the

backup data link operating directly into DSN. The possibility of using similar tech-

niques on the relay link was discarded because of the uncertainty in acquiring bit

synchronization. In order to realize apower advantage it is necessary to send the
coded binits at such a low energy level that the received signal is from 1 to 4 db

below the noise. Therefore binit synchronization must be achieved before decoding

can be started. The entire RF signal band can be recorded on the ground and binit

synchronization can be acquired at leisure with monitoring and repetition if diffi-
culty arises. This approach on the Voyager spacecraft is felt to involve too much

risk to be recommended in view of the present amount of inexperience.

3. Z. 7 Power Requirements for Alternate Cases in Co-orbital Mode
m

Table 3-Z shows combined effects for all of the frequency-independent terms
for the three types of modulation methods discussed above. These db sums added

to those shown in Figure 3-4 for the frequency-dependent terms give the -dbw value

for prime power required to transmit 630 bits/sec from 1000 km. Figure 3-5 shows

the prime power required for the several frequencies and modulation methods as

range increases.

The maximum range for each of nine data link parameters is determined by

the range at which the pertinent power line is intersected. These ranges are impor-

tant to the co-orbital tradeoff concerning separation forces and to the occultation

experiment. Occultation distances can only be achieved in the real time data trans-

mission mode if the coherent phase-modulation and 135 MHz option is used and if
13 watts can be used for the transmitter.

If an FSK noncoherent system were specified for ease of spacecraft data

handling and if 400 MHz were dictated, then the co-orbital OEC could not be per-

mitted to drift more than 1000 km away from the spacecraft for full data transmis-

sion capability.

3. ?.8 Orbit Change Mode

The preceding calculations can be adapted to the orbit change mode in which

spacecraft and capsule can be regarded as having roughly the same orbit but with

changing phase relationship in that orbit. Data collected at the 630 bits/sec rate

amount to 15 to 30 megabits for the orbital extremes under consideration. Since the

energy required to transmit a given amount of data is independent of transmission

rate, it is instructive to examine energy requirements versus range shown in Fig-

ure 3-6. This graph shows the watt-hours that will be expended by the transmitter

in transmitting various amounts of data to the Voyager Orbiter. Next, the actual

ranges that will be encountered for two vehicles in similar orbits but with different

periods was examined and summarized in Figure 3-7.

Here is shown a day-to-day history of ranges for readout opportunities as

the two vehicles drift into and out of orbital phase. The lower curve shows ranges

for Z hour readout intervals when the Voyager orbit has 10,000 km apoapsis and
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TABLE 3-Z. DATA LINK FREQUENCY INVARIANT TERMS

Frequency invariant terms normalized for:

Power 1 watt

Range i000 km

Data rate 630 bits/sec

OEC gain and losses, db

4TrR Z with respect to a meter, db

Boltzman's Constant, dbw/Hz

Margin, db

Data requirements, dbw

Modulation loss or improvement,

Bandwidth (630 bits/sec), db

Threshold for bit error rate of
10 -3 db

Oscillator instability, db

db

PCM/PM

- 6.0

-131.0

+ZZ8.6

- 4.0

+ 87.6

- 3. Z

- Z8.0

- 6.8

0

::%9.6 dbw

FSK- F-M

No Oven

87.6

-3.3

-28.0

-i0.0

-7.3

_:'-39.0 dbw

FSK-F'M

Oven

87.6

-3.3

-g8.0

-I0.0

-3.0

;:_42.3 dbw

7

::;These values may be combined with the frequency-dependent terms shown in

Figure 3-3. Prime power required may then be deduced by reversing the

resulting sign.

I000 km periapsis but the OEC orbit has apses of i0,000 km and 500 km. The upper

curve gives ranges for 4 hour readout intervals for the same periapses, but apoapses

are both Z0,000 kin. These readout intervals were chosen to represent the same

duty cycle for each case since the orbit period is 7 hours for the lower curve and

14 hours for the upper curve. Curves for the intervening Voyager orbits lie between

these two extremes if duty cycles are maintained at 0. Z9.

These curves represent one cycle of the synodic period which is repeated

with the period of earth days plotted respectively along the two abscissas. In both

cases the discrepancy between vehicle orbits is about Z4 minutes. If a more dra-

matic orbit shift is effected, then the range histories (or ordinates) will remain the

same but the synodic period will be shortened; i.e., the two vehicles will drift into

and out of phase more quickly.

3-9



(PERIAPSIS DROPPED FROM 1000 Km to 500 Km) 
4 
0 
w 
m IL- 

30 WATT (RF) TRANSMITTER 0- 

BATTERIES - 
C 1 IO WATT-HOURS 55 WATT-HOURS EACH 7 HOURS I 

18 POUNDS 9 POUNDS 

1 1  

1 
0 1 2 3 4 5 (l0,OOO K m  ORBIT) 
0 4 8 12 16 20 (20,000 K m  ORBIT) 

F i g u r e  3 - 7 .  

DAYS 

Communica t ion  Readout  R a n g e s  and  Sampl ing  
Spacing for  Typ ica l  O r b i t  Range  

P 

I 

C 
1 

\\ NOMINAL PERFORMANCE 

NOMINAL PERFORMANCE 
N O  CODE 

\ 

MINIMUM MARGIN 
N O  CODE 

I I 

0 0.5 1.0 1.5 2.0 2 . 5  3.0 3 . 5  

RANGE, ASTRONOMICAL UNITS 

F i g u r e  3-8. L ink  Capabi l i ty  f o r  
10-wat t  T W T  into DSN V e r s u s  

Range 

MAXIMUM DISTANCE 
BETWEEN CONSECUTIVE 
SAMPLES IN Km AT 
APOAPSIS - PERIAPSIS 2 , 6  

1.3 - 4.4 

1.3 - 4.4  1 '  

F i g u r e  3-9 .  C i r c u l a r l y  P o l a r i z e d  
Radia t ing  E l e m e n t  

(Pho to  R116236) 

3 - 1 0  

I 
1 
I 
B 
8 
I 
I 
8 
1 
1 
I 
I 
8 
I 
1 
I 
1 
I 
I 



I

I

I

I

I

I

I

I

I

I

I

l

I

I

I

I

I

I

I

At any particular day of a cycle it is possible to discover the energy

necessary to transmit data by reading range from the ordinate and entering this

value on Figure 3-6. The illustrative design has assumed that the batteries and

solar array are capable of collecting and storing transmitter energy of Ii0 watt-

hours each 7 hours. Figure 3-6 shows that this energy is sufficient to transmit

all of the experiments data for ranges up to 16,000 kin. All of the data corresponds

to sampling experiments each vehicle spin or at distances of I. 3 to 4.4 kin. This

line has been transferred to Figure 3-7 to show those days of the synodic cycles

when all data may be retrieved. If half the battery weight, or 55 watt-hours capa-

bility every 7 hours, is used the maximum amount of data can be retrieved only

when ranges are less tnan ii, 300 kin. This is also indicated by a horizontal line

with the I. 3 to 4.4 km inter-experiments sampling distance marked. Lines marked

with greater inter-experiments sampling distances indicate one way the volume of

data might be diminished to permit transmission when distances are too great for

the energy available. Experimenters could be given the option of reducing the samp-

ling rate with attendant increase in distance between consecutive samples or samp-

ling rate could be maintained with concentration on some portions of the orbit. The

above discussion is further covered for the baseline OEC power system in

Section 5.2 of Volume I.

3.3 S-BAND LINK FOR BACKUP DATA MODE

3.3. 1 Analysis and Design i

A direct link to the DSN can be provided with the addition of equipment shown

in Table 3-3. Table 3-4 gives the calculations for link capability at the maximum

Mars range of 2.5 AU, and Figure 3-8 shows the performance for ranges downto

the closest range for either 1973 and 1975 launch opportunities. The curves for no

coding and for a convolutional code are presented to show the range of capability

that can be offered.

The curves designated minimum margin represent the case for all negative

tolerances agglomerated. The spread of values for various distances and system

performance levels indicates that provisions for several data rates should be

included to optimize data return. If coding were used, the rates might be 8, 48,

96, 200, and 300 bits/sec. Similarly, the sequencer could be programmed for a

variety of sampling modes that might be elected by the experimenters. With coding,

options could be provided so that data could be sampled from 1/2 to 1/70 as often

as in the primary data mode, or orbital segments of particular interest might be

sampled with the primary mode density.

The equipment weights shown are those of an existing transponder which has

been flight qualified for Surveyor and also flown on Atlas-Centaur tests for doppler

tracking. The antenna will be a stacked array of about 6k with a I0 degree half-

power omnidirectional beam. The calculations are shown for circular polarization

which can be achieved with the element shown in Figure 3-9. This element has been

used at UHF frequencies in an array configuration, and scaling to the Goldstone

frequency presents no problem.
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TABLE 3-3.

Components

ADDITIONAL COMPONENTS FOR S-BAND MODE

TWT amplifier

Electronic conversion unit

Drive chain

Receiver and transponder

Diplexer

Decoder selection circuits

Cables and connectors

Structure

Totals

Weight, pounds

0.95

Z.5

Z. 15

3.9

0.5

0.3

0.2

0.7

ll.Z

Power Input, watts

53

9

3

65

Should it be decided to measure the capsule attitude by sensing polarization,

then it would be necessary to use a linearly polarized antenna. The existing Syncom

communications satellite design can be readily extended to provide a 10 degree beam.
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TABLE 3-4. TELECOMMUNICATION DESIGN CONTROL TABLE

Number

1

2

3

4

3

6

7

8

9

10

11

12

13

14

13

16

17

18

19

Z0

21

ZZ

Z3

24

25

26

27

28

29

3O

31

32

33

34

33

36

Parameter Value Tolerance, db Source

+1.0 -0.8 TWT specificationTotal Transmitter Power (12 watts)

Transmitting Circuit Loss

Transmitting Antenna Gain (6k, circular polarization)

Transmitting Antenna Pointing Loss

Equation Constant kZ.(4nR} -2 with respect to a meter

at 2295 MHz, R = 37.5 - 108 krn

Polarization Loss

Receiving Antenna Gain (including losses)

Receiving Antenna Pointing Loss

Receiving Circuit Loss

Net Circuit Loss

Total Received Power

Receiver Noise Spectral Density {N/B)

T System = 45 ° ± i0 °

Carrier Modulation Loss 1.2 R

Received Carrier Power

Carrier APC Noise Bandwidth (2BLo = 5 Hz)

CARRIER PERFORMANCE-TRACKING (ONE-WAY)

Threshold SNR in ZBLo

Threshold Carrier Power

Performance Margin

CARRIER PERFORMANCE-TRACKING (TWO-WAY)

Required Threshold SNR in 2BLO

Required Threshold Carrier Power

Performance Margin

Threshold SNR in ZBLo

Threshold Carrier Power

Performance Margin

DATA CHANNEL

Modulation Loss

Received Data Subcarrier Power

Bit Kate {I/T) (Z.8 bits/sec)

Required ST/N/B

Required Threshold Subtarrier Power

Performance Margin

SYNC CHANNEL

Modulation Loss

Receiver Sync Subcarrier Power

Sync APC Noise Bandwidth (2BLo =

Threshold SNR in 2BLo

Threshold Subcarrier Power

Performance Margin

÷I0.8 dbw

-1.7 db

10.3 db

-3.0 db

-Z71. i db

+60.9 db

0.0 db

O.0 db

-Z04.4 db

-193.6 dbw

+_i2.0 dbw/Hz

-3.4 db

-197.0 dbw

-7.0 db

-Z.0 db

4.0 db

201.0 db

4.0 db

-4.0 db

+8.4 db

+4.4 db

-3.1 db

-196.7 dbw

-4.5

-6.8 db

-ZOO. 7 dbw

4.0 db

-0.3

+3.0 -0.0

+3.2 -0.4

+1,2 -1.2

+7.4 -Z. I

+8.4 -2.9

• i.i -0.9

+9.7 -4.0

+9.7 -4.0

-4.0

Manche ster

No coding, 10 .3

bit error rate
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3.3. Z Modulation Methods

The link computation for an OEC S-band transmitter to be used with the

DSN for a "backup" data mode shows that the minimum margin worst range case

affords a bandwidth x iS/N product in excess of II db. This represents the

power in the subcarrier after threshold has been met in a 5 Hz carrier tracking

loop (Z Bo) for a total received power of -197.6 dbw.

The first question that arises is that of modulation method, and in par-

ticular whether the link is sufficiently weak to warrant multiple frequency shift

keying (MFSK), instead of proven phase shift keying of a subcarrier frequency.

The succeeding arguments were made in rejecting inclusion of this modulation

method.

If only the statistical effects of thermal noise are considered, then the

two straight line performance curves for MFSI< and FSK of Figure 3-I0 are

obtained. The 3Z level modulation would then offer an improvement factor of

four over PSK; however, when oscillator drift is taken into account, as shown

in Appendix C, the dotted curve performance is obtained and the method offers

little improvement in the critical low data region. In addition, PSK has the

advantage that it is the DSN method which is compatible with doppler tracking

and proven data acquisition.

3.3.3 Data Enhancement Achievable With Coding Techniques

Enhancement of data rates by coding was then studied for this mission

and results were found to be favorable. The few codes discussed in the follow-

ing paragraphs are selected to give comparative advantages of block coding

and sequential (e.g. , convolutional) coding for the present application. The

additional equipment in the spacecraft is modest for all of the codes cited, and

the ground decoding equipment varies for different codes as indicated below.

The capability of a code is expressed basically in terms of its error

rate as a function of received energy per bit/noise spectral density. In

Figure 3-II the information bit error rate probability p is plotted against

STB/No, where S is the average received power in watts, T B the bit time in

seconds, and N o the noise spectral density in watts/Hz. Two codes are indi-

cated in addition to the no coding case: the (Z56, 9) biorthogonal code (Viterbi,

"Digital Communications") and the convolutional code with sequential decoding.

The biorthogonal code uses word correlation decoding, and requires Z56 corre-

lators to decode according to one mode of decoding.

It may be important to note that each binit will have 1/28 the energy in

a binit, _nd hence synchronization could be a problem. For example, at
p = i0- , STB/N o = 2. 1 and the binit signal to noise ratio is -II db.

For the convolutional code the notation of Wozencraft and Jacobs _:_is

used. For V = 3, essentially error-free performance could be achieved for

values of STB/N o quite close to the Shannon bound, but it is felt that the lower

-.-""Principles of Communication Engineering. "
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limit on ST_/N o is about i. 75 due to computational difficulties. At this point

Rcomp -- 17-3 for V = 3, and the average number of computations per bit

becomes infinite. Note that energy/binit is much higher than for the biortho-

gonal code. The cutoff point of 1.75 assumes 8-1evel quantization of each binit
at the receiver.

It is also useful to determine the word error rate becuase it is some-

times more meaningful to think of a word as a single entity. In Figure 3-12

the word error rate for 9-bit blocks is plotted. The word error rate does not

have any significant effect on the cutoff energy/bit for the convolutional code,

and hence I. 75 remains the lower limit.

Enhancement is defined as the ratio, for given error probability, of

the no coding ST /N o to the STB/N o for the code in question. For the convoB

lutional code, the latter quantity is taken to be ST]B/N o = i. 75 for all values
of error rate. The no coding case is cor_sidered to be the reference for mea-

suring enhancement. Figure 3-13 shows the enhancement plotted against

information bit error probability and word error probability respectively. The

enhancement is different for block codes depending on whether the bit error

criterion or word error criterion is used.

The interpretation of enhancement is that it is the factor by which the

power can be reduced for the same information bit rate or the factor by which

the information bit rate can be increased for the same power. The enhance-

ment curves should be used in the following way for block codes. For a bit

error probability of, say, 10 -5 , the enhancement in Figure 3-13a is Z,9. This

bit error probability corresponds to a no coding word error probability of 10 -4 ,

and this yields an enhancement of 4. 1 in Figure 3-13b. Which one will be used

is a question the user must decide. For a bit error probability of 10 -3 , the two

enhancements are nearly the same,

For the convolutional code, enhancement offers a comparison between

the energy required for a certain no coding error rate and the least energy

required to produce essentially error-free performance, under conditions that

make decoding reasonable. Recent developments suggest that it may be possi-

ble to trade computing difficulty for some non-negligible error rate for these

low energy levels. This problem is being further studied and with the help of

the Hughes simulator, now being developed, it will be possible to state what

additional performance can be obtained. However, as of this time, the block

codes are shown having greater enhancement than the convolutional code for

high error rates, but it is the opinion of experts in the field that convolutional

codes will outperform block codes in every aspect.

Other block codes have been considered, but the results are not

included here. For example, the Hamming (13, 9) code using two level binit

quantization (BSC channel) would produce a very modest enhancement (around

1.3). The decoding for this code is trivial compared to the above codes.

Another code might be (24, 9) code consisting of adjacent (16, 5) and (8, 4)

biorthogonal codes. The energy/binit would be high enough to ensure bit

synchronization, and the analysis is manageable.
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3. 3.4 Command Link

The illustrative design makes use of the direct link from the Deep Space

Net (DSN_ for sending commands to the vehicle. This path was selected in

preference to a Voyager relayed link for a number of reasons, but none forces

the choice decisively, and a relayed link would be adequate. First, present

Voyager plans have not included a VHF/UHF transmitter for commands to the

Lander capsule, and the OEC effort has been directed toward sharing relay

equipment as much as possible. Second, the inclusion of an S-band trans-

mitter for emergency data retrieval makes it desirable to carry an S-band

receiver so that the OEC can be entirely independent of the Voyager Orbiter.

Once this equipment has been added, it is reasonable to connect the two in a

transponder mode so that the excellent DSN doppler tracking capability can be

employed to accelerate acquisition of OEC orbital information. The orbital

considerations are discussed in Section 4.0"_where the conclusion is drawn

that this capability is not necessary for inferring positional data, but it would

facilitate assessment of the OEC orbit after orbit changes have been com-

manded.

Disadvantages of relaying commands through the orbiting vehicle are

that the equipment necessary for the relay portion adds in series for relia-

bility purposes and that the possibility of Mars occultation between Voyager

and OEC will increase the time during which commands may not be sent to

the OEC.

A range calculation verified that this link would indeed be adequate for

the purpose. This calculation is shown in the JPL format (Table 3-5} using a

pessimistic projection of DSN capability for the Voyager era and presuming

the use of an OEC receiver with a tunnel diode amplifier and a Z0 Hz carrier

tracking loop. Maximum Mars-Earth range was used in the calculation.

Investigation of coding techniques for this link led to the following

recommendations. Codes that offer increased data rate are probably not worth

the incorporation of extra equipment in the OEC since the uncoded link supports

sufficient data rates to permit any command sequences envisioned. On the

other hand, error correction codes do offer the advantage that they significantly

diminish the probability that commands having errors will arrive and be

rejected by the OEC, thus requiring repetition of the command. Since the

round-trip time for a command and rejection may take 30 minutes, it is desir-

able to reduce the incidence of such an occurrence.

The effect of using a (15, I0} Hamming "distance 4" code implemented

so that single errors in a word are corrected and double errors are detected

is of interest. If a carrier to noise level and information rate is selected so

that the uncoded stream will experience an erroneously accepted word in 10 5

words, then the (15, I0) code using the same carrier to noise level and com-

mand rate will result in a rejected and retransmitted word in 10 6 words.

Execution of an erroneous command will not occur more than once in

about I0 I0 words. If only error detection were implemented, then the rejection

rate, with attendant time lost, would rise to one word in 103 . Figure 3-14

shows the probability of these events occurring as a function of STB/N o, where

$
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TABLE 3-5. TELECOMMUNICATION DESIGN CONTROL TABLE

Parameter Value Tolerance, db SourceNumber

1 Total Transmitter Power

2 Transmitting Circuit Loss

3 Transmitting Antenna Gain

4 Transmitting Antenna Pointing Loss

5 X2(4_R) -2 with respect to meter

at 2113 MC, R 270 x 106 KM

6 Polarization Loss

7 Receiving Antenna Gain

8 Receiving Antenna Pointing Loss

9 Receiving Circuit Loss

l0 Net Circuit Loss

11 Total Received Power

12 Receiver Noise Spectral Density (N/B)

T System = 410_K

13 Carrier Modulation Loss

14 Received Carrier Power

15 Carrier APC Noise BW(ZBLo - 20 Hz)

CARRIER PERFORMANCE-TRACKING (ONE-WAY)

16 Threshold SNR in ZBLo

17 Required Threshold Carrier Power

18 Performance Margin

CARRIER PERFORMANCE-TRACKING (TWO-WAY)

19 Threshold SNR in 2BLo

Z0 Threshold Carrier Power

21 Performance Margin

CARRIER PERFORMANCE

22 Threshold SNR in 2BLo

23 Threshold Carrier Power

24 Performance Margin

DATA CHANNEL

25 Modulation Loss 1.16 radians

26 Received Data Subcarrier Power

27 Bit Rate (1)T)

28 Required ST/N/B

29 Required Threshold Subcarrier Power

30 Performance Margin

SYNC CHANNEL

31 Modulation Loss

32 Receiver Sync Subcarrier Power

33 Sync APC Noise BW(gBLo =

34 Threshold SNR in 2BLo

35 Threshold Subcarrier Power

36 Performance Margin

40.0 dbw

-0.5 db

60,0 db

-0.2 db

-267.6 db

-0.7 db

0.0 db

-0.4 db

-269.4 db

-169.4 dbw

202.5 dbw/Hz

-3.2 db

- 172. 6 dbw

-13.0 db

-6.0 db

-183.5 dbw

10.9 db

-3.Z db

-172.6 dbw

-10.0 db

-11.0 db

-180,5 dhw

+7.9 db

+0.0 -1,0

+0. 1 -O. 1

+0.8 -0.8

+0, 0 -0. 1

+0.4 -0.4

+0.3 -0.3

+0. 5 -0.5

+1.3 -1.4

+2.2 -3.2

+1.0 -1.0

+1.0 -1.0

+3.2 -4.2

+0.7 -0.7

+1.7 -1.7

+4.9 -8.9

+0.6 -O.6

+2.8 -3.8

+1.0 -1.0

+1.0 -1.0

+2.0 -2.0

+4.8 -5.8

10 bits/sec

10 -5 bit error

rate
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S is signal power, B bandwidth, T time per binit, and N O noise spectral density.

This quantity represents the product of energy/binit and bandwidth which occur

in the range equation. The uncoded case, represented by (I0, I0}, will be sent

at I0 bits/sec and the coded case (15, i0} will be sent at 15 binits/sec to effect

the same information rate. The abscissa has been selected so that a single value

represents the same link stress or energy for both cases. This may also be

regarded as energy per word, where the information per word is equivalent for

both cases.

The matter of transit time between sending and executing commands

presents the question of whether this delay could affect the mission adversely.

The command philosophy as shown in Section 4.0"_as been to make the space-

craft essentially automatic, with commands used for changing the mission

sequences or selecting alternate modes. Separation from the Voyager space-

craft will be initiated by a command to that vehicle, but subsequent operations

will be controlled by a sequence stored on the OKC. Similarly, attitude chan_es

will be controlled by stored sequences which are initiated by clock magnitudes

set into the OEC by magnitude commands that can be sent as much as one orbit

prior to execution. Instances when the i-nission is redirected involve examina-

tion of engineering data which have been stored on the Voyager spacecraft. The

time lapse involved in storing and relaying information is more significant than

command transit times.

3.4 SUMMARY

Figure 3-15 is a block diagram of the communications components nec-

essary to implement the orbit change baseline design. The proposed weights,

powers, and functional characteristics are now met in existing components or

represent simple modifications of existing components. Simple modifications

include stripping unwanted capability from more complex designs, adding

existing circuitry to augment capability, or scaling in frequency. The type of

equipment or modification is listed in Volume I.

qj.

Volume I.
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4.0 CONFIGURATION STUDIES AND TRADEOFFS

4. I GENERA L

Prior to the selection of a baseline OEC configuration, key areas needed

to be studied and explored so as to ensure that the conceptual design selected for

the OEC could feasibly satisfy the overall mission requirements. The purpose

of this section is to document the studies conducted during the course of the

feasibility study that provided the groundwork for selection of the baseline

configuration.

The establishment of a baseline configuration for the Orbital Experi-

mental Capsule rests primarily on meeting problems associated with the follow-

ing aspects of the system design:

• Experiment requirements and constraints

• Environmental conditions

• Voyager interface

• Gyroscopic stability

• Separation concept considerations

• Solar power considerations

• Boom mounted sensors

• Overall integration .of OEC subsystems required to satisfy mission

requirements

The design effort required to integrate the OEC experiments and the capsule sub-

systems could meaningfully evolve only after these interrelated areas were

evaluated and their implications on the capsule configuration fully understood.

In the pursuit of establishing a conceptual OEC configuration, certain

design freedom was constrained by the following specified OEC system

requirements:

• Compatibility of the OEC with the 1973 Voyager miss_ion spacecraft.

• A life requirement of 12 months in transit to Mars stowed on Voyager
with a 6 month life in orbit about the planet.

4- l



• Spin stabilization at 50 to 70 rpm.

• A 0.25 gamma or less magnetic field at the magnetometer sensor due to

the capsule's inherent field.

A scientific payload consisting of a complement of instruments which

could be represented by a magnetometer, solar plasma probe, and

electric field meter totaling 15 pounds and requiring I0 watts of power

continuously.

• A nominal weight of I00 pounds with potentially a contingency of 15

percent.

• A stipulation that the capsule's spin axis be normal within ±5 degrees to

the ecliptic plane while in orbit about Mars.

The requirements of spin stabilization and spin axis orientation for the OEC

immediately suggest that the capsule's shape be cylindrical to accommodate an

optimum shaped solar cell array. There are then basically two concepts for the

capsule internal arrangement: an integrated design approach where the experi-

ments and supporting subsystems are intermingled, or a modular design approach

where the experiments and subsystems are essentially isolated from each other by

an arrangement that allocates a certain portion of the cylindrically enclosed

volume for each. Certain ramifications result, and are discussed later in this

section, by electing to locate the experiment module centrally on the capsule or at

one end of the cylinder.

The requirement that the magnetometer and the electric field meter sensors

be located away from the capsule bus by booms also implies possible configuration

variations: i) an axially mounted boom along the spin axis for both sensors,

2) two radially mounted booms, and 3) drooped radially mounted booms.

The fact that the feasibility study considered both the co-orbital OEC sys-

tem and the orbit change OEC concept did not significantly affect the configuration

studies since only the propulsion subsystem requirement is significantly different.

Basically, the choice of an OEC configuration rests with satisfactorily integrating

the overall system into a simple and reliable design utilizing qualified equipment

and subsystems, after having explored the key interrelated areas to ensure flexi-

bility and compatibility of the design choice.

4. 1. 1 Experiment Requirements

For the purposes of configuration evaluation and studies, three experiments

were defined as the baseline payload: a magnetometer, solar plasma probe, and

electric field meter. Both the magnetometer and electric field meter require that

their sensing elements be located some distance from the capsule electronics for

valid measurements to be made. The consideration of booms as part of the OEC

therefore is a firm requirement in light of the 0. 25 gamma limit for the magnetom-

eter. The sensors for both these experiments could conceivably share the same
mast.

4-2
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The plasma probe considered for the OEC mission requires a window

through the capsule to permit scanning the plasma, primarily in the plane of the

ecliptic. In addition to the three experiments mentioned, a low energy electron

detector may also be required in the payload Upon reviewing the typical

scientific experiments, the nominal physical parameters were found to be approxi-

mately as follows:

Magnetometer

Sensor i. 0 pound

Electronics 5.0 pounds (10 x I0 x 3 inches)

Solar plasma probe

Weight 8.0 pounds

Size _ 6 inch cube

Electric field meter

Sensor I. 0 pound

Electronics 2.0 pounds (3 x 4 x 5 inches)

For the solar plasma probe, the required unobstructed acceptance window cor-

ridor is assumed to be 30 degrees equatorial by 160 degrees polar with respect

to the capsule.

The nominal physical parameters used for the scientific equipment

specified as the baseline payload compare very closely to the equipment used

by Ames Research Center on the Pioneer program.

4. 2 ENVIRONMENTAL CONSIDERATIONS

Although the environmental conditions the OEC would be exposed to do not

play a major role in dictating configuration selection_ they are certainly of utmost

concern in the conceptual design of the overall system. The thermal environment

was studied for both the transit phase and in-orbit operation of the OEC. During

the transit phase,the OEC is mounted on the Voyager spacecraft bus and by

necessity (available stowage volume) must be placed on the nominal shade side

of the Voyager solar panels. For in-orbit operation, the thermal studies had to
investigate power variations for extreme modes of operation as well as eclipse

periods. The studies resulted in findings and conclusions that recommended

special design features for incorporation in the baseline configuration. These
conclusions are covered in detail in Section 6.4 of this volume.

Due to the current uncertainty of the actual 1973 Voyager spacecraft

design to be selected from the present three contractors involved, a dynamics

analysis of the OEC launch environment was felt to be of little credibility at this
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time. Information on the structural dynamic characteristics of the Voyager bus

would require thorough assessment before a meaningful study of the OEC launch

environment could be undertaken. In concept there do not appear to be insur-

mountable problems in attaching an OEC mounting adapter to a portion of the

Voyager structure, realizing that the Voyager bus itself requires that certain of

its equipment be mounted externally of the bus structure, i. e. , scanner platform,

high gain antenna, etc.

4. 3 VOYAGER SPACECRAFT CONSTRAINTS

In order to define a baseline OEC configuration, the preferred spacecraft

design of each of the three candidate contractors (General Electric, Boeing, and

TRW Systems) was studied so as to establish the physical constraints that each

design imposed on the OEC. The co_.mona!ity of the three designs with respect

to their solar array, spacecraft bus, and Lander capsule placement established

the fact that the OEC could only be attached to the Voyager bus in the peripheral

space between the bus and the Saturn V shroud. The longitudinal position of the

OEC is restricted between the Lander capsule bus interface and the shade side

of the solar array. Figure 4-I depicts the typical overall Voyager envelope.

There may very likely be additional stowage space forward of the Lander-

spacecraft interface should the selected Lander design for the 1973 Voyager

mission not fully utilize the launch vehicle cylindrical dynamic envelope of Z0

feet in diameter. Since the Lander design is presently undergoing design develop-

ment, the stowage volume for the OEC was assumed to be constrained to the

peripheral space around the Voyager bus so as not to violate space in the forward

area that may be required by the Lander or its separation mechanism and inter-

face with Voyager.

Figure 4-Z depicts the GE Voyager design and placement of subsystems

that could negate stowage of the OEC in those areas Figures 4-3 and 4-4 show

the same information for the TRW Systems and Boeing designs respectively.

The radial space between the Voyager bus and the shroud dynamic

envelope is approximately 5 feet, with the exception of the Boeing design which

is more restrictive. The Boeing design utilizes solar panels that are stowed

parallel to the longitudinal axis _ the Voyager during the launch phase, further

reducing the radial space in local regions to approximately 3 feet available for

stowage of the OEC.

Figure 4-5 summarizes these physical constraints for all three designs

with a superimposed plan view. To maintain a common reference on all three

designs, the location of the spacecraft transverse axis normally pointing to

Canopus was used since the axis nomenclature used by the three contractors

varied.

In summary, it appears that at least within the present Voyager space-

craft concepts proposed by the three contractors, the most OEC stowage space

in available in the GE design. The TRW design offers slightly less space

because the longitudinal dimension of the bus is reduced over the GE design.

The most restrictive envelope for stowage of the OEC is offered by the Boeing
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design, primarily due tc their solar panel design concept and electronics compart-

ment that extends farther outboard from the basic bus structural envelope. Never-

theless, it appears that with any of the present Voyager designs, adequate space
is available for stowage of the OEC.

4.4 GYROSCOPIC STABILITY CONSIDERATIONS

The specified requirement that the OEC be a spin-stabilized capsule

requires that the mass moment of inertia about the spin axis be greater than the

moment of inertia about any transverse axis for stability to be inherent. During
the course of this feasibility study, the implications of the inertia ratio criteria

(Iroll/Itransverse >- 1. 0) was investigated for alternate configuration approaches

(integrated or modular design) and various boom mounting schemes to the
capsule --axial, radial, and drooped radial booms.

The fact that the size of the cylindrical solar cell array basically dictates

the capsule envelope required an assessment of the volume requirements of the

internal equipment and experiments. Based on prelirninary studies, the totaI

packaging volume required was established nominally at 4 cubic feet. A solar

array capable of 37. 5 watts appeared to be required to provide the necessary

power for the capsule equipment and subsystems. Based on the capsule diameter

and effective packaging height_ Figure 4-6 relates inertia ratio to capsule aspect

ratio (diameter/effective height).

For increased power demands_ the effect of increasing the length of the

cylindrical solar array has only a negligible net result on the moments of inertia

of the capsule, although the added feature of booms to support sensors rernoteIy

from the bus does significantly affect the capsule's inertia ratios. Figure 4-6

shows the range of inertia ratios (Iroll/Ipitch) for four Hughes spin-stabilized
spacecrafts. The approximate increase of 50 percent in the Early Bird

satellite's solar panel length does not contribute any substantial change in

inertia ratio over its predecessor, the Syncom satellite, yet outwardly a large

change in apparent aspect ratio (diameter/actual height). The UCLA satellite

inertia ratio is significantly lower than Early Bird or Syncom by virtue of the

two long (_ 3 meters), drooped booms required. The curve on the figure is for

a classical model cylinder shaped capsule assuming uniform packaging density.

The effects of both axially mounted booms and radially oriented booms

are shown in Figures 4-7 through 4-1Z. Figure 4-7 presents moments of inertia

of the OEC in roll and pitch versus capsule diameter for the single axially

mounted boom concept. Figure 4-8 is a plot of axial boom Iength versus OEC

diameter for varying roll to pitch inertia ratios. Figure 4-9 relates cylindrical

height for the basic bus and solar arrays of Z0 and 30 watt capabilities to OEC

diameter. Figure 4-10 indicates the axial boom length variation for various

OEC basic diameters for a desirable roll to pitch inertia ratio of 1. 10. Figure

4-11 is a plot of roll to pitch inertia ratio versus radial boom length for a fixed

volume OEC and also for a fixed weight (varying volume) OEC. The same data

is presented in Figure 4-12 for dual radial booms drooped 30 degrees for a

fixed height OEC capable of satisfying the modular "stacked" configuration concept.
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Figure 4-13 in effect summarizes the investigations of boom implications

on inertia ratios. From the data presented_it is evident a serious disadvantage of

the axia};50om concept exists in confrast to radialbooms since the capsule" diarr_.ter

would have to greatly increase above approximately 4 feet in diameter should a

7 foot boom be required.

4. 5 SEPARATION CONCEPTS

As part of the OEC configuration studies_ the manner in which the capsule

is attached to the Voyager_ and the direction and technique considered for separa-

tion had to be studied. In a separate section of this report, the problems involved

with separation are treated in detail; the discussion here is aimed at the facets

of separation most pertinent to and influencing configuration selection.

Figure 4-14 shows the variety of ways separation of the OEC cylindrical

capsule could be achieved° The scheme evolved_ considered to be the most

simple and straightforward_ is briefly described below.

The OEC is attached to an adapter which in turn is mounted to an appro-

priate surface on the Voyager bus. The separation joint is held in contact by

utilizing multiple explosive bolts at the flange. Upon command, prior to actual

separation, the pyrotechnic attachments are activated, which releases the

loading at the separation flange. Following this_ small fixed stroke thrusters

(pinpushers) are activated which push the OEC mounting flange off the adapter

flange so as to ensure no adhesion at the joint. The amount of clearance need

not be great since it is merely the assurance of no adhesion between the sur-

faces that is desired. A single cable at this time holds the OEC to the adapter.

Upon initiating a pyrotechnicguillotine_ which severs the cable, a single spring

imparts the separation impulse to the capsule. Should it be considered undesira-

ble to have the separation spring loaded throughout the transit phase of the

mission, it is quite feasible to design into the system a means of loading (com-

pressing) the spring as a result of the thrusters' function of gapping the separa-

tion plane.

The technique described above would be utilized for pure separation

without imparting any spin rate or, by a slight modification of the OEC mounting,

could be utilized to impart a partial spin {torque-impulse) with the separation

impulse (force impulse}. In concept, the two schemes are shown in the sketches

in Figure 4-15. It is felt that the conceptual design of the OEC should be of a

nature that either scheme can be considered. The baseline configuration as

discussed in Volume I in fact could accommodate either mounting technique since

the structural frame could be attached to an adapter at either the cylinder end

(for non spinning separation} or on the cylinder edge at the bulkheads (for partial

spinning separation).

The most straightforward and simple utilization of booms is to provide

rigid nonmoving members attached to the capsule structure. An assessment of

the stowage volume available on the Voyager spacecraft indicated that fixed

booms could be accommodated within the assessed available space. Figure 4-16

shows a sketch of the possible placement of the OEC on the Voyager bus utilizing
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both radial and axial booms. Of the candidate separation modes indicated, the

recommended technique considering radial booms is for the nonspinning (delayed

spinup) type of separation. The selection of fixed radial booms as the type

considered for the baseline OEC configuration definitely limits the orientation

of the capsule on Voyager to a manner such that the booms do not extend beyond
the Lander-bus interface.

4. 6 SOLAR POWER CONSIDERATIONS

As mentioned earlier in this section, the requirement of providing a

solar array around the external surface of the OEC essentially established the

capsule's external profile and space envelope. The fact that the solar array

surface area encloses a volume sufficiently larger than that required by the

c_(- _quipment _f_'_................._]_n_t4ve _rn_h_1_r........... to the packaging of experiments

and subsystems. Figure 4-17 depicts the OEC configuration alternatives which

were explored leading to the selection of a baseline configuration.

Of importance in consideration of boom placement on the capsule is

potential shadowing of the solar array by radial booms° The modular design,

in which the experiment module is placed below the subsystem module, readily

ensures that booms mounted off the experiment compartment will not shadow

the array.

Due to the relatively light weight of the solar array, the extension of

the cylindrical array has negligible effect on the moments of inertia of the

basic capsule. Hence any increased power requirements could easily be met

with negligible changes to the basic configuration and arrangement.

4. 7 BOOM CONSIDERATIONS

A prime factor in the selection of a baseline OEC configuration is the

necessity of providing the capsule with booms to position experiment sensing

elements such as a magnetometer sensor and electric field meter antennas away

from the magnetic field generated by the OEC electronics. The incorporation of

booms on satellites is a state-of-the-art technique utilized on numerous artificial

satellites for various reasons-- i.e. , sensor mounting, gravity gradient stabiliza-

tion techniques, and various antenna designs.

Ideally, constraints permitting, the simple fixed boom concept provides

maximum assurance of operation because no mechanisms or moving parts are

required in the system. Other techniques recognized as feasible are: hinge or

multiple-hinged booms such as those typically provided by Comstock and Wescott,

Inc., Cambridge, Massachusetts; storable tubular extendible member (STEM)

devices built by DeHavilland Aircraft of Canada Limited; and telescopic extendible

member s.

The fixed double boom weighs approximately 3. 0 pounds, considering

sensor positions in the order of 2. 0 meters from the OEC center. Hinged booms

of equivalent length would weigh about Z. 5 to 3. 5 pounds for each assembly
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considering hinge and locking mechanisms. The DeHavilland STEM device poses

the largest system weight, in the order of 7. 5 to 9. 0 pounds for a dual extending

boom package. A magnetometer boom for a 20 foot extension built by DeHavilland

weighed 9.4 pounds and utilized a beryllium copper element I. 25 inches in formed

diameter. The retracted envelope was 6 by 7 by 18 inches. Position accuracy

of the deployed sensor axis poses a serious problem in the STEM (storable

tubular extendible member) principle since the element's torsional qualities

cannot be controlled to under 3 degrees for the lengths considered for the OEC

application. Some improvement in the torsional uncertainty is being sought

by the manufacturer by a technique of multiple concentric elements.

Figure 4-18 illustrates the boom configuration alternatives considered

as candidate design concepts. Having investigated the ramifications involved

for each configuration, the suggested approach for the OEC mission is to utilize

I. I llgnt the serious ..... of gr ....th _p_ 1_igLraolal drooped booms, in I. , of lac_ uw -- -b:1:_-_1_Ly"-_ I-- "h

for axial booms. The advantage of the drooped booms over purely radial booms

is that shadowing of the solar array is virtually eliminated.

The possibility certainly exists that during further development of the

Voyager spacecraft itself, envelope allowances for the OEC may become more

restrictive, requiring the use of stowed booms in transit to be deployed once

the OEC is separated from Voyager. Should this constraint become a reality,

the radial boom could be designed as a single hinged member, folded adjacent

to the capsule surface and parallel to the spin axis while in transit.

A manufacturer specializing in space application instrument booms such

as Comstock and Wescott could provide boom assemblies comparable to the

units described above. A brief description of their design follows; Figure 4-19

shows a typical boom hinge of Comstock and Wescott design:

A coil spring of music wire acts in torsion and extension to operate a

self-opening and locking joint. Used in a series of self-extending boom

systems for ionospheric sensors from spacecraft or sounding rockets,

the design permits wires from remotely mounted probes to pass through

the joints without exposure or interference.

The joint consists basically of stationary and movable body halves con-

nected by a central tube fixed to the stationary body portion. An end cap

in each body half is retained by the close-wound spring, which exerts a

twisting and pulling force on the two halves. Rotating the caps during

assembly provides initial spring windup. Roll pins prevent the end caps

from rotating in the body halves and thus transmit the torque to open the

joint. When the caps have rotated fully, the spring operates in tension

to move them axially toward each other. This causes engagement of

locking lugs that prevent rebound or oscillation. An external pin in the

movable body half seats in a hole in a stationary mounting block and holds

the boom system in its folded position. In a multisection probe, the

pins assure sequential unfolding of each section.
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The two body halves and end caps are machined from aluminum to reduce

weight. The central tube is made of stainless steel for added strength,

and the main spring is close-wound music wire. Thin-walled aluminum

tubing is used for the boom sections. The body halves are hard-coated

to avoid galling at points of sliding contact, and the central tube is

chrome-plated for a satisfactory low-friction bearing surface.

For comparison, Figure 4-20 shows the STEM type of boom mechaniza-

tion which utilizes the principle of a prestressed element that takes on a tubular

shape once unrolled from a storage drum.

4. 8 CONFIGURATION DEVELOPMENT

The iterations leading to the recommended configuration proposed for

the OEC are best envisioned by briefly covering some of the initial configuration

concepts evolved in the study. Four configurations (A through D) are described

here which were later rejected on the basis that the recommended configuration

offered the greatest flexibility and best satisfied the OEC mission objectives.

4. 8. 1 Configuration A

ConfigurationA {Figure 4-21) is basically a modular type design which

centrally allocates the midportion of the capsule for the housing of scientific

equipment. This central section would permit flexibility in the selection of alter-

nate scientific equipment and provide the capability for full circumferential

position selection of instrument sensing equipment.

The capsule is basically a cylinder approximately 36 inches in diameter

by 38. 5 inches in length equipped with two diametrically opposed booms that

support the magnetometer and electric field sensing elements. The booms are

indicated as part of the central science instrumentation module structure and

extend radially from the OEC spin axis. The placement of the booms and sensor

on the geometric center of the capsule also reduces their inertia contribution to

the transverse axis of maximum inertia, helping enhance the roll to pitch inertia

ratio of the capsule ....The booms are rigid and fixed to the capsule fully

extended, eliminating the added complexity of articulated or deployable boom

mechanization which would increase the overall complexity of the system. With

fixed-extended booms, more consideration of launch and boost phase dynamic

environments is necessary than with stowed boom configurations. Dynamic

loads and vibrations could satisfactorily be controlled by providing additional

support lines from the boom to the capsule and/or snubbers mounted on the

Voyager bus.

The maximum length of the booms from the capsule centerline is about

2 meters, limited by the launch vehicle shroud dynamic envelope. The slight

increase in boom semispan that could be realized (ml foot) by locating the

booms on the OEC closer to the base or separation plane does not appear

attractive for an OEC without attitude correction capability since the separa-

tion distance required prior to OEC spinup is also increased. Clearance

requirements between the Voyager and the boom extremities will dictate "safe"
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separation distances prior to spinup. Although this clearance problem is not

present if spinup is effected prior to boom deployment_ the added complexity of

stowed deployable booms does not show any other significant advantages.

An attractive feature of the modular configuration approach is flexibility

in assembly, testing, checkout, and replacements. By virtue of the stacked

assembly, each module can be handled separately. The modular approach also

provides for minimum experiment-subsystem interfacing, which would facilitate

accommodation of alternate instruments for future planetary missions. Future

interchanging of experiments also will have a minimum effect on mass properties

of the OEC. Figure 4-22 shows a conceptual arrangement for the modular OEC

configuration. Figure 4-23 shows a structural arrangement for this design, and

Figure 4-24 describes a typical experiment module layout for this configuration.

4.8 2 "_ -_: - "• _oLil,guration B

Configuration B (Figure 4-25) differs from the modular approach of

Configuration A primarily in that the scientific equipment is integrated with the

capsule subsystem components. This design concept imposes packaging con-

straints on both the science equipment and the capsule subsystems since the

internal arrangement of components is interdependent. Experiment viewing

requirements and acceptance angle variation of sensors also affect the solar

array design.

The solar array, extending the full length of the cylindrical shaped capsule,

limits attachment of the booms, whether fixed or deployable, to the capsule struc-

ture at either end of the cylinder to avoid penalties to the power system from solar

cell shadowing.

As is true for Configuration A, the booms could be de signed as simple

hinged members supported at the capsule structure. Increasing the length of the

booms and stowing them at an angle of approximately 45 degrees with respect to

the capsule longitudinal axis would permit individual boom lengths up to 3. 5

meters (tip of boom to capsule centerline). In order to minimize the failure

probability of the boom hinge and tiedown mechanization, the boom support and

release mechanism might be activated to orient the booms perpendicular to the

capsule spin axis upon termination of the launch vehicle boost phase, thereby

eliminating the 1Z-month transit storage life requirement of such a system.

4. 8. 3 Configuration C

Configuration C (Figure 4-26) utilizes a central antenna mast to extend

the magnetometer and electric field sensors from the capsule body along the

spin axis. To compensate for the transverse inertia growth due to the antenna

mast and tip mounted sensors, the internal arrangement of experiment electronics

and subsystem components requires more extreme peripheral mounting within

the capsule than the two previous arrangements. A diameter constraint of 48

inches for the OEC seems reasonable, based on stowage envelope capability of

the three candidate Voyager spacecraft designs. Assuming 48 inches as a maxi-

mum diameter and power requirements for the cylindrical solar cell array area
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comparable to the two previous configurations, the cylindrical array height would

be approximately 24 inches.

The penalties of Configuration C include the difficulty of maintaining proper

thermal control due to the ineffective coupling because of the inefficient packaging

considerations required and structural weight penalties that would result in pro-

viding support for the components at greater distances from the desired central

support region. With the mast serving as the supporting member for the sensors,

it is necessary to size the member so that any possible initial eccentricity of the

mast about the spin axis will not induce centrifugal loads on the shaft greater

than its bending (deflection) capability. For zero-gravity environment, the

critical speed--natural frequency consideration does not establish the stiffness

criteria for the mast member; consequently the member's stiffness is selected

to accommodate possible induced centrifugal loads and launch/boost
envir onme ntSo

The modular approach, as utilized in Configuration A, if applied to

Configuration C would yield a highly inefficient structural design due to struc-

tural redundancy of each module with inherent stability problems. An alternate

modular approach could consider separate pie-shaped bays reserved for experi-

ments and OEC subsystem components. Radial viewing requirements of

experiments could be accommodated by a longitudinal viewing slot through the

solar array.

Integration of the Configuration C type OEC with the Voyager spacecraft

does result in increased mechanical interface complexity, merely due to the

larger capsule profile. Clearance requirements of the Voyager bus subsystems

may complicate the mechanical interface considerations. The present Boeing

design concept imposes OEC stowage envelope constraints not present in the GE

or TRW design because the solar array is initially stowed at four radial posi-

tions at the base folded parallel to the Voyager bus. Since the solar panels are

stowed parallel to the launch vehicle axis, it is possible to position the capsule

in the space between the Voyager bus and folded panels; the penalty would be

the increased distance the OEC must travel prior to initiation of spinup to assure

ample clearance of the outboard edge of the deployed solar array.

Since the propellant required to spin up the capsule is less than 1 pound

(assuming GN 2 or CF4), the increase in the torquing radius provided by this

configuration results in only minor propellant weight savings, at the expense of

an increase in the systems fixed weights... Similarly, placing the spinup thrusters

on radial booms does not warrant the added complexity of flexible lines and

associated line weights incurred.

4. 8.4 Configuration D

No serious consideration was given to the configuration depicted in

Figure 4-27 since the required attitude is in violation of that stipulated by the

Ames OEC specifications° The sun-line oriented spin axis does imply attitude

control requirements for the OEC, although only a minor number of corrections

(two or three) would be required throughout the 6 months life in orbit, accepting
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slight power degradation due to off-normal incidence. The desired field of view
best satisfying the plasma probe experiment would be only partially attainable
with this configuration inasmuch as the fields of interest lie in the ecliptic plane°
No serious thermal control problems are introduced by this configuration that could
not be controlled by a passive system. One feature of the fixed-flat solar array
concept is a weight reduction by over a factor of three for the solar panels over the
other configurations discussed. No telecommunications advantages are gained by
this configuration.
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5. 0 RECOMMENDED CONFIGURATION

A spectrum of configurations has been discussed which lead to the design

approach presented here as the most suitable OEC arrangement in light of the
numerous interrelated areas that needed to be satisfied. The recommended

OEC configuration is shown in Figures 5-1 and 5-2. A detailed discussion of

the general arrangement is presented in Volume I of this final report.

Table 5-1 represents a weight breakdown of the baseline system by

major subsystems and components. In block form, Figure 5-3 shows the same

data, indicating the flexibility of the OEC mission and the associated weight

increment increase for additional capability imposed on the basic co-orbital
system.

are:
Some of the major advantages provided by the configuration selected

• The modular arrangement approach lends flexibility to the experi-

ments since they are isolated from the major capsule subsystems.

• Radial booms mounted from the experiment module virtually eliminate

any potential shadow problems on the solar cells.

• Separation schemes are flexible without significant modification to the

capsule design.

• The solar array may be a single unit design and need not be fabricated

by sub-units.

• The- components of high magnetic properties can be located remotely

from the magnetometer sensor.

• The propulsion systems tankage can readily be mounted in the plane

of the capsule' s cg.

• Exhaust impingement by the propulsion system jets is avoided since

they are directed and located away from the experiments.

• Minimum interface between the experiments and subsystems is

required.
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TABLE 5-1. OEC WEIGHT BREAKDOWN

CO-ORBITAL MISSION SYSTEM (NO

ATTITUDE CORRECTION'CAPABILITY)

• Scientific payload

• Communication system

• Power system

• Attitude determination and N 2 spinup

• Electrical harnesses

• Structure and fixed radial booms

• Thermal control

• Support adapter and separation system

FOR ATTITUDE CORRECTION CAPABILITY

• Hydrazine system (preferred)

or

• Nitrogen system

FOR ORBIT CHANGE AND INCREASED

COMMUNICATION CAPABILITY

• Hydrazine system

• Tape recorder

• Logic electronics, harness, and bracketry

• Power system

Additional array 4. 6

Batteries 13. 5

FOR S-BAND BACKUP COMMUNICATION MODE

• Components, harness, antenna

Weight, pounds

15.0

9.7

15.1

8.4

2.5

15.0

4.5

5.0

Total 75. 2

Additional Weight

3.5

4.2

8.0

(includes 3. 5 pounds above)

7.0

2.0

18.1

35.1

12.5

Co-orbital

Without

Attitude Correction

75. 2 pounds

SUMMARY

Co-orbital

With Orbit Change
Attitude Correction Without S-Band

78. 7 pounds 110. 3 pounds

Orbit Change
With S-Band

1 22. 8 pounds
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Should stowed booms be required resulting from Voyager design

development restricting the OEC stowage envelope, the optimL1m

length can still be achieved by providing a single hinge and folding

the booms along each side of the capsule.

• A straightforward spring energy separation scheme is feasible.

The choice of radial booms allows additional growth capability

should additional separation distance of the magnetometer sensor

be necessary, stowage envelope permitting.

In summary, the configuration recommended provides the greatest

flexibility and, as studies have indicated, offers the most feasible approach
for the design development phase of anOEC.

120
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S-BAND SYSTEM
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SYSTEM MISSION
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SYSTEM
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DESIGN
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C D

ADDITIONAL CAPABILITY
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Figure 5-3. OEC System Weight Comparison
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6.0 SUBSYSTEMS STUDIES AND TRADEOFFS

6. 1 POWER SUBSYSTEM

6. i. I General

Three OEC power systems configurations capable of being designed to suit

the OEC mission requirements are indicated in the following sections. Discussed

herein are the power system configurations considered, the solar panel design

approach, battery, and battery charge-discharge control electronics suitable for

the OEC system. The power subsystem studies were conducted to encompass the

spectrum of power requirements discussed and tabulated here. The data presented

will enable formulation of a specific power subsystem suitable for, and pending the

establishment of a specific and definitive OEC n_ission-_#_1=

6. 1.2 Design Concepts

During this feasibility study three different design concepts capable of

meeting the OEC mission requirements were explored. They are presented in

block diagram form in Figures 6-1, 6-Z, and 6-3. A brief description of the

three concepts follows.

6. 1.2. 1 Configuration A

Configuration A consists of a single cylindrical solar panel,

and associated electronics for battery charging and discharging.

two batteries,

The solar panel supplies power to the spacecraft electronics system during

the sunlight portion of the orbit. At the beginning of solar eclipse periods, the bat-

tery control circuit senses the bus voltage drop and connects the batteries to the bus.

As the spacecraft reenters sunlight, the solar panel forces the bus voltage to a

higher potential, causing the battery control circuit to switch from the battery dis-

charge to the battery charge condition. This configuration was selected as the

baseline system.

6. 1.2.2 Configuration B

Configuration B is identical in operation to configuration A. In configuration

B, however, the solar panel is divided into two parts, leaving a clear mid-section

between the two portions of the panel for placement of experiments. This configur-

ation becomes considerably less desirable than configuration A where objects placed

in the experiment section are allowed to protrude beyond the surface of the solar

array and thereby cast shadows on the array and reduce its power output. There

are several methods available to minimize the solar panel losses due to shadowing,

or to provide battery power to make up for the losses during shadowing, but all of

the methods increase the weight and complexity of the system and cause a corres-

ponding reduction in reliability as compared with configuration A.
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If the on-board experiments are such that the "separated array" configuration

is desirable, care should be taken to minimize protrusions beyond the solar array
surface.

6. l.Z. 3 Configuration C

In configuration C the solar array is considered as a flat panel, and the elec-

tronics would requireaspin-control system for keeping the solar panel oriented

toward the sun. The flat array will deliver approximately three times the power of

a cylindrical array having the same number of cells; however, the present cost of

the despin mechanism and associated spin-control circuits makes it unattractive for

solar panels below 400 watts. Consideration of orienting the spin axis along the

sunline with a flat array normal to the spin axis enhances neither experiment

requirements nor communication capabilities of the capsule bus, making a flat

array normal to the spin axis unattractive. Attitude corrections throughout the

6 months mission are also implicit of such a configuration to maintain proper
OEC-Sun attitude.

6. i. 3 Solar Panel

6. i. 3. 1 Design Considerations

Selection and optimization of the solar panel configuration and power require-

ments is dependent on the accurate assessment of numerous factors. The principal

factors to be considered include: spacecraft power and weight requirements, space-

craft configuration and envelope constraints, mission environments and induced

transients, orbital requirements, and current solar cell and materials technology.

The objective is to provide a reliable and predictable power source for the space-

craft which incorporates design simplicity and experience based on other success-

ful spacecraft programs.

The capability to produce a reliable and predictable power source is illus-

trated in Figure 6-4 which compares the predicted and measured performance of

solar panels for communication satellites. The close correlation between the

predicted and measured performance is of special significance as the size of the

panels shown in Figure 6-4 encompasses the OEC panel size and provides a firm

basis for study and design.

Several candidate solar panel configurations were briefly evaluated, includ-

ing orientated flat panels, cylindrical solar panels, and extendable solar panels.

The cylindrical solar panel configuration was selected as the optimum con-

figuration for the OEC mission and the spin-stabilized spacecraft configuration on

the basis of simplicity, reliability, and minimum weight. Each of the other con-

figurations would require despin and orientation mechanisms, which would intro-

duce added weight and added complexity to spacecraft command and control elements.

Based on previous studies, the cylindrical panel configuration is more efficient on a

spacecraft power-to-weight basis than the other two configurations up to a power
level of 400 watts.
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The power delivered to the spacecraft system by the solar panel depends on

several factors, as shown by Figures 6-5 through 6-8. These factors are grouped

into those dictated by the environment and those dictated by the system. The

environmental factors are solar intensity, temperature, and radiation. Those

dictated by the system are cylindrical shape (and edge effect); holes cut in the panel

;_,r jets, etc. ; shadowing; allowable panel dimensions; series string folding; space-
craft Sun angle variations; and system and voltage requirements.

The environment in which the solar panel might operate is variable due to

the eccentricity of the Martian orbit. Solar intensity will have a range of 50 to
75 mw/crn 2, and the temperature will correspondingly be from -23 to -45°C

(minimum temperature -157°C at emergence from eclipse). The radiation degrad-

ation is anticipated to be approximately 5 percent during the 1-year transit and
b-l_lonth Martian orbit.

System requirements at this time are, in some cases, not yet fixed. Panel

shape, sun angle, and voltage are considered fixed. The 36-inch-diameter cylin-

drical shape and edge losses affect power by factors of 1/Tr and 0.97. The sun

angle of incidence is to be normal to the panel (±5 degrees) and voltage delivered

to the blocking diodes (loss =0.7 volt ) is 25.5 volts. Bypass diodes may be used

to limit any shadowing loss.

The analysis assumes a continuous series String pattern of solar cells and

does not include the effect of panel cutouts for the jet nozzles and Sun and planet

sensors, which are considered relatively minor. The effect of boom shadowing is
not included since the boom orientation selected for the OEC virtually eliminates

shadowing of the solar array. During the design phase, the performance of

specific panel lengths should be optimized in relation to the series-parallel cell
_<_ semblies and also includes the effect of folding the series strings.

Based on the above assumptions, studies were made of specific solar panel

configurations. For purposes of evaluation, both the lxZ cm and ZxZ cm silicon
n on p type solar cells were considered in the study. Based on the reduction in

assembly losses resulting from fewer interconnections and economic considerations,

including initial cell and panelfabrication costs, the 2xZ cm was selected for use in

the panel sizing studies. The cells recommended are 2x2 cm shallow diffused,

silicon n on p junction type, with nonainal 10 ohrn-cm bulk resistivity. Quartz

coverglasses er_iploying antireflectant and ultraviolet filters will be used to provide

,-_._.s,_nable protection from severe radiation degradation. Based on radiation

degradation assessments, 0.006 inch thick coverglasses are recommended. The

cells have a minimum average output with coverglasses installed of 56. 75 milli-

watts at 0.445 volt at standard temperature (77°F) and illumination (139.6 mw/

cm Z at air mass zero).

The electrical performance of the 36-inch-diameter solar panel at the

orbit operating temperature and illumination conditions is shown in Figure 6-7 as

a function of panel height. Figures 6-5 and 6-6 depict the corresponding solar

panel weight and length relationship.
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6. I. 3. Z RF Shielding
l

RF shielding, for purposes of minimizing antenna pattern distortion, can

readily be accomplished by bonding a thin metallic foil to the internal surface of

the cylindrical solar panel. The RF shielding technique has been successfully

used on the Hughes communication satellite program.

The effect of solar panel induced magnetic fields, which could affect the

experiments and spacecraft electronics, will be minimized by alternating the

polarity of the individual series-parallel solar cell group. By alternating the

cell groups, and paralleling busses of opposite polarities, induced magnetic

fields are essentially cancelled.

6. 1.3.3 Solar Panel Voltage Ripple

The magnitude of the voltage ripple produced by the cutouts in the panel for

the control system jets will be minimized through selective grading and placement

of high performance solar cells. The selective grading and placement technique

has been successfully used by Hughes on the Syncom, ATS, and HS-303A series of

communication satellite s.

6. 1.3.4 .S°lar Panel Weight

The solar panel weights shown in Figure 6-5 are based on the use of a

36-inch-diameter cylindrical substrate fabricated using 3/8 inch thick aluminum

honeycomb and 0.003 inch thick impregnated fiberglass face sheets. Based on the

radiation damage assessment, 0.006 inch thick solar cell coverslides were selected

for study purposes. A weight breakdown for a 28.95 inch and 36 inch 10ng solar

panel is given in Table 6-1.

The OEC panel analysis was based on the technology established for the

fabrication of a 56 inch diameter by 26-I/2 inch long solar panel for the HS-303A

(Intelsat If) communication satellite. The HS-303A solar panel utilizes a I/Z inch

thick substrate. The estimated design weight of the solar panel for a specific

satellite (F-4) which used 6596 solar cells (2x2 cm) with 0.012 inch thick cover-

slides is as follows:

Substrate (56 incn outsiae diameter by Z0-1/Z inch length) 7.37

Cell, coverslides, and interconnection I0.56

Cell adhesive 1.0Z

Wiring, connectors, brackets, and diodes 0.52

Thermal surface 0.39

Thermal barrier, ground plane, and attach brackets 1.44

F-4 total weight 21.33 pounds
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TABLE 6-1. SOLAR PANEL WEIGHT BREAKDOWN (POUNDS)

I
I

I

I
I
I

I
I
I

I
I

I
I

I
I

Component

Fiberglass substrate

Honeycomb
Glass cloth

Bus bars

Edge fill
Inserts

Adhe sive

C onnector s, brackets, and wire

Cells, coverslide s

C ell adhesive

Interconnectors and diodes

TOTAL

28.95 Inch Panel

1.11

1.63

0.25

O. 44

0.41

I. 04

I. 02

5.90

5.90

5.25

i. ii

0.23

12.49

36 Inch Panel

1.38

2.03

0.31

0.55

0.51

1.29

1.27

7.34

7.34

6.86

1.38

0.30

15.88

Upon completion of fabrication, the F-4 solar panel weighed 21.57 pounds..

The maximum weight of the first four HS-303A panels, which used lx2 cm solar

cells, was 22. 1 pounds.

Based on fabrication experience with the fiberglass faced substrates on the

HS-303A and ATS programs, the weight estimates for the OEC solar panel are

considered to be realistic.

6. 1.3.5 Environmental Capabilities
iml i

Based on thermal studies of the OEC mission, it is estimated that the solar

panel unit can be exposed to temperatures as low as -192°C (-314°F) during trans-

fer orbit, if a passive thermal control technique is used. While on station, the

panel must be capable of delivering power to the spacecraft during exposure to tem-

peratures ranging from -22 ° to -157°C (-8 ° to -Z5°F).

As shown in Tables 6-2 and 6-3, Hughes has successfully tested solar panels

and representative solar panel sections to temperatures ranging from -200 ° to

-315°F. The Hughes developed communication satellite utilized the fiberglass faced

substrate construction shown in Figure 6-9 and a Hughes modified epoxy adhesive

system. Panel sections have been successfully subjected to repeated cycling to

liquid nitrogen temperatures without degradation. A typical aluminum faced sub-
strate construction is also shown in Figure 6-9. Hughes has fabricated solar panel

sections using the RTV adhesive system for cell bonding and has successfully sub-

jected the sections to repeated cycling to liquid nitrogen temperatures without

degradation.
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Although not shown in Figure 6-9, the solar panel for the SurveYor project

consisted of a flat panel, using an RTV adhesive system to bond cells to a titanium

faced honeycomb substrate. The ability of the solar panel to withstand extreme

temperatures was vividly demonstrated by the continued performance of SC-I after

several lunar nights.

Due to the close relationship between the thermal expansion coefficient of the

fiberglass and the silicon solar cells, the fiberglass substrate is recommended.

The Hughes modified epoxy system and the RTV adhesive systems are both usable

with the fiberglass substrate. The selection of the adhesive and cell interconnec-

tion systems for the OEC mission will be established through developmental testing.

6. 1.4 Battery

6. 1.4. 1 Battery Candidates

Although there are many different types of batteries in existence, only three

types have been used since the beginning of the space program. These are the

nickel-cadmium (Ni-Cd), silver-cadmium (Ag-Cd), and silver-zinc (Ag-Zn) types.

The selection of the type of battery system is based on consideration of capacity,

coupled with cycle life and availability.

With excellent cycle life, coupled with good performance at low temperatures,

nickel-cadmium cells are hermetically sealed to prevent loss of electrolyte and give

maintenance-free performance, are easily recharged, and can provide fairly high

peak currents. Limitations include a low energy output per unit of weight and vol-

ume. In addition, the Ni-Cd cell requires an overcharge for a full capacity input

and exhibits limited charge retention.

Silver-cadmium cells combine some of the best features of the silver-z_nc

and nickel-cadmium types--i.e., they can provide a high capacity with a fairly long

life. These cells also exhibit a high specific energy-to-weight ratio, usually one and

a half to two times greater than the nickel-cadmium cell, and have a greater charge

retention. The silver-cadmium cell can be discharged to greater depths than the

nickel-cadmium cell, can provide extended shelf life in both wet and dry conditions

and a flat output voltage, and is mechanically rugged. Compared to silver-zinc, its

limitations include lower cell voltage, lower specific energy ratio, and availability.

The most significant feature of the silver-cadmium cell is that it is basically non-

magnetic and therefore highly desirable for the OEC application.

The advantage of the silver-zinc cell as compared to Ni-Cd and Ag-Cd cells,

lies principally in the ability to provide higher specific energy-to-weight ratios. In

addition, the Ag-Zn cells have an extremely high rate discharge capability.
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Figure 6-i0. Voltage Characteristics of Silver-Cadmium Cells
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6. 1.4.2 Selection of Battery

Batteries containing silver-cadmium cells have been chosen for the Orbital

Experimental Capsule power system because of their nonmagnetic nature, relatively

high reliability, excellent charge efficiency, and ease of charge control.

Silver cadmium cells exhibit two cell reactions which account for the charge-
discharge curves:

ZAg0 +Cd +H20

discharge

Agz0 + Cd(0H)ziE o
charge

= 1. 420 volts

Agz0 +Cd +H20

discharge

___ 2Ag + Cd(0H)2iE °
charge

= I. 152 volts

The upper plateau (1.420 volts, open circuit) provides approximately 40 per-

cent of the nominal capacity. It can be seen from Figure 6-10 that all voltages are

a function of 1) the number of cycles acell has experienced and Z) temperature.

Figure 6-10 represents test data, performed on groups of eight cells, as reported

in Report No. AF APL-TR-65-42. From data in this figure, a cycle-voltage graph

showing end-of-discharge voltages has been constructed (Figure 6-11). It is sig-
nificant that for the maximum number of cycles for OEC (730), the cell voltage
will be as follows: 1.20 volts at 5°C and 1.01 volts at Z5°C. However, with the

lower discharge rate planned for the OEC batteries, the cell voltages should be

somewhat higher than indicated in Figure 6-11. Use of the results from Figure 6-11

should therefore provide a conservative voltage estimate.

6. 1.4.3 Cell Requirement

As shown in Figure 6-11, a minimum cell voltage of i. 01 volts can be

expected at the end of 730 cycles at X5°C -- a more severe cycling regime than

might be expected for the OEC system. At 5°C, the voltage would be l.Z volts.

Utilizing 27 cells in series, the minimum voltage will be Z7.0 volts at Z5°C.

6. 1.4.4 Power Demands on Batteries

Four basic power profiles have been considered based on the average orbital

power requirements indicated in Table 6-4, where the batteries supply a minimum

voltage of 27.0 volts. The battery loads are as follows:

1) 7 hour orbit: 1.5 hour period at 19 watts or 28.5 watt-hr

2) 7 hour orbit: 2.0 hour period at 57 watts or 114 watt-hr

3) 15 hour orbit: Z.65 hour period at 19 watts or 50.4 watt-hr

4) 15 hour orbit: two 2.5 hour periods at 57 watts, separated by

5 hour or 143 watt-hr per period

6-13



TABLE 6-4. OEC POWER REQUIREMENTS
l

Average Constraint Power, watts

I

I

I
Experiments

Tape recorder

Encoder

Phase lock loop

Receiver and decoder

Total

i0.0

3.0

2.0

0.5

3.5

19.0 plus transmitter-':-"

*Additional power of 55 watts required periodically for high power

transmitter for orbit change system, or additional power of

57 watts required periodically for S-band transmission.

Battery requirements for the four power profiles are summarized in
Table 6- 5.

6.1.4.5

C ell type

Cells per battery

Discharge voltage

Battery Characteristics Summary
l

Silver-cadmium, hermetically sealed

Charge rate

Temperature range

Depth of discharge

Charge-discharge cycles

Number of batteries

27

I. 2 volts/cell nominal;

I. I volts/cell worst case

C/10

60 _- 20°F -- orbiting;

0 ±20°F -- transit storage

25 percent

730 (620 cycles maximum for orbits

considered in study)
2.
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Profile

1

2

3

4

TABLE 6-5. BATTERY REQUIREMENTS, 25 PERCENT
DEPTH OF DISCHARGE

Output,

amp-hr

1.0

4.1

1.8

5.1

6. 1.4.6 Cycle Life

Capacity,

amp-hr

4

2.0

i0

20

Capacity

per Battery,

amp-hr

2

I0

5

i0

Weight per

Battery,

pounds

4.7

18.6

9.6

18.6

Volume per

Battery,
cubic inches

i

8O

254

147

254

I

I
I
i
I

I

I
I

I
I
I

I

As indicated earlier, the maximum duty cycle considered was for 7 months

of orbiting with a 7-hour orbital period yielding a total of 730 cycles. Test data,
presented in Table 6-6, were gathered during the period for 1962 to 1965, and

these data indicate that a depth of discharge of 25 percent (to 75 percent of nominal

capacity) at temperatures of 5 ° and Z5°C provides a satisfactory cycle life; this

depth of discharge has been selected for this design.

Recent major advances in cell construction have resulted in cycle lives

much longer than the data presented here. It is expected that by virtue of the

actual 6 month lifetime requirement and advancements in cell technology, a greater

depth of discharge may be considered in the advanced program phases.

6. 1.4. 7 Open Circuit Storage During Transit

Figure 6-1Z presents approximate open circuit storage loss data for silver-

cadmium cells. Thus, at the extremes of the proposed storage temperature range,

the capacity loss on open circuit should be approximately 1. 15 percent per month at

-7°C and approximately 0. 1 percent per month at -29°C. It is therefore proposed

that the batteries be fully charged prior to launch and stored in an open circuit con-

dition during transit.

6. 1.4.8 Battery Capacity and Charge Rate

Battery capacity as a function of temperature is shown in Figure 6-13. In

the operating range from 4 to 27°C, the capacity will range from 90 to ll7 percent

of nominal capacity. Therefore, even at the low end of the temperature span, no

serious loss of capacity will be encountered.

Figure 6-14 represents battery capacity versus battery weight. The rela-

tionship is linear with a slope of 28 watt-hr/ib. Charging at the C/10 rate to a

limiting voltage of 1.55 volts per cell (41. 9 volts battery voltage) is planned for all
cases.
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TABLE 6-6. CYCLES TO FAILURE FOR AG-CD CELLS

(85 minute charge, 35 minute discharge)

I

I
I

Temperature, °C

5

5

25

25

Depth of Discharge,

percent

2.5

50

25

50

Cycles to Failure for 50 Percent of

1185

72

652

72

Cell Group*

Z366

74

i067

74

llZ4

7Z

i021

74

2366

156

1081

156

*Failure defined as E _0.80 volt. (See Report No. AF APL-TR-65-42.)

6. 1.5 Battery Charge-Discharge Controller

6. I. 5. 1 Description of Operation

The battery controllers provide control for both charge and discharge. The

two batteries and controllers are interconnected to provide constant current charge

to both batteries, even if one controller fails. A schematic block diagram is

shown in Figure 6-15.

6. i. 5.2 Detail Operational Characteristics

The controllers are designed to provide a number of functions as follows.

When the solar panel bus voltage is high, it supplies power directly to the

load. During this period, solar panel power is also fed to a boost supply in each

controller. This supply provides two separate secondaries, each of which is used

to boost the solar panel voltage sufficiently for battery charging. This boosted

voltage is then controlled by the charge control to provide the required current

limited charge current. When the battery terminal voltage exceeds a predeter-

mined upper limit, the charge control is turned off, terminating battery charging.

As the solar panel voltage decreases below the desired switching point, the

bridge circuit will sense this decrease in voltage and override the normal charge

control to open up the charge circuit. The purpose is to permit optimum usage of

the solar panel to provide energy for th_ loads. As the solar panel voltage continues

to drop, a bridge circuit senses this falloff in voltage and causes the discharge con-

trol to deliver from the battery that portion of the load current that cannot be sup-

plied by the solar panel.

The two batteries are constrained to discharge at a ratio of 60/40 or better

by use of a common control reference and small resistor networks in series with

each controller downstream of the sensing network. Diodes across the resistors

provide pulse power capability.
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The baseline design for the voltage boost portion of the battery charge

control will be of the boost-add configuration. This configuration has been used

with much success on the HS-308 program. It is a highly efficient system, since

only the boost voltage is handled by the boost dc to dc converter. A series regu-

lator operated via a differential amplifier comparing output voltage and current

against a reference will provide the output regulation and charge cutoff required

to ensure proper battery charging.

The two boost supplies are interconnected to provide boost voltage to

charge both batteries even if one supply should fail. This interconnection greatly

improves overall system reliability with a very minimum increase in part count

and system weight.

A modulation type discharge controller, which permits only that power

which cannot be supplied by the solar panel to be drawn from the batteries, is

proposed for the b_.se!ine design. This permits the batteries to be operating as

close to full charge as possible during all phases of operation. To control the

depth of discharge of both batteries within acceptable limits, consistent with their

life requirements, a single common reference voltage source is required for both

discharge controllers. The need for this single reference can best be visualized

by referring to Figure 6-16.

As the discharge set point separates between the controllers, the current

sharing variation also increases. For the condition shown in Figure 6-16, con-

troller l is supplying all of the load current, since its set point is higher than the

other controller. Set point C would have to be increased to slightly above point B

before any of the load current (IL) would be drawn from the second battery. At

the condition where set points A and B coincide, equal current sharing will exist

(assuming equal values of load sharing resistors). Increasing the load sharing

resistors (Rsl and RsZ in Figure 6-15)would reduce the current share spread;
however, it would also increase the power dissipated in this added source

resistance.

To provide for pulse power capability from the batteries, a diode is con-

nected across the series load sharing resistors to limit the voltage drop at high

pulse currents.

To reduce the possibility of system failure, resulting from failure of the

single voltage reference, redundancy will be designed into the system such that

catastrophic failure of a minimum of two parts will be required before perform-

ance would be affected. Since the probability of two catastrophic part failures is

remote, the reliability of this system will be extremely high.
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6.1.5.3 Electronics Characteristic s Summary
i

Electrical Characteristics

Charge voltage

Discharge voltage

Physical C haracte ri stic s

Limite r

Charge boost

Controller

Discharge control

Total
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Above 24.5 volts

Below Z4.5 volts

Weight
I

0.3

0.3

0.3

0.5

1.4 pounds



6. Z PROPULSION SUBSYSTEM

6. Z. I General

Several candidate propulsion systems have been examined for each of the

possible requirements evolved from the OEC feasibility study. Volume I describes

the preferred systems; this section describes system characteristics and tradeoff

studies which lead to the selection of the recommended propulsion systems.

The following systems were examined:

Co-orbital spinup

I) Conventional solid propellant

Z) Ammonia vaporj et

3) Cold gas

4) Monopropellant hydrazine (as part of orbit change system)

Orbit change system

i) Monopropellant hydrazine for all functions

Z) Monopropellant hydrazine with one of the above spinup systems

Other possible spinup systems, including bipropellant, resistojet, and elec-

trical propulsion, were not considered desirable because of their added complexity

and lack of a weight advantage for the size of system considered for the OEC. Sub-

liming solids are a remote possibility if thrust levels of the order of 10 -3 Ibf or less

are tolerable; higher thrust would require substantial electrical power to accelerate

the sublimation process. The weight of such a device would be intermediate between

a conventional solid rocket and a cold gas system.

A monpropellant hydrazine system is considered the only good choice for the

orbit change system. Bipropellants, because of extra tankage, lines, and valves, are

less reliable and do not show a weight advantage in small systems. Hydrogen per-

oxide is space-proven in spinning satellites but has lower performance than hydrazine

and is less stable chemically. Decomposition of the propellant would require a pro-

vision to vent gas under zero gravity conditons while in transit aboard the Voyager

spacecraft. Electrical propulsion systems are not sufficiently advanced in develop-

ment to be of interest for the present mission and require extremely large amounts

of power for higher thrust levels. Cold gas results in a severe weight penalty, and

vaporizing liquid or resistojet systems require more power than will be available.

Conventional solid propellants could supply the orbit change impulse but would still

require an auxiliary attitude control system.
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6. Z. 2 Spinup Systems

The feasibility of alternate propulsion techniques is discussed in the

following paragraphs and system parameters defined for spinup of the OEC to the

required 60 + I0 rpm after separation from the Voyager spacecraft.

6.2.2. 1 Solid Propellant Spinup System

Several units are currently or recently in production which deliver a total

impulse in the general range of interest. Any could be modified to give a slightly

different impulse without an extensive development effort. Unfortunately, all of

these available rockets have a rather high thrust level, as shown in Table 6-7.

Other suitable motors may be available but Atlantic Research Corporation, who

manufach1_es the models shown, has provided vir_-ually all of the operational motors

of this type. Other suppliers would not be expected to offer a substantially differ-
ent product.

If a development program were undertaken, it should be possible to make a

motor more suited to the requirements. One example is shown in Figure 6-17, an

Aerojet General Corporation conceptual design for a motor which delivers 50 ibf-

sec ata thrust of 2. 18 ibf. This particular motor uses a nonaluminized JATO

propellant, AN-584, which is capable of sterilization. Since sterilization is not

required, the lower burning rate ANP-2874 HO Mod 1 could be used with an atten-

dant reduction in thrust to about 0.7 ibf. If still lower thrust is required, an

ammonium nitrate based composition such as EFT-3 or AMT-2091 could give a

thrust of 0. 1 ibf or lower in a slightly smaller diameter grain.

The lower limit of thrust would be determined by the lowest chamber pres-

sure that gives stable combustion and the smallest nozzle that does not suffer

detrimental buildup of deposits during the firing. Determining these parameters

would require a substantial experimentation and testing program. Adjustment of

total impulse is accomplished simply by changing the length of the end-burning

grain. In the above example, a 25 ibf-sec motor would be 3.43 inches long and

weight approximately 0.25 pound.

6.2.2.2 Ammonia Vapor jet Spinup System

A vaporjet, which offers the advantage of liquid propellant storage and

attendant reduction in tank weight over cold gas, would not appear to be the system

of choice for the Ol_C mission. The three versions described below may offer some

weight savings but are not actually state-of-the-art. Propellants other than ammonia

may offer some slight advantages in performance but not enough to deserve additional

analysis {Reference I).

Significant y.roblems which must be resolved are:

I} Propellant management under the initial zero gravity conditions must
include thermal control.
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Z) Heat exchanger design information may be required and is very meager.

3) A significant amount of heat is required to vaporize the liquid. This

introduces complexity and/or uncertainty in the design.

6.2.2.3 Equilibrium Boiling System

The first and simplest system extracts the heat of vaporization from the pro-

pellant itself. A minor quantity of sensible heat is also available from the tankage,

bracketry, and propellant vapor. Equilibrium boiling occurs until all of the liquid

is frozen. Subsequently, gas production will probably depend primarily on heat

soak into the system because at temperatures below the freezing point the sublima-

tion process is relatively slow.

6.2. Z.4 Electrically Heated System

A second configuration of the vaporjet system utilizes a battery to supply the

latent heat of vaporization. This system will boil at constant temperature and thus

have a constant specific impulse.

6. Z.Z.5 Water Heat Source System

The third configuration is similar to the first but uses a properly shaped and
sealed container of water in the tank as a heat source. This water will cool down

with the ammonia and contribute sensible heat. At the triple point of the water

(about 3Z°F), however, a first order phase transition will occur, and this conversion

of liquid water to ice will yield a substantial heat of fusion isothermally. The weight

of this system should lie somewhere between the two cases previously stated.

Fired Weight, pounds

Lines 1.0

Squib 0.6

Burst diaphragm 0.2

Pressure transducer 0.3

Fill valve 0. Z

Screen for zero-g 0.05

Thrusters 0.8

Battery only heaters (Z) 0.05

3.20
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Figure 6-18 relates total system weight for the above systems to total
impul s e.

6. Z.Z. 6 Cold Gas (GNz) System

As an alternative to the baseline nitrogen system described earlier, a

2500 psi blowdown system of the type used by Hughes on the Applications Technology

Satellite program was considered. Design parameters and weights are given below
and in Figure 6-19.

Tank material

Tank pressure

Tank inside diameter

Chamber pressure

Nozzle area ratio

Vacuum thrust coefficient

Throat diameter

Specific impulse

Total impulse

Initial thrust

Squib valves (2)

Nozzles (Z)

Amp lifier,

Tank { 1)

Plumbing

Nitr og en

gauge, temperature sensor

Total

6AL- 4V titanium

2500 psia

5.29 inches

"_Z000 psia

40

1.7

0. 19 inch

62.5 seconds

33.25 ib-sec

"_95 pounds

0.6

0.7

0.3

0.9

1.0

0.54

4.0 pounds

It is seen that no significant weight or envelope reduction is gained over the
proposed nitrogen low pressure (250 psi} unregulated blowdown baseline system
described in detail in Volume I.
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6. Z. 3 Attitude Control and Orbit Change Propulsion System

The following discussion presents parametric design information for a

monopropellant hydrazine system using typical state-of-the-art components. The

baseline system described in detail in Volume I is slightly below the range of data

in some of the figures but was computed by the same technique as described below.

The use of the figures is contingent on knowledge of the following system

parameters :

I) Thrust level

2) Spin speed (established as 60 rpm)

3) Pulse duration

4) Number of pulses required per maneuver

5) Total impulse required in pulse mode

6) Total impulse required in steady state mode

Figure 6-20 illustrates the linear relationship between total propellant

weight and corresponding system weight with and without spinup capability. The

difference between the spin and no-spin cases is the additional weight required for

spinup thrusters and valves. If spinup is required, a screen device may be needed

to guarantee liquid feed to the thrusters at startup.

Figures 6-21 and 6-2Z give tank sizes and weights based on propellant weight

for one- and two-tank system configurations.

The propellant weight consists of contributions from both steady state and

pulse mode operation. It is therefore necessary to analyze these components sep-

arately; the total propellant required is the sum of the two.

Figure 6-Z3 shows the dependence of steady state specific impulse on engine

thrust level. Figure 6-24 is based on Figure 6-Z3 and can be used to establish the

steady state propellant requirement for a given thrust level and total impulse.

Figure 6-Z4 illustrates the effect of spin speed on effective specific impulse

for various pulse durations. The effective specific impulse is reduced proportion-

ally to the geometric cosine loss due to rotation of the thrust vector. It can be

seen that for 60 rpm, a wide range of pulse widths will give good performance.

For a 60 degree arc, the pulse duration will be 0. 167 second, which is near

optimum.

Figure 6-Z5 shows effective specific impulse versus pulse width. Figure6-Z6

based on Figure 6-25, gives 60 rpmpulse mode propellant requirement for a given

pulse width and total impulse. If a spin rate other than 60 rpm is required, a new

set of curves may be derived from the basic data in Figure 6-24.
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Figures 6-27 and 6-Z8 show the effect of cold starts on performance for a

5 pound thrust hydrazine engine. As the engine heats up through successive pulses,

the specific impulse reaches an equilibrium value, the magnitude of which is depen-

dent on pulse width. It is therefore possible from Figure 6-Z7 to evaluate the addi-

tional propellant required because of thermal inefficiencies in the first 30 pulses.

From the number of pulses and weight of propellant required for any maneuver, the

amount of additional propellant required can be calculated. It is quite likely, how-

ever, that the number of pulses will be large enough to make this correction

unimportant.

In summary, a typical sequence in determining the weight of an attitude

control system would be as _llows:

1) For each steady state maneuver, establish the propellant requirements

from Figure 6-24 for a given thrust level and steady-state total impulse.

Note that the thrust level should be an average over the blowdown

experienced in the maneuver.

z) Establish the pulse mode propellant requirement from Figure 6-26 for

a given pulse width and pulse mode total impulse.

3) Establish the propellant loss due to thermal inefficiencies in pulsing

for a given number of pulses and a given propellant weight from (Z).

This may require iteration because of the variation of specific impulse

during the first 30 pulses. Also, if thrust level is very different from

5 ibf, adjustment of effective specific impulse must be made. Little

data is available, but the change in specific impulse may be assumed

to follow the steady-state performance.

4) Establish total system weight from Figure 6-Z0 where propellant

weight is the sum of (I), (2), and (3).

6. Z. 3.1 System Considerations

A considerable improvement in overall reliability can be achieved by

redundancy in system functions. In most cases this has been accomplished by two

or more completely separate independent systems. A recent study of spacecraft

propulsion systems (Reference i) has shown, however, that the reliability of

systems which are required to valve a gaseous or liquid propellant may benefit as

much from utilizing quad valves as from incorporating a complete additional system.

A substantial weight saving results.

Specifically, a 3600 Ibf-sec capacity nitrogen system with quad valves

weighed 14Z pounds and had a 5 year projected reliability of 0.96Z to 0. 986 (limit-

ing cases). The weight penalty over one single valve system was only 7 pounds;

yet the reliability was higher than for a 389 pound system composed of twocomplete

single valve systems, each containing I-i/2 times the required propellant (as used

in Ranger and Mariner to protect against one open failure).

It is recommended that the quad valve or, if a developed valve is not avail-

able, a series-parallel arrangement of four single valves be considered as one
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possible alternative. If further study indicates a possible response problem with
four independent valves, it may be desirable to consider a series dual arrangement
of only two valves. It is likely that the system will have adequate reliability with
dual valves In an all-welded system, rupture or leakage of tanks and lines should
be an unlikely event, and there is little benefit in improving the reliability of that
portion of the system, particularly when a substantial weight penalty results.

One other observation should be made pertaining to the spinup system. The
solid propellant units proposed weigh so little that they might be considered as an
emergency backup for whatever system or systems are eventually selected even if
the thrust levels ordinarily might be too high.
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6.3 STRUCTURE SUBSYSTEM

6. 3. 1 General

As part of the overall configuration studies conducted throughout this

feasibility study for an OEC, the structural aspect and relationships of the structure

geometry with packaging, mounting, and separation system features and basic enve-

lope constraints had to be evaluated. The extent of this feasibility study excluded

any structural analysis since a definitive static and dynamic environment has not

yet been established for the OEC. Pending the advancement of the Voyager space-

craft design and overall system environment definition, a meaningful study of the

OEC structure could be implemented. The structural considerations for this feasi-

bility study were limited to establishing a conceptual framework that satisfied equip-

ment and subsystem arrangements, thermal control considerations, and attachment

and separation techniques selected.

A brief description of the OEC structure is presented in the following
paragraphs.

6.3. Z Structure Description
,|i l

The structural frame for the recommended OEC configuration would consist

basically of the following major sections:

i)

z)

3)

4)

C entral hexagonal support structure

Central mounting tray bulkhead

Base mounting/radiator tray

Solar array support rings

5) Support tripod for stacked array antenna (S-band)

6) Base support tube

7) End closure bulkheads/thermal barriers

s) Mounting interface adapter incorporating the separation mechanism

and providing the OEC-Voyager mechanical interface

The booms are not considered here as part of the primary structural sub-

system but are discussed in detail in the configuration studies material presented

in both Volume I and this volume.

The primary supporting structure is the central hexagonal frame to which

all members are attached and loads are transmitted and carried through to the base

support tube which is attached to the mounting interface adapter. Connected to the

hexagon structure is the primary mounting tray bulkhead which extends outboard to
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support the base of the cylindrical solar cell array. At the top of the central frame,
a lightweight bulkhead provides the upper closure and secondary attachment surface
for the solar array. So as to provide a surface and support for the S-band antenna
mount and deployment device at the top of the capsule, a tripod is mounted off three

corners of the hexagon frame and extends upward to a central point at the top edge

of the solar panel. Below the main tray a cylindrical support tube extends down-

ward to the separation flange. Within this tube, near the base, a mounting tray/

radiator surface is provided to support the high power dissipation components.

In addition to being the primary support structure, the central hexagon

frame serves as the mounting structure for the propulsion systems tankage, which

must be located on the capsule's center of mass.

Within the base cylinder of the structure a circular plate is centrally sup-

ported by three light gusset plates and serves as the bearing surface for the sep-

aration compression spring.

The proposed structure is considered to be fabricated using nonmagnetic

aluminum alloys, with an additional oxide coating provided at the mounting surface

to minimize any potential solid phase welding (cold welding) occurring at the con-

tact surfaces that might jeopardize successful separation of the OEC. In view of

the low compressive stresses and low temperature conditions at the static contact

surfaces, solid phase welding is considered quite a remote possibility.

An assessment of the weight of the proposed structure, excluding bracketry,

attachments, and separation adapter system, is as follows:

Central hexagon structure 1.7

Central mounting tray Z.I

Base tray 0.6

Array support rings 1.7

Support tripod 0.2

Base tube i. 9

End bulkhead

To tal

1.4
i

9.6 pounds

A budget has been established for the OEC structure (including 3.0 pounds

for two radial booms plus an additional 2 to 3 pounds for bracketry and attachment)

at 15 pounds. Satellite structures have been built that weigh less than I0 percent

of the total system weight; therefore, the allocation of iZ+ percent for the OEC

structure based on the baseline configuration weight of IZZ. 8 pounds seems conserv-

ative. The complete support adapter and separation mechanism was estimated at

5.0 pounds, which is also felt to be quite conservative.
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In order to maintain a desirable ratio of roll to transverse moments of inertia

for inherent spin stabilization of the OEC, the recommended configuration was devel-
opedwiththiscriterionas one of the prime considerations. Calculated values of
moments of inertia for the orbit configuration OEC are as follows:

Iroll = 7.5 slug-ft 2

Itransverse (max) =

Itransverse (min) =

6.8 slug-ft 2 (axis normal to booms)

Z. 0 slug-ft 2 (axis parallel to booms)

A minimum ratio of roll to transferse inertia of I. i0 results.
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6.4 THERMAL CONTROL SUBSYSTEM

6.4. 1 General

The thermal environment and thermal control requirements during transit and

operation including eclipse conditions for the OEC were analyzed and alternate

means of satisfying thermal requirements were investigated. The following basic

assumptions were used in the analysis:

it The OEC will be carried to Mars on the side of the Voyager spacecraft

and will remain on Voyager for the first 4 weeks orbiting Mars.

z)

37

4}

After separation from Voyager, it will be spunup and will orbit Mars at

an altitude of 300 to 1500 km at periapsis to I0,000 to 20,000 km at

apoapsis.

The solar direction assumed in this analysis was 90 +25 degrees from the

spin axi s.

The infrared flux and reflected solar flux from Mars are only about

4 percent and 1.5 percent of the solar flux respectively at an altitude of

5,000 kin, and they were neglected in this thermal analysis.

6.4. Z Design Summary

Two methods of passive temperature control and an active method were con-

sidered for the capsule's internal equipment for the transit and operational phases

of the mission.

The first method uses an uninsulated cylindrical region at the spacecraft mid-

section for temperature control. This region would be coated to produce the desired

ratio of solar absorptance to infrared emittance for the temperature required. The

major part of the internal power dissipation would be radiated out to space from this

region. The disadvantage of this design is that the variable solar intensity and range

of possible solar directions causes a large temperature range. Also, the large unin-

sulated area causes a large temperature drop in an eclipse.

The second method of passive temperature control uses smallradiators on the

ends of the spacecraft. This design is better than the first because the range of

solar intensity and possible solar directions has less effect on the spacecraft inter-

nal temperature. However, the internal power dissipation must be some given

mean steady state value+l.3 watt to control the internal mounting surface temper-
atures to 4 ° to Z7°C (40 ° to 80°F) which is required by the batteries (this includes

6°C uncertainty at each end of the temperature range).

The recommended temperature control method is to use a rotating shutter on

the end of the spacecraft similar to the type used on the Applications Technology

Satellites.
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During the transit phase of the mission, the spacecraft is shaded by

Voyager. The batteries require -29 ° to -7°C (-20 ° to 20°F) in transit. The

electrical power required from Voyager to keep the inside of the OEC spacecraft

at -29 ° to -7°C is approximately 9 watts for the design with a movable shutter on

the end of the OEC spacecraft. The two passive temperature control designs would

require more power from Voyager. The minimum solar panel temperature in transit

is -192°C (-314°F). The solar panel can withstand temperatures at least as low as

-184°C (-300°F) and probably can be designed to withstand -192°C (-314°F), which

is the minimum predicted temperature.

For the booms the primary concern is deflection caused by temperature

gradients since the scientific instrument sensors would provide their own thermal

control system. The drooped radial booms will be heated on one side more than

the other. However, the angular deflection of the sensors on the ends of the booms

will be kept within 0.12 degree angle (IZ percent of the maximum allowable) without

using insulation, by using aluminum booms (l. Z5 inch diameter tubes with 0.020 inch

thick walls) instead of plastic booms. Thermal gradient effects are negligible in the

case of the boom located along the spin axis.

The weight penalties associated with the thermal control of the OEC are

minimal. The end of the spacecraft in this study was 0. 024 inch thick aluminum

sheet (or aluminum honeycomb sandwich with 0.013 inch thick facesheets) to

prevent large internal temperature gradients. This weight, Z.4 pounds, would

be divided between thermal control and structures weight. The insulation and

cover sheet weight would be 2.46 pounds. The paint for the inside of the ends of

the spacecraft and internal packages would be 0.31 pound. The rotating shutter

type of active temperature control (bimetallic strip, linkage, shutter, etc.)

would be approximately 0.94 pound. The electrical heater and heater control

electronics for the transit phase is 0.2 pound, totaling approximately 5 pounds for

the entire system.

6.4.3 Solar Panel

The solar cells were assumed to be the type used on the Applications

Technology Satellites ((Xsola r = 0.75, 6= 0.78) with a packing factor of 88 percent.

The solar panel temperatures shown in Figure 6-29 were calculated assuming

they were insulated on the back side. Figure 6-29 shows the solar panel tempera-

ture variation due to the seasonal variation in the solar flux and the range of possible

solar directions in one Martian year. Itdidnotappear desirable to thermally couple

the inside of the spacecraft to the solar panel or part of the solar panels because of

their large temperature excursion.

The solar panel steady state temperatures shown in Figure 6-29 were

calculated from the following energy balance equation

SA T 4
(_i cos 8 = 61 AF
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where

S = solar flux

al = solar panel effective absorptance, 0.74

= OIz(l-N) P + _3il-P)

0_Z = solar cell absorptance, 0.75

o_3 = effective absorptance of area between solar cells = 0.95

N : solar panel efficiency iZ_0/Tr = 4 percent (cell efficiency is about

12 percent in direct sunlight but solar panel is rotating)

P = fraction of area covered with solar cells = 88 percent

8 = angle between plane normal to spin axis and solar direction,

degrees

_I : solar cell emittance : 0.78

: EZp + _3(I-P)

EZ : solar cell emittance = 0.78

E3 = effective emittance of area between solar cells = 0.80

F = view factor to space = I. 0

cr = Stefan-Boltzmann constant

T = solar panel temperature

The solar panel temperatures possible after a Z.65 hour eclipse are shown

in Figure 6-30. This range of solar panel temperatures was calculated for the

range of properties shown in Table 6-8. Figure 6-31 shows the solar panel

temperature as a function of eclipse time.

6.4.4 Internal Equipment

The batteries have the smallest range of allowable temperature, and

therefore the temperature control system is designed to meet their require-

ments (see Table 6-91. The batteries require a range of only 23°C (4° to 27°C)
in orbit.
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TABLE 6-8. SOLAR PANEL PARAMETERS

Effect of booms neglected; view factor to space assumed to be i. 0

Emmis sivity

Weight per unit area, ib/ft 2

Mean specific heat, Btu/ib°F

EA
W--"_ ' ft2 oF /Btu

P

Value Used

in This Study

0.78

0.72

Probable Range
of Values

o.8o _+0.0z

0.72 +_ 0.05

0.2

5.4

0.19 _+0.02

6.0 + 1.2
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Two passive thermal designs were considered, both with the back of the

solar panels insulated (see Figure 6-32). The first design is with the mid-section
between the solar panels (approximately 34 inch diameter and 6 inches wide)

uninsulated and 70 percent of the area coated with black paint and the remaining

area ebonal "C", which is an oxidized copper coat. This will produce a ratio of
solar absorptance to infrared emittance ((x/E) of 1.5 (see Figure 6-33). This area

would radiate out to space the major part of the internal power dissipation. If
the net radiated heat flux from this mid-section radiator was about 5 watts per

square foot and the internal power dissipation changed 10 watts, the temperature
would change 42°C in one Martian year including the effect of the seasonal varia-

tion in the solar flux and the unpredictability in the solar direction(90 ±25 degrees
from the spin axis). The temperature drop of the inside of the spacecraft would
be about 33°C in the 2.65 hour eclipse.

The second passive design (Figure 6-32) has insulation behind the solar

panels and the midsection except where there are small experiment windows.

The major part of the internal power dissipation is radiated to the ends and

radiated out to space. If the total product of emittance, area, and view factor

to space (_AF) of the radiators on the two ends is 0.8 square foot and the internal

power dissipation change is l0 watts, then the radiator temperature change would

be 33°C in one Martian year (see Figure 6-34). This is 9°C less variation than

that of the first design for the same variation in internal power and duration. The

change in the internal temperature gradient (total conduction and radiation tempera-

ture gradients inside the capsule) for a i0 watt change in power dissipation is less

for the second design; if this were included in the comparison, the second design

would be even more attractive than the first. In addition, the temperature drop of

the spacecraft interior would be only about 14°F in a 2.65 hour eclipse for the

second design.
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The third design or recommended approach {Figure 6-35) is an active

temperature control system using a movable shutter at one end of the capsule.

The shutter is rotated by a bi-metal actuator. The steady state temperature

change at the equipment mounting surface inside of the spacecraft is only 9.4°C

per l0 watts (assuming the shutter is not full open or closed) compared to 42°C per

i0 watts for the second design. (The 42°C change is 33°C radiator temperature

change plus 9°C internal gradient change.) These temperature changes include the

effect of the sun angle uncertainty of 425 degrees and the seasonal variation in the

solar flux from aphelion to perihelion. The total area of the circular shutter is

2 square feet with i square foot of its area consisting of pie-shaped holes. The

radiator under the shutter is 1 square foot of pie-shaped areas painted white located

so that when the bi-metal actuator is 21°C (70°F) the shutter is "open;" i.e., the

holes in the shutter are over the white painted pie-shaped areas of the radiator.

When the bi-metal actuator is 13°C (55 F) the shutter is closed;" i.e., the pie-

shaped areas are covered by the shutter. The predicted temperatures with this

active temperature control system are shown in Table 6-9. Information on the

detailed analysis of this active system is given later in this section (see 6.4.6).

6.4.5 Internal Power Dissipation

The electrical power dissipation inside of the spacecraft is a constant 19 watts

plus intermittent operation of the primary transmitter that dissipates 22 watts.

With the primary transmitter off and the OEC operating in the S-band mode, a con-

stant 16 watts and an intermittent 47 watts for the S-band transmitters are dissipated

(see Table 6-i0). The possible combinationsofpowerdissipations and eclipse dura-

tions are shown in Table 6-11. The maximum temperature cases are those without

eclipse and the minimum temperature cases are with a long duration eclipse and

assuming that the transmitter is not operated. A computer thermal analysis of the

spacecraft nodal model was made for these extreme transient temperature cases at

aphelion and perihelion with the solar direction 90 degrees from the spin axis.

6.4.6 Thermal Model
i

Sixteen lumped masses or nodes were used for the mathematical model of

the OEC to calculate the capsule's temperatures with the active temperature control

system. The passive temperature control systems werenot considered in this

much detail because it was obvious they could not satisfy the temperature require-

ments with the large variations in power dissipation. The nodes are described in
Table 6-12. The radiation and conduction heat transfer connections between the nodes

are shown in Figure 6-36. The values of the node heat capacities, conductance

between nodes, and radiation coefficients between nodes are given in Table 6-13.
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(_ INSULATION, 30 LAYERS OF 1/4 MIL THICK ALUM-
IZED MYLAR

(_ OUTER COVER I MIL KAPTON FILM WITHSHEET,

1400 - 3000 ANGSTROMS OF ALUMINUM ON BOTH

SIDES, 6000 ANGSTROMS OF SiO ON THE OUTSIDE

(_ 0.12, e=0.16)

(_ ALUMINUM SHEET 24 MIL ALUMINUMTHICK(OR

HONEYCOMB CORE SANDWICH WITH 12 MIL

THICK FACE SHEETS). PAINTED BLACK I MIL

THICK ON INSIDE SURFACE

(_ ROTARY SHUTTER FOR TEMPERATURE CONTROL

BOOM, ALUMINUM TUBEPLASTIC TUBE FOR LOW CONDUCTANCE BETWEEN

INSIDE OF SPACECRAFT AND ALUMINUM BOOM

(_) SOLAR PANEL

(_ PLASTIC MOUNTS FOR LOW HEAT LOSS TO SOLAR PANELBLACK PAINT I MIL THICK ALL INSIDE SURFACES EXCEPT

EQUIPMENT MOUNTING SURFACES, INSULATION,

INSIDE OF SOLAR PANEL,AND INSIDE OF END BARRIER

(_ VAPOR DEPOSITED ALUMINUM ON INSIDE OF SOLAR

PANEL AND END BARRIER (e = 0.04)

(_ BI-METALLIC ACTUATOR FOR TEMPERATURE CONTROL

SHUTTER

(_ HIGH POWER UNITS (PRIMARY TRANSMITTER, VOLT-

AGE LIMITER, AND S-BAND TRANSMITTER TWT)

(_) ALUMINUM OR VAPOR DEPOSITED ALUMINUMPOLISHED

ON ATTACHMENT RING

3--Active Temperature Control

j D

I
I
I
I

(_) s12 I

Q2 9 Q5 IS10 J

. \ ...._--! .

Figure 6-36. Radiation and Conduction Connections
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TABLE 6-I0. ORBIT- CHANGE SYSTEM INTERNAL POWER DISSIPATION

Primary Mode

Experiments 10.0

Tape recorder (average) 3.0

Encoder 2.0

Phase lock-loop 0.5

Receiver and decoder 3.5

Total 19.0

Primary transmitter 22.0

S-Band Mode

Experiments 10.0

Encoder 2.0

Phase lock-loop 0.5

Receiver, transponder, 3.5
and decoder

Total 16.0

S-band transmitter 47.0

(2 watts for 5 hours; 5 watts for Z hours)

watts constant

watts (55 watts in, 33 watts out)

watts constant

watts (57 watts in, 10 watts out)

I
I

I
I

l
I

I
I

I

TABLE 6-11. POSSIBLE POWER DISSIPATIONS AND ECLIPSE DURATIONS

With Primary Transmitter
7-hour orbit

Maximum temperature case

Minimum temperature case
15-hour orbit

Maximum temperature case

Minimum temperature case

Orbit with S-Band Transmitter

7-hour orbit

Maximum temperature case

Minimum temperature case
15-hour orbit

Maximum temperature case

Minimum temperature case

Hour s

7

5.5

15

12.35

7

5.5

15

12.35

In Sunlight

Constant

P ower,

watts

19

19

19

19

16

16

16

16

Transmitter

Power,
watt s-'::

22 for 2 hr

0

22 for 4 hr

0

47 for 2 hr

0

47 for 2 hr

twice per
orbit

0

In Eclipse

Hours Watts

0

1.5 19

0

2.65 19

0

1.5 16

0

2.65 16

;::The power into the primary transmitter is 55 watts, but the power dissipation is only

22 watts. The input to the S-band transmitter is 57 watts and the power dissipation
is 47 watts.
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6.4. 6. i Thermal Model Results

The capsule steady state heat balances for "cold" and "hot" examples are

shown in Table 6-14. The cold conditions are for the spacecraft at aphelion,

solar direction 65 degrees from the spin axis (sunlight on the antenna end of the

spacecraft), and low power dissipation. The hot conditions are for the spacecraft

at perihelion, solar direction i15 degrees from the spin axis (sunlight on the

experiment section end of the spacecraft), and high power dissipation. The capsule

internal steady state temperatures for cold conditions, nominal conditions, and hot

conditions as a function of internal power dissipators are shown in Figure 6-37.

The solar panel transient temperatures during a 2.65 hour eclipse are

shown in the discussion of the solar panel temperatures. The interior of the OEC

has a mean temperature drop of only Z°C in the Z. 65 hour eclipse because the mini-

mum internal power dissipation (16 watts) is almost equal to the heat losses to

space from the insulated section of the capsule.

The OEC interior temperatures with the primary transmitter assumed to

be operating 4 hours each 15-hour orbit are shown in Figure 6-38a. The tempera-

tures of the capsule interior structure modes that are not shown in these figures

are within the limits shown. The capsule interior temperatures satisfy the equip-

ment requirements but the battery mounting surface maximum temperature is at

the maximum allowable temperature.

The interior temperature with the S-band transmitter operating at 47 watts

dissipation for Z hours each 7-hour orbit is shown in Figure 6-38b. The constant

power dissipation was as sumed to be 19 watts; later analysis indicated this value to
be 16 watts.

The temperatures in the last two figures would be higher if the solar angle

were I15 degrees (sunlight on the radiator) rather than 90 degrees. This would

cause the battery to be overheated. Lowering the temperature range at which the

shutter opens and closes by 10°C and possible reducing the duration of S-band

transmitter operation should keep the battery temperatures within allowable limits.

6.4.6. Z Transit Phase

In transit, the capsule is attached to the Voyager and the shutter is covered

by this attachment region. Only 9 watts of electrical power is required from

Voyager. Four watts at node i makes the temperature inside of the capsule

-18+Z°C (0+4°F) and the solar panel -19Z°C (-314°F) at node 15. Five watts at

node ll makes the solar panel temperature -185°C (-301°F) at node 9. These calcu-
lations were based on the worst case condition, which assumes no infrared heat

input and conduction input from the Voyager. These minimum solar panel tempera-

tures actually would occur only on the outboard side facing space.

The worst thermal shock on the solar panel would be at a midcourse correc-

tion if the Voyager maneuvered so that the sunlight direction would be normal to the

solar panel surface. The solar panel rise rate would depend on the distance to the

Sun at that time and the rate of change of the Voyager direction; it would be less
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Figure 6-37. Spacecraft Steady State Temperatures
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than Zl°C/minute {38°F/minute) which was calculated assuming a solar distance

of 1 AU, the solar direction normal to the solar panel surface, and neglecting

the re radiation heat loss from the solar panel.

The present plan is to fabricate the solar panels towithstand -314°F (the

minimum calculated temperature) and the thermal shock. If this cannot be

accomplished by 1973, two design alternatives available:

I) Use electric heaters on the back side of the solar panels and use

about IZ watts from Voyager to keep the solar panel temperature

above some temperature such as -160°C (-Z50°F) which would

provide a margin of safety.

z) Use a sheet of insulation to cover the outboard side of the solar

panels during the transit phase.

6.4.7 Materials, Hardware, and Weights

Insulation. The insulation is 30 layers of i/4 rail thick aluminized mylar

with an effective emittance from the inside sheet to the outer sheet of 0.01 (see

Figure 6-39). The insulation weighs 0.081 ib/ft 2 for 30 layers.

Outer Cover Sheet. The outer sheet of the insulation for the experiment

section 'and the antenna end of the spacecraft can be i-2 mil thick Teflon or Kapton

film, both sides aluminized 1400 to 3000 angstroms thick and 6000 anstroms of

silicon monoxide on the outside. The outside solar absorptivity will be 0. IZ and

emissivity 0. 16.

Paint for Inside of Spacecraft. The black paint for the inside of the space-
craft (except insulated and mounting surfaces) will be 1 ± 1/4 rail thick. It will

have an amissivity of 0.86.

Co__.m_parison of White ThermalC_r Active Tern erature Control

Radiator. Four possible coatings for the active temperature control radiator are

i) Z-93, which is zinc oxide (PS-500) pigment and potassium silicate binder;

Z) Hughes white, which is aluminum silicate (clay) pigment and potassium silicate

binder; 3) H-10, a Hughes developed coating that is a clay pigment in a silicone

binder; and 4) modified S-13G, a potassium silicate sealed zinc oxide pigment in a

silicone binder.

The Z-93 coating will be manufactured from the raw materials. The SP-500

zinc oxide is available from New Jersey Zinc, and the PS-7 electronic grade potas-

sium silicate is obtained from Sylvania Electric. Care must be exercised during

manufacturing to prevent the yellowing that occurs when the ZnO undergoes excessive

grinding of mechanical working. The shelf life problem of this paint must also be

considered. The major effect here is loss of adhesion with increased time between

manufacture and application of the paint. Excellent adhesion is obtained for coatings

applied within 3 days of paint manufacturing. The adhesionfs good if the paint is

applied within 6 days after it is manufactured. Paint older than 6 days should not be

used. The surface is prepared for application of Z-93 type coatings by sandblasting
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Node

TABLE 6-12. SPACECRAFT NODE DESCRIPTION

Description

I
l

!

l
I
i

I
I
i

I

1

2

3

4

5

6

7

8

9

i0

Ii

12

13

14

15

16

2 square foot active temperature control radiator; high power

units (transmitters and voltage limiter) are mounted here.

Area on mounting tray adjacent to 2 square foot active temper-
ature control; shutter bi-metal actuator is located here.

Mounting tray and central structure.

Structure; a fixed radiator can be located here if it is needed.

Mounting surface for electronic equipment and experiments

(except solar plasma probe which is at node iZ).

Aluminum sheet 0. 024 inch thick.

Inside surface of insulation on side of the experiment section.

Inside surface of insulation on back of I0 inch high section solar

panel.

Solar panel, 16 inch high section, with vapor deposited aluminum

on back side (inside c = 0.04, outside_ = 0.74, e= 0.78).

End barrier, vapor deposited aluminum (VDA) on inside {£ = 0.04),

VDA and Si02 on outside (_= 0.1Z, e = 0.16).

Outer surface of insulation facing end barrier (£ = 0.04).

Solar plasma probe and its window.

Outer surface of insulation on end of experiment section (of= 0.12,

= 0.16).

Outer surface of insulation on side of experiment section (of=0. 12,

¢ = 0.16).

I0 inch high section of solar panel insulated on back side.

Inside surface of insulation facing electronic equipment (£= 0.04).

l
l

l
I

I
!
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TABLE 6-13.

Heat Capacity,

Numbe r

3

4

5

6

7

8

9

10

iI

12

13

14

15

16

17

18

19

2O

Btu /OF

0.63

0.78

2.32

0.45

7.3

0.23

0.11

0.16

1.53

0.17

0.15

1.1

0.11

0. ii

O.95

0.15

THERMAL PARAMETERS

C onductanc e,

Btu/hr OF

2.3

3.62

0.55

1.48

2.3

3.8

Radiation Coefficient,

l0 -10 Btu/hr°R 4

20.0

3.4

if shutter closed

16.4

if shutter open

14.0

52.0

2.6

105.0

16.9

20.0

4.6

5.0

1.34

2.09

2.1

0. 065

0

(no fixed radiator)

0.86

0.95

1.35

1.2

15.0
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with a #1Z0 grit aluminum oxide. Hand scrubbing of surfaces does not adequately

clean the surface for application of the paint. Final baking of paint is done at 250°to

Z70OF for 1 to Z hours. The adhesion of the coating as well as its hardness are
directly related to this required final bake.

The Hughes white coating is similar to the Z-93 type coating. The clay

pigment is obtained from Standard Industrial Minerals located in Bishop, California.

Manufacturing and shelf life are not critical items in preparation. Normal ceramic

practice is followed in calcining, then grinding the pigment into a usable paint. The

shelf life of the material is in excess of 60 days. The surfaces are prepared by

hand scrubbing, although sand blasting can be used. Application and curing are

similar to the Z-93 type coating.

Both Z-93 and Hughes white paints become contaminated quite easily. The

contamination soaks into the porous coating and is difficult to remove. The Hughes

white has an advantage over the Z-93 type in that it can be sanded to remove con-

tamination. The Z-93 must be cleaned using great care. Sanding with two heavy a

grit sandpaper produces a mechanical strain in the ZnO crystals and produces a

yellowish coating.

The white coat properties are shown in Table 6-15. There may be some

additional increase in the solar absorptivity due to the solar wind damage.

The maximum solar ultraviolet inputs to the white coat on the active tempera-

ture control radiator surface during 6 months in the Mars orbit at the minimum and

maximum solar intensities at Mars are equivalent to 7000 to If00 hours respectively

at one astronomical unit from the Sun. These maximum times were calculated

assuming that the active temperature control shutter was open all of the 6 months

in orbit and for the worst solar direction (25 degrees from the plane of the white

surface).

TABLE 6-15. WHITE COAT PROPERTIES

.

I

I
I
I

I
I

I
I
I

I
I
I

Zz93

Hughes white

H-10

Modified S- 13G

Emis sivity

0.88

0.87

0.88

0. 88

Initial

Solar Absorptivity

After 500 ESH::-"

0.16

0.18

0.18

0.18

0.18

0. Z2

0.19

0.19

After I000 ESH_':-"

0.18

0. Z3

0. Z0

0.19

_:'-Equivalent solar hours of ultraviolet radiation at one astronomical unit from the

Sun, test sample at 38°C (100°F)
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The white coat properties used in the thermal analysis for the OEC

radiator were 0. Z solar absorptivity (constant) and 0.86 emissivity. An increase

in the white coat solar absorptivity from 0. Z to 0. Z4 will increase the heat input

to the spacecraft by l watt and will increase the spacecraft temperature by l°C

if the shutter is open.

Active Temperature Control. The rotating shutter for temperature control

is 19.7 inch diameter circle with 50 percent of the area cut open with pie-shaped

holes. The shutter is of the type used on the Hughes Applications Technology

Satellites. It is a sandwich constructed of 0.01Z inch thick face sheets and alumi-

num honeycomb core 0.34 inch and would weigh 0.68 pound. The bi-metal actuator

was assumed to weigh 0. Z pound. The shaft from the actuator to the shutter would

be 0.01 pound. Miscellaneous items were assumed to be 0.05 pound, giving a

total weight of 0.94 pound

Weights. The weights for temperature control are shown in Table 6-16.

TABLE 6-16. WEIGHTS FOR THERMAL CONTROL

I

I

I

I

I

I

I

I

I

I

o

o

Electric heater and heater control for transit phase _-:_ 0. Z

Shutter- (ATS type) and bi-metal actuator 0.94

Paints-- 1 mil thick 30 square feet inside of spacecraft,

6 mil thick 1 square foot for radiator under shutter 0.31

Multilayer insulation-- 30 sheets of i/4 mil thick

aluminized mylar, Z5.6 square feet total area Z. 08

Cover Sheet-- 2 mil thick plastic (Teflon or Kapton)

for experiment section and antenna end 17.7 square feet 0.38

3.91 pounds

• Radiator (under shutter) and end bulkhead for experiment

section, assumed 0.24 inch thick aluminum, 7 square

feet. Major portion of this weight can be charged to

structural weight. Large thickness might not be neces-

sary for good thermal control; therefore this weight

might be reduced.
i

;:_Same as type used on Surveyor spacecraft.
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6.4.8

S

W

Cp

A C

A R

K

L

t

e

F

F
s

Q

{7

Nomenclature

G Heat capacity, WCp

KA

C Conductance, L c

Radiation coefficient, _ A R

Weight

Specific heat

Conducting area

Radiating area

The rmal conductivity

Length of conducting path

eFs, or e.1 e.jF ij, or overall radiation interchange factor

Emi s sivity

Geometric shape factor

View factor to space

Heat input, electrical power dissipation or solar heat

Stefan- Boltzman cons tant
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6.5 SENSORS SUBSYSTEM

6. 5. 1 General

The requirement to establish the inertial location and attitude of the OEC

necessitates the consideration and selection of on-board OEC equipment to furnish

such data. For the information required to provide such data, a number of tech-

niques were investigated and are discussed in this section and Section 2.5.4 of
Volume II.

The implementation of these techniques is covered here. For the base-

line OEC configuration, two types of sensors, a Sun sensor and Mars horizon

sensor, were selected. The consideration of a third data source to improve re-

quired accuracies, such as the addition of a star sensor or the use of ranging

techniques, is covered in Section 2.5.4 of Volume II. A preliminary evaluation

of incorporating a star sensor has been made; it appears to offer a substantial

improvement to the baseline system for relatively small weight and power de-

mands. A preliminary design using Canopus as a reference is presented in

Appendix D.

6.5. Z Sun Sensors Description

The sun sensor assembly consists of two identical sensor units, as depicted

in Figures 6-40 and 6-41.

The sensor assembly is a small, rugged package that is well able to with-

stand typical launch and orbital environments. The cell is bonded to the sensor

housing with an epoxy cement -- fiberglass combination that protects the cell from

any damage due to thermal expansion effects in addition to securely holding it in

the proper position. The width of the viewing slits is very stable once they are

adjusted, due to the mechanical strength of the sensor halves and the use of metal

shims. Each sensor unit consists of an n-on-p silicon photovoltaic cell, a load

resistor, and two clam-like aluminum shells. A narrow gap between the clam

shells defines the narrow, fan-shaped field of view of the sensor. When the sun-

line and the sensor field of view coincide, the silicon cell is illuminated and an

output pulse produced. When the spin axis is aligned along the ecliptic normal,

both sensors receive the solar energy at the same time. However, if the vehicle

is tipped in either direction, there is a time difference between the two pulses

(_band _bZ), as indicated in Figure 6-42. The plane of one fan-shaped field of view
is nominally parallel to the spin axis, while the other is canted to it as indicated

in Figure 6-43. Selection of the inclination angle between the two fields of view is

based on .considerations for pulse width, scan time, and accuracy. An angle of 35

degrees represents an optimum angle of inclination.
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DIMENSIONS IN INCHES

I
_Figure 6-40. Sun Sensor Assembly

su. SENSO_F,EL0-_-V,_.,M,TS _ I

I --SENSO_F,EL0 _

,__v_____ _ !
_._SHADOWING_ _0.21"_ _ SEMI LENGTH II
_, _ -- BOSSES _ I I " OFVIEWING 1

0:o "008 SLIT WIDTH _ SLIT

SLI1

II

o
VEHICLE SPIN AXIS.)

DIMENSION IN INCHES

Figure 6-41. Schematic Diagram of Sensor Unit I
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__' '_,_ _ _ SUN LINE

• ANGLE BETWEEN SUN LINE AND SPIN AXIS DETERMINED BY TIME INTERVAL BETWEEN 4 AND 4 2 PULSES

D _ B

42 _ _.&__tL____ _.J_.___L.__

-___L J__J__ ^ L
t t t

NOMINAL TIPPED BACK TIPPED FORWARD

Figure 6-42. Spacecraft Attitude as It Affects Relative

Position of _ and _2 Pulses
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Figure 6-43. Sun Sensor Geometry
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The electrical output signal from the sensor is a function of the input energy

fromthe sun that falls on the cell, the load resistor, and the diode loading effect of

the unilluminated area of the cell. A typical sensor output pulse is shown in Figure

6-44, and the voltage output at the @andS2 sensors is shown in Figure 6-45. This

width, plus the 21-arc minute angular size of the sun at Mars distance, results in

a nonimal _ pulse width of approximately 1.25 degrees. (Due to the 35-degree

inclination of the_2 sensor, its nominal pulse width is 1.25/cos 35 degrees = 1.53
degrees).

As shown in Figure 6-41, the length of illuminated cell area is approximately

0.4 inch. Thus the nominal illuminated area is 0.4 x 0.0075 inch = 0.003 square

inch. The defined field of view of the sensor is 145 degrees from the normal to the

cell's surface. At angles greater than 45 degrees to the cell, the illuminated area

(and consequently the sensor output) drop off sharply. The complete sensor assembly

weighs approximately 0. 15 pound. The angle between the spin axis and sanline (_>)

can be determined to ±0.5 degree on aper pulse basis. By ground and in-flight cali-

bration of the actual unit, and by smoothing the data over a number of measurements,

the _ angle uncertainty can be reduced to approximately I0.2 degree (3_).

6.5.3 Horizon Sensor Description

The basic Mars sensor unit is similar to the unit being developed for the

Hughes HS-308 satellite. This Mars sensor system assembly is shown in Figure

6-46. Two narrow-beam IR sensors in a common housing assembly are arranged

with one unit pointing at 21 degrees above and one unit 21 degrees below the central

line of sight.

Each of the two sensor units has three mounting bosses that define a plane

whose relationship to the sensor optical axis is constructed to be within 0.05 degree.

These mounting bosses in turn mate with accurately located bosses on each sensor

assembly housing. The housing for each unit incorporates alignment references

(such as an accurate hole and slot) that accommodate an alignment fixture. The

alignment fixture has mirrors that permit the use of autocollimation techniques for

alignment during the final assembly of the vehicle. The weight of the two sensor

units is less than 3 pounds.

The sensor consists of a coated germanium optical system, a multilayer

interference filter, an immersed thermistor bolometer detector, and processing

electronics. The detector element is masked to precisely define the sensor field-

of-view limits. The most fragile part of the sensor units is in the IR telescope,

including the optics, filter, and detector. The front part of the sensor in which the

telescope is located will be supported to ensure that resonance amplification is
negligible. The vibration and shock environments for this mission are expected to

be consistent with the environments normally encountered by similar sensors.

A nominal OEC spin speed of 60 rpm is assumed to determine Mars scan

time. The scan angle at i0,000 km distance is 30 degrees and the duration is 83.3

milliseconds. These values vary with the OEC orbit position or altitude.
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Various types of indicators could be considered for this task, but most
visible light indicators have difficulty contending with diurnal effects. By operating
in the infrared spectrum, these effects are avoided. Many successful satellite
designs implementing infrared horizon sensing technology have proven the concept
in an earth environment. The differences between the IR characteristics of Earth
and Mars require adaptation of such a sensor to the expected Mars environment.
There are, however, certain uncertainties in establishing the characteristics of the
planet Mars that must be established. Information about Mars is generated from
Earth based measurements. The difficulty of defining the horizon characteristics
exists because many areas of the spectrum are opaque as measured through the
Earth's atmosphere. Much of the available data falls within a 7 to 13micron portion
of the spectrum. Because this data is the only source of spectral information avail-
able pertaining to the Martian atmosphere, it appears reasonable to design the in-
strument for this known spectral region.

Because of the OEC's wide range of possible attitudes, the sensor will at
some times scan the Mars poles. Because of the lack of sufficient atmospheric
detail, a conservative design approach is to account for the worst case temperature
variation.

Based on actual observations, the temperature varies from 300° K in the
summer at the Mars equator to a low of Z00o K at the winter pole. An analytic com-
parison of the minimum stratospheric temperature of Earth to Mars establishes a
slightly lower minimum value of 170° K. The expected Mars radiance level can be
determined using the above extremes of 170° to 300° K. As a result, an expected
dynamic range of radiance ratio of 1:19 is obtained.

Z
At the lower extreme of 170° K, Mars will radiate 390 microns/cm in the

i0 to 12.5 micron spectral range. A thermistor bolometer and optical system sim-
ilar to that used in HS-308 is used as a basic reference design model. This sensor
is similar to the TIROS sensor but has increased accuracy.

The Mars horizon sensor design is optimized for the operational conditions
specified above. The optical system is comprised of a germanium immersed bolo-
meter, spectral filters, and a germanium objective lens which attenuates the peak
signal by about a factor of 4. The schematic is shown in Figure 6-47.

A square field of view is sized with dimensions of 1.5 degrees on a side.
This yields a scan path of approximately 2.1 degrees. Selection of an objective lens
of 1. 125 inch diameter will provide 0.14 microwatts minimum irradiance to the
bolometer detector. The minimum signal of approximately i00 microvolts is gen-
erated when operative on an assumed 170 volt dc bias. This signal is sufficiently
above the noise level for proper instrument operation.

Generally the signal that occurs when viewing the planet is capacitive coupled
to the amplifier input to cause a "pip" for the ON and OFF transition. As the horizon
sensor views the transition region from space energy levels to the planet, a signal
builds up from the nominal off level to the peak expected signal. The actual location
of the horizon falls between the minimum and maximum extremes of this signal.
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Figure 6-46. Mars Sensor Assembly
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Figure 6-47. Schematic Diagram of Pencil Beam Horizon Crossing Indicator
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The minimum allowable voltage level required to trigger the Mars sensor

has been established as 100 microvolts. In designing the circuit logic, it is desir-

able to allow for uncertainties in the expected signal such as cold spots on the planet
by thresholding at a lower voltage level; for this design, a 80 microvolt level was
chosen.

In determining the horizon, it is required to establish the signal change

mentioned above. To do so does not require measuring the total signal amplitude.
It suffices to measure only a portion of the signal that is necessary to establish a

pulse representing the ON or OFF planet condition. A 200 microvolt upper bound

is used to clip the signal, which is then differentiated in the sensor circuitry to
provide the pulse.

The minimum signal level is a bound in the uncertainty in horizon crossing.

This is because the sensor aperture must be almost completely illuminated before

the threshold is exceeded, meaning that the sensor line of sight has passed the hori-

zon. Conversely, if a very hot horizon is observed, only a partial illumination of

the aperture is required to exceed the 80 microvolt threshold. The uncertainty in

horizon crossing is the difference in angle or time between these two extremes.

Errors due to the constant voltage threshold are a direct function of spin
speed. At 60 rpm, the crossover time is 5.6 milliseconds. By normalizing the

position of the horizon with respect to the threshold point, the error of the horizon

indication would be about _+0.7Z degree. Instrument noise error could increase the

sample to sample error to about -+0.8 degree (3a). However, by using data smooth-

ing techniques, most of the noise errors would be averaged out. Thus it appears

that a chord measurement of +1.1 degrees (3¢r) is possible on aparticular spin cycle.

In terms of spin axis accuracy about the local vertical, anunsmoothed error of

+1.5 degrees is expected.

There are other facets of the sensor design that should be accounted for.

The basic uncertainty in the atmospheric characteristics of Mars warrants a sim-

ilar design study in, say, the 14 to 40 micron spectral bandpass. In this regime,
the radiance levels are not as sensitive to thermal variations. In addition, con-

sideration should be given to application of circuit logic indicating when the trailing

edge signal should occur. This could increase the sensor accuracy.

Since the horizon sensing detector is a thermal device, the environmental

temperature variations are important. Generally, 0 ° F minimum temperature is

considered necessary to ensure a high reliability. Detector temperatures above

140 ° F accelerate the aging of the detector and in addition, there is a permanent
increase in the instrument noise. These requirements are not severe and should

require no special provisions except for eclipse periods. Such passive techniques
as the use of thermal insulators on mounting feet should suffice to maintain accept-

able temperatures during eclipse.

Sensor power requirements are small. Depending on the isolation and reg-

ulation specifications, a power of 1 to 1.5 watts would be required. The total weight

of the instrument would be less than 1.5 pounds.
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6.5.4 Reliability

All existing earth sensor units use either components or subassemblies in

a building block manner from units for which extensive test and flight data exists.

The basic simplicity of the unit--no moving parts, passive thermal control--lends

further to the confidence of the reliability estimates.

Estimates based on extensive failure mode analyses of the components, and

on the test and flight experience of the components on existing sensor designs, in-
dicate reliabilities of > 0.99 for 6 months of operation.

6.6 REFERENCES

. W. W. Butcher, et al, "Spacecraft Attitude Control/Gas System

Analysis," Final Report, JPL Contract 95170, April 1967.
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7.0 MAGNETIC CONTROL STUDIES

The desire to perform accurate measurements of the very weak Martian

magnetic field is a prime motivation for the OEC mission. In general, the

achievability of a particular level of magnetic cleanliness is not susceptible to

paper analysis; magnetic cleanliness is achieved only by a thorough and pains-

taking program of controlling design, parts, materials, processes, and techniques

backed by a comprehensive testing program to assure that every nut and bolt is as

magnetically clean as it can be consistent with performing the basic mission.

Feasibility, then, can only be demonstrated on the basis of past

performance -- and rests on the implicit assumption of magnetic controls equalling

or surpassing in effectiveness those used in the cited performances. The first

three parts of this section are devoted to attempting to evaluate the OEC goal

(0.25) in light of previous experience-- Pioneer, IMP, and Mariner series

spacecraft. Comparison is first made on the basis of total spacecraft, then on

the basis of the specific OEC equipment complement. The fourth part is a brief

description of the type of magnetic control program needed to achieve the OEC

goals; this brief description is supplemented by a preliminary outline of a

Magnetics Control Plan in Volume III.

A qualitative discussion is included of the magnetic measurement

accuracy to be expected with the OEC and several possible techniques for

improving the accuracy of the magnetic measurements. Finally, a tabulation

is given of the boom lengths required to obtain the same quality magnetic data

from the Voyager Orbiter.

7. 1 OVERALL SPACECRAFT FIELDS

The OEC spacecraft magnetic fields are required to be less than

0.25 gamma (i gamma is 10 -5 gauss) at the location of the (boom-mounted)

magnetometer. One perspective on the feasibility of achieving this low level

is gained by a comparison with magnetic contamination levels achieved on

comparable spacecraft. Table 7-1 gives a comparison with Pioneer and IMP

spacecrafts, both comparable in size and complexity to OEC. It can be seen that

the OEC magnetic requirement, while severe, appears feasible.

In general, designers of magnetically clean spacecrafts have been

successful in eliminating almost all sources of permanent magnetism and ferro-

magnetic materials. Some notable exceptions are the traveling-wave tubes for

telemetry transmission and jet solenoids for attitude control; magnetic contam-

ination from these few "special cases" have been controlled by compensation or

other techniques. Stray fields caused by current loops in solar cell arrays and

electronic units have been reduced well below critical levels by careful design

and control procedures.
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TABLE 7-I. OVERALL COMPARISON OF MAGNETIC CLEANLINESS

I

I

I
Spacecraft

Pioneer VI

IMP I

IMP F and G

OEC

Weight,

pound s

140

140

_150

123

Boom,

inches

83

82

82

84

(can go to

_96)

Field

0.58_? (TRW data)

0.8_

0. Z5_/ (specification)

0.25_/ (specification)

I

I

I

I
7.2 MAGNETIC ENVIRONMENT

The major remaining source of magnetic contamination fields is thought

to be spacecraft magnetism induced during launch and early fiight in the Earth's

magnetic field. Table 7-2 shows test data obtained on several spacecraft in a

de-permed state and after application of a steady (perming) field. Studies* have

indicated that the iaunch phase magnetic exposure is roughly equivalent to a 5 gauss

perm or, alternately, that a rough measure of the effect of this launch exposure

is 1/5 of the post 25 gauss measurement, also listed in the table. It is evident
that the induced field is substantially iarger than the "permanent" fieid (i. e. , post-

de-perm) for all the examples.

Since the major portion of contaminants is produced in the magnetic

environment to which the spacecraft is exposed, this environment will be briefly

examined.

Fabrication, handling, and prelaunch environments are not an

important factor-- the spacecraft is thoroughly de-permed shortly

before being installed on the Voyager spacecraft and is not exposed

to strong fields thereafter. After final de-perm, tight control is

exercised to ensure that no contamination can occur. Equivalent

field exposure is less than 1 gauss.

2_ Launch and early flight environments are the most severe; equivalent

exposure is taken as a 5 gauss perm.

3) Transit flight environment includes long term exposure to both the

interplanetary field and the Voyager spacecraft field. The inter-

planetary fieid level is extremely low (i to 10¥) and is not of

':'"Proceedings of the Magnetics Workshop, " Jet Propulsion Laboratory

TM 33-216, April 1965.
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significance relative to the other stronger fields during prelaunch

and launch exposure. Estimates of the possible Voyager fields have

been made by extrapolating the magnetic moments of several existing

spacecraft, yielding the values in Table 7-3. Scaling from these

smaller spacecraft was done on a mass ratio basis (to a 15,000 pound

Voyager); the field after exposure to launch environment was taken as

four times (as in Table 7-2) the de-permed values in the ATS and OGO

cases.

The likely case for Voyager is the "worst" case of Table 7-3 since

no strict magnetic controls are planned for the Voyager spacecraft.

Even here the field intensity at the OEC location is an order of

magnitude less than the normal Earth field and should be a much less

severe exposure than that during the launch period. However, measure-

ments should be made of the Voyager field at the OEC location to ensure

that the OEC is not located in a local "hot spot" of the Voyager field.

TABLE 7-2. COMPARISON OF CAUSES OF CONTAMINATION

II
I
II

II

Spacecraft

Explorer XVIII

(IMP I)

IMP C

IMP B

Pioneer IV

(non- operating

array)

B at 1 meter,

Post 25 gauss

37.7

63

49

22.5

Equivalent after

Launch Exposure

7.5

12.6

9.8

4.5

Post-de-perm

3.1

2.6

1.9

2.4

I

I
I

I

I
l
I

TABLE 7-3., ESTIMATES OF POSSIBLE VOYAGER FIELDS IN TRANSIT

Case

Worst

Average

C ontr olled

Moment,

pole-cm

100,000

48,000

7,5OO

Scaled from

OGO-A

ATS

IMP, Mariner

B at 5 feet, gauss

0.02

0.01

0.001
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4)

5)

Martian magnetic environments are expected to be extremely low--

less than i00 to 200 gamma even at the periapse point-- and should
not be critical.

OEC stray fields, produced by electronics and solar array currents,

can pose a magnetic environment to the remainder of the spacecraft.

These fields are, however, carefully controlled in design and their

effects are thoroughly tested before flight including prime failure

modes so that this need not be considered an "external environment."

7.3 MAGNETIC BUDGETS-- DETAILED ESTIMATE

Evaluation of the OEC's environmental exposure reveals that the dominant

periods are launch and early flight. Design and evaluation of OEC units and

assemblies should therefore be directed at achieving the 0.25 gamma contamina-

tion level after exposure to this environment. Since this goal is identical to that

set for the IMP (F and G versions), the specification levels used for IMP sub-

assemblies can be used as a reference here. The IMP Test Criteria are reproduced

as Table 7-4.;:'_ Using the "1/5 of post 25 gauss" criterion, this reference

subassembly yields a field contribution of 0.06 gamma a distance of 7 feet.

In order to further assess the difficulty of meeting the OEC requirement,

preliminary estimates of the field contributions of individual units comprising the

OEC equipment have been made. Table 7-5 lists data on various pieces of equip-

rnent obtained from Pioneer and Mariner programs. Comparing these data with the

IMP specification (Table 7-4) reveals that most of the units are well under the post

Z5 gauss specification; the command distribution unit exceeds the de-permed allow-

ance but the net after 25 gauss perm is sufficiently low that this exception is prob-

ably allowable. The traveling-wave tube and tape recorder are far in excess of

the de-perm allowance; both units, however, fall in the category of "special cases"

with permanent magnetic characteristics so that their total field contribution is

largely in the de-permed state; the contributions to the net OEC field from these

two items are substantial, with the tape recorder a distinctly critical item.

TABLE 7-4. MAGNETIC TEST CRITERIA FOR IMP SUBASSEMBLIES

!

!

II

!
!
!
!
!

!
!

!
!

!

Post Z5 gauss exposure

Post 50 gauss de-perm

Stray-power on

versus power off

Applied

Field, gauss

Maximum Magnetic

Field Disturbance, gamma

18 inches

32

2

4

36 inches

4

0.25

0.50

!

!
!

_:-'From "Magnetic Field Restraints for IMP's F and G,

NASA TMX-55444, July 1964.
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TABLE 7-5. TYPICAL MAGNETIC FIELDS OF VARIOUS COMPONENTS

B field at 3 feet

Item

PIONEER VI

Receiver

T r an smitter converter

Transmitter drive

Decoder

Command distribution

unit

Batteries (Ag- Cd)

Antenna

Sun sensor

Solar array

Traveling-wave tube

MARINER VENUS

Tape recorder

Magnetized

post 25 gauss,

gammas

0. 404

XY 0.48

XZ 0.18

0.4Z

1.30

1.38

As received

0. 147

As received

XY 0. 007

XZ 0.017

Each half illuminated

0.007

(<2 e st. )

(~3.5 est.)

Demagnetized

post 50 gauss

de-perm, gammas

0.055

0.22 to 0.147

0.147 to 0.036

0.088

0.22

0.40

-0.007

-0.007

0.024

0.64 to 1.44

3.36
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SOLAR CELLS

STRING

RETURN BUS

SOLAR CELL. RETURN BUS

SIDEVIEW

o_

Figure 7-I. Solar Cell Wiring
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When the solar panels are activated by exposure to solar radiation,

electric currents are set up that form current loops and produce magnetic

moments. Solar cells are usually prepared in modules which in turn are

mounted in strings, depending on the voltage level desired as shown in Figure 7-I.

The equation for the magnetic moment of a current loop is

M = N A (A i)

where

N = 1 (number of turns)

-4 2
A = 1.5 x I0 m (area)

-2
i = 5 x 10 amperes (current in the loop)

Then the sub-field B represented by:

M = 1.5 x 10 -4 (5 x 10 -2) = 7.5 x 10 -6 amp m 2

= 7.5 pole-cm per string

Arranging the solar cell strings by reversing the current in adjacent

strings, the individual magnetic moments would be cancelled except for the

possible 3 percent error in current due to manufacturing tolerances. This

means that the residual sub-field between two adjacent loops would be 0. 225 pole cm.

Around the spacecraft there are a possible 134 strings of solar cells of

which only half will be illuminated. Since there is a cosine effect on the illuminated

half, the effective number of strings is 42. This constitutes Zl pairs that have

self-cancelling of magnetic moment vectors. The total contribution to the mag-

netic field is Zl (0.225) = 4.7 pole cmif all differentials act in the same direction.

If 25 percent are assumed to be in a given direction, the total magnetic moment

reduces to 1.4 pole cm. This in turn produces a sub-field flux density at

1.8 meters (magnetometer position) of 0.025 gamma.

Since the magnetic moment vector is tangential to spin, a radially

mounted magnetometer will "observe" a cyclic field due to the solar cells having
an off-center contribution. The "observed" sub-field is estimated to vary between

0.04 and 0.01 gamma. The axial magnetometer will "observe" a constant average
value of the solar cell contribution; however, the data will be modulated due to the

variability of individual strings.

In the baseline OEC configuration, the magnetometer is mounted 7 feet from

the spacecraft center. A preliminary equipment arrangement within the space-

craft is shown in Section 5.0, Figure 5-2; in this layout some attempt was made

to locate the primary magnetic offenders as far away as possible from the

magnetometer. Table 7-6 lists the principal units and assemblies in the OEC and
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TABLE 7-6. PRELIMINARY MAGNETIC BUDGET

Item

Reference

Tape recorder

Control jets (2)

Communication

electronics

Power electronics

Magnetometer
electronics

Other electronics

Traveling-wave

tube

Structure, har-

ne ss, etc.

Arithmetic sum

RSS sum

Distance,
inches

84

97

96,99

72

8O

75

9O

9O

84

Field

gammas

0.06

0.17

0.02

each

0. i0

0. 074

0.06

0.05

0.05

0.08

Comments

Taken from specification
for IMP F and G

Critical item- consistent

with Mariner 67

Measured on ATS

Consistent with Pioneer Vl

and IMP specifications

Consistent with Pioneer VI

and IMP specifications

Consistent with Pioneer VI

and IMP specifications

Consistent with Pioneer VI

and IMP specifications

Pioneer VI

tabulates their estimated magnetic field contributions at the magnetometer.

As expected from the data of Table 7-5, the tape recorder is the prime offender,

even when located as far as possible from the magnetometer. A review of

Table 7-5 and Figure 5-2_ indicates possible improvements by a further rearrange-

ment- for example, moving the (low field) batteries closer to the magnetometer
and the communication electronics farther away. However, in light of the prelim-

inary nature of the magnetic data available, efforts to completely optimize the

deta;led layout were not felt to be warranted.
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The preliminary budgets given in Table 7-6 yield a "worst possible field"
of 0.6Y when added together arithmetically; if the individual field contributions
are root sum squared, a "best possible field" of 0.24Y results. Excluding the two
special cases (tape recorder and traveling-wave tube), the values are 0.4Y arith-
metic and 0.17_ rss'd. If the magnetometer were placed 8 feet from the spacecraft
center, these values would decrease to 0.45Y arithmetic, 0.17Y rss with the tape
recorder and traveling-wave tube and 0. Z8_ arithmetic, 0.12_ rss without them.

These results do not provide assurance that the 0.25 y goal set for OEC

will be met; as always in a spacecraft program, many compromises are required
in the interest of cost, schedule, or particular interface and performance criteria.
The preliminary estimates, however, show that both on the basis of previous space-
craft achievements and on the basis of data on the particular units the 0.25Y goal
should be regarded as a feasible one.

7.4 ACHIEVEMENT OF MAGNETIC CLEANLINESS -- MAGNETIC CONTROL

The achievement of the OEC magnetic goals is no simple task. To meet
the specified levels the elimination of magnetic contributions must be pursued
throughout the design, development, and assembly of the OEC. Basically, a
magnetic control program must be adopted that will have as its prime objectives:

Total elimination of permanent magnets and ferromagnetic
materials from the spacecraft except where absolutely required

Careful control, supplemented by testing, of materials, processes,
and components to ensure that the spacecraft contains an absolute
minimum of magnetically permeable material

Careful control and test to ensure that design of electronic units,
wiring harnesses and connectors, etc., produce fields well below
critical levels in all their possible operating modes

Arrangement of units within the spacecraft so as to minimize the
contaminating field at the magnetometer

Criteria for the design of magnetically clean spacecraft have been

developed on the basis of the experience gained in implementing (successfully}
such programs as IMP and Pioneer. These data are available in such publications
as the IMP Magnetic Field Restraints document; maximum use should be made of
such information in the OEC program, supplemented by results of testing for items

specific to OEC.

A magnetic control plan must be an integral part of the overall spacecraft

hardware planning and must contain at least the following items:

1) Control organization

2) Specifications

7-9
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3) Procedures and tests

4) Fabrication and assembly

5) Handling

To implement a strict magnetics control program, an organization should

be formed to have a responsibility on a parallel with the spacecraft design, quality

assurance, and experiment integration functions. This group would have respon-

sibilities for

Maintaining and augmenting, as appropriate, a Magnetic Requirements

document based on best available information and continually updated

to take account of data generated by test. Close liaison with NASA

personnel should be maintained to assure maximum utilization of

experience with magnetically clean design and fabrication techniques

acquired during the IMP, Pioneer, and other programs.

o Reviewing and approving circuit design, layout, and selection of

materials and components to assure compliance with magnetic require-

ments. Approval of exceptions to these requirements or of new or

unusual materials or techniques should be granted only after consulta-

tion with the NASA project office; such approvals, with supporting data,

should be carefully documented.

o Reviewing and approving procurement specifications and vendor

processes and facilities to ensure compliance with magnetic require-

ments. Certification and on-site surveillance of vendors should

probably be accomplished in conjunction with the overall quality

control function, monitored and reviewed by the Magnetic Control

organization.

Formulation and implementation of a plan for magnetic inspection

of parts and components. It is likely that many (if not all) parts will

require 100 percent magnetic inspection (50 gauss de-perm followed

by measurement after 25 gauss perm and after subsequent 50 gauss

de-perm). Establishment of criteria for selection of magnetically

acceptable parts should be closely coordinated with NASA.

Formulation, coordination, and implementation of a plan for

magnetic testing of subassemblies. Tests should be performed as

early as possible in the development cycle to permit the identification

and rectification of any trouble areas. All questionable items or

techniques should be proven by testing unless adequate assurance of

magnetic acceptability can be otherwise provided.

A preliminary outline for an OEC Magnetic Control Plan is presented in

the Program Plan section of Volume III.
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7.5 ACCURACY OF MEASUREMENT

The preceding discussion has related to the achievement of a minimum

level of spacecraft-generated fields. To assess the accuracy of the measured

data, the fact that the spacecraft is spinning, thus modulating the (external)

measured fields, must also be considered. Figure 7-2 shows the idealized form
of the fields as seen by the three magnetometer sensors and indicates the

modulation imposed on the (radial and tangential) external fields by the spacecraft

spin. Clearly it is possible during data reduction to distinguish between the satellite

residual field, producing a static bias, and the external field, as a spin frequency
sinus oidal.

The instrument to be used in the baseline OEC payload is that developed by

Ames Research Center for the Pioneer spacecraft. This instrument':' incorporates

as a part of the sensor electronics a spin demodulation function so that the data

output from the magnetometer is the demodulated version of that shown in Figure 7-Z.

In this case, the spacecraft residual fields would appear in the demodulated data as

oscillating fields at the spin frequency; here too, they can readily be distinguished
from external fields.

Thus the contamination fields present in the plane normal to the spin axis

should produce an error in the (reduced) data much smaller than the actual con-

taminant fields. No modulation exists naturally for the field component parallel

to the spin axis.

As indicated earlier, the prime contributor to the spacecraft field is

expected to be the magnetism induced during the launch and near-earth portions

of the trajectory. This being the case, the spacecraft field may be expected to be

fairly stable over its 6 months in Martian orbit. It is suggested, therefore, that

the spacecraft field be calibrated shortly after placement of the OEC in orbit by a

180 degree "flip" of the entire OEC. This would require approximately 1/2 pound

of propellant and would provide a calibration of the spacecraft field in the direction

parallel to the spin axis. The maneuver should be performed near apoapsis Of the

OEC orbit to ensure a fairly stable ambient field.

One other possible technique that has been evaluated but does not appear

attractive is in-flight de-perming. Conceivably it could be accomplished in a
similar manner to the laboratory procedure, by ring-down with a coil around the

spacecraft as shown in Figure 7-3.

The size of the coil is determined by the power supply and the field intensity

required. The spacecraft before launch would be de-permed to reduce the field to

the design level. In traversing the Earth's field during the launch phase the space-

craft is permed with a field equivalent to a dc 5 gauss field. It is assumed that this

is the design field for the coil. A plot was made of the average turn required per

winding versus coil weight with up to 5 amperes available, as shown in Figure 7-4

*Ames Magnetometer for Pioneer C and D, Specification A-10201, Revision B,

Ames Research Center, May 1967.
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for single coil and double coil systems. Also shown in the value of gauss per

ampere developed and the corresponding wire size. A coil that would produce

5 gauss for 5 amperes of current would weigh about 5 pounds, exclusive of the

coil frame and associated ring-down electronics. The time required to de-perm
would be about iI minutes.

7. 6 VOYAGER BOOM LENGTHS

One alternate method for providing measurements of the Mars

magnetosphere would be to mount the magnetometer sensor on a long boom attached

to the Voyager orbiter. The period of interest is after the Voyager flight capsule

(including Lander) has separated from the Orbiter; at this time the Voyager Orbiter

is about one-third the mass of the "Earth-Mars transit phase" spacecraft, so that

the Voyager magnetic moments should be roughly one-third those of Table 7-3.

Table 7-7 lists the boom lengths that would be required to achieve the

0.25Y field level specified for OEC. The extreme lengths could pose problems,

not only in deployment but also in alignment of the sensor axis in the deployed

position and in dynamic flexing causing spurious measurement "errors. "

TABLE 7-7. ESTIMATED BOOMS REQUIRED FOR VOYAGER TO

CONDUCT MAGNETOSPHERIC MEASUREMENT

Case

Worst

Average

C ontr olled

Moment,

pole-cm

33,000

16,000

2,500

Boom Length Required to

Yield 0.25 Y Contamination, feet

78

61

33

I

l
I
I

i
I

l
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8. OEC RELIABILITY

8. 1 RELIABILITY ASSESSMENT

The goal set for the OEC is 0.75 reliability over a i2-month transit period,

stowed on the Voyager spacecraft, followed by a 6-month orbit operational period.

This requirement is relatively modest as space systems go and appears to be well

within the present state of the art. Hughes satellites, generally of comparable or

greater size and complexity than the OEC, have presently accumulated ii satel-

lite years in space, with all those placed in their specified orbits still fulfilling

their intended functions. The earliest of these satellites, Syncom 2, has been in

orbit for over 3 years. Thus, the feasibility of achieving the OEC goal can be in-

dicated by analogy to other space systems.

Another approach to demonstrating the feasibility of achieving the desired

OEC reliability is through a block diagram reliability assessment using the spe-

cific OEC equipment with failure data estimated or extropolated from experience

with similar units. Such an assessment, reported below, has been performed,

yielding a prediction of 0.78 for the baseline OEC over its 18-month life (6 months

in orbital operation plus 12 months in stowed condition). This prediction should

be considered pessimistic since detailed failure mode analysis and determination

and incorporation of optimum redundancies have not been performed in this feasi-

bility study.

The baseline OEC has been configured to have a number of capabilities

not absolutely essential to meeting a minimum mission function. Such capabilities

include the orbit change propulsion and the tape recorder for data storage. Con-

sidering this same spacecraft operated in its simplest mode (real time data trans-

mission, no propulsion except spinup) yields a reliability of 0.92 for the 18
months

Reliability block diagrams for the recommended OEC configuration and for

the same spacecraft operated in its simplest ("co-orbital") mode are shown in

Figures 8-i and 8-2.

8. Z RELIABILITY OF ALTERNATE MODES OF OPERATION

Four additional reliability block diagrams and estimates for the iZ-month

transit and 6-month orbital mission are presented in Figures 8-3 through 8-6 to

show the relationship of reliability to:

i)

z)

3)

The different levels of performance

The various functional capabilities of the system design

The circumstances influenced by mission orbit
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MULTIPLE LI NEAR DIPLEXER "S" TRANSMITTER RECORDER

TURNSTILE ARRAY R = 0.9980 R = 0.9864 R = 0.9569 REPRODUCER
R = 1.0 R = 1.0 R = 0.9194

BATTERY

PACKAGE

R = 0.9980

HYBRID HORIZON CONTROL SOLAR

BALUN SENSOR ELECTRONIC ARRAY CONTROL R = 0.9985 R = 0.9974ELECTRONIC

R = 0.9987 R = 0.9906 R = 0.9667 R = 1.0 R = 0.9967

DECODER t ENCODER

H, H,,1_.MECHANISM SENSOR SYSTEM SYSTEM

R = 1.0 R = 0.9998 R =0.9940 R = 0.955

RI = 0.78

Figure 8-1. Reliability Block Diagram for Primary
Communication Mode With Orbit Change

(High speed data transmission rate capability)
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R= 1.0
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Figure 8-2. Reliability Block Diagram for Primary

Communication Mode Without Orbit Change

(Continuous data transmission capability)
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Figure 8-3. Reliability Block Diagram for Primary Communication

Mode Considering S-Band Transmitter and VHF Voyager Link Receiver

as Redundant Channels -- Without Orbit Change
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Figure 8-4. Reliability Block Diagram for Primary Communication

Mode at Low Data Transmission Rate --W_ith Orbit Change
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Figure 8-5. Reliability Block Diagram for Primary Communication

Mode at Low Data Rate Considering S-Band Transmitter and VHF

Voyager Link Receiver as Redundant Channels
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Figure 8-6. Reliability Block Diagram for Primary Communication

Mode at High Speed Data Rate and Considering S-Band Transmitter

at Low Data Rate and VHF Voyager Link Receiver as Redundant

Channels -- With Orbit Change
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The reliability block diagram of Figure 8-3 considers the UHF Voyager
link command receiver and the S-band transmitter link to earth DSN as redundant

units for the primary communication equipment. This is for a condition without

orbit change and no requirement for data recording or reproducing. The reli-
ability estimate of this "mode" is 0.97.

The reliability block diagram of Figure 8-4 considers the case with orbit

change, and the primary communication channels at low data transmission rate.

This is the same as block diagram for the basic requirement shown by Figure 8-1

without the tape recorder providing the capability for optimum data transmission

rate. The reliability estimate is 0.82.

The reliability block diagram in Figure 8-5 considers the conditions of

orbit change, primary communication mode at low data transmission rate, with

the S-band transmitter and UHF Voyager link command receiver as redundant

equipment to the primary communication units. The reliability estimate is 0.89.

The reliability block diagram in Figure 8-6 considers the conditions of

orbit change, the primary communication mode with optimum data recording and

transmission speeds, the S-band transmitter at low data transmission rate redun-

dant to the primary UHF transmitter at high data rate, and the UHF Voyager link

command receiver redundant to the S-band command receiver. The reliability
estimate is 0.89.

8.3 FAILURE RATE DATA

The baseline for the component failure rates used in estimating reliability

is taken from Hughes Space Systems Division Bulletin RZZ-100DC (May 1967)

entitled, "Space Systems Component Basic Failure Rates and Derating Curves."

Current values of the "Operational Experience Factor" applied to the basic failure

rates are a result of the latest updating supplement to Bulletin RZZ-100DC-Space

Systems Division report entitled "Hughes Satellite Operational Data Analysis, "

dated 21 June 1967, Reference 2207.1/10. This current data represents results

of actual performance of Hughes satellite systems to 31 May 1967--a total of Z77

million component hours functioning in the operational mode and Z00 million com-

ponent hours in the space environment nonoperational mode.

The reliability estimates previously cited were based on calculations that

included failure rates for both the "operating" and "non-operating" conditions of

the mission time profile.

The specific equipment reliabilities used are listed in Table 8-1, together

with the sources for part types, parts counts, and/or life data.

Table 8-2 prowides the basic data pertinent to OEC. It also shows a com-

parison between the basic k b or operational failure rate and the corresponding kd

or dormant failure rates. The conditions of comparison are:

k b temperature 25 ° C, 20 percent of rated stress

k d temperature 25 ° C
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TABLE

Unit

Receiver

Transmitter
% f

Decoder

Encoder

Tape recorder reproducer

Orbit control electronics

Horizon sensor

Sun sensor

Diplexer

Power control electronics

Hybrid balun

Battery package

N 2 spinup system

N2H 4 propuIsion system

Solar array

Antenna- 8 whips

Receiver- S-band

Transmitter -- S-band

Diplexe r -- S-band

Antenna- linear array

8-i. OEC kELIABILITY ESTIMATES

Failure Rate,

percent per
I000 hours

On Off

O. 1541

o.833_

0. 57514

0. 6267

I. 60

0..3876

0. 1775

0. 0064

0.0404

0. 0877

0. 0245

0.25 80

1.4000

0. 0244

0.0136

0. 0847

0.1616

0.2849

0.16

0.1904

0.0177

0.0006

0.0020

0.0076

0.00Z

0.0250

0. 1424

0. 0024

Reliability
i

o. 9920

0. 9569

O. 9613

O. 94 88

O. 9194

O. 9667

0.9906

O. 9998

O. 9980

O. 9967

O. 9987

O. 99 80

O. 994O

0.955

1.0

1.0

O. 9864

0. 9286

0.9987

1.0

Reference Source

Drawing 457210- I00

Power amplifiers 3080013
and 475220-101

ATS drawings

IDCSP/A

Performance data-space

IDCSP/A

IDCSP/A

IDCSP/A

ATS drawings

IDCSP/A

ATS drawings

Performance analysis

JPL Contract 951720

J'PL Contract 951720

Performance studies

Performance analysis

Drawing 231900-- less

transponder

Drawing 263220-- less

transponder

Drawing 231872

Syncom
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Part Type

De scription

Capacitor s

Ceramic

Glass-mica

Mylar -plastic

Paper

Tantalum

V_riable

Magnetics: coils,

chokes, trans-

formers

Connectors

Coax

All other s

Crystals
Diodes

Power rectifier

Detector (mixer)

Switching

General purpose*
Silicon controlled

rectifier

Tunnel
Zener

V'aractor

Resistors

Carbon com-

position

Film

Power wire-

wound

Precision wire-

wound

Transistors

Switching npn

All pnp

General purpose

npn

TABLE 8-2. OEC RELIABILITY DATA

988XXX Part Numbers

9885XX (average satellite)

504, 25, 26, 30, 41

502, 03, 28, 40

501, 07-10, 47

505, 42

5O0, O6, 46

520-22, 43, 45

9884XX (average satellite)

9882XX (average satellite)

211-17, 20, 26-31

2XX

660-68

9887XX, 9889XX (average satellite)

714, 16, 17, 19, 28, 39, 45_ 48

909, 19, 27, 28, 43, 44, 50

702, 03, ii, 13, 18, 27, 40, 43

700, 01, 22, 23, 30, 36, 51; 914, 16

900, 01, 12, 15, 17, 21, 26

710, 12; 940, 41

704-09, 25, 26, 29, 31, 32, 34, 35, 38

41, 42, 46, 47, 49, 902

903-05, 13, Z4, 29, 36, 42

9886XX (average satellite)

600-605

610-24, 74-75, 77-79, 92, 93, 97

63O-37, 91

607-09, 40-49, 90, 94

9888XX (average satellite)

800, 02-04, 06, 07, 24, 33, 38, 40, 48,

66, 78, 939

801, 05, 09, 20-23, 25, 29, 31, 35, 37,

39, 42, 43, 47, 53, 54, 64, 67, 71

819, 45, 49

Operational

Failures/

109 hr

5

5

i0

50

20

20

2O

25

20

200

4O

13

50

200

2

5

5O

200
2O

200

1.3

i

2

5

3

i0

5

20

10

Dormant

Failures/
109 hr

0.1

0.02

0.02

0.05

0.2
1

1

0.5

2.5

2

20

0.1

2

5

20

1

1

5

20
2

20

0.08

0. i

0.02

0.01

0.01

I
8-7



Table 8-2 (continued)

Part Type
Description

Po_,er npn

High-fr equency
RF npn
FET

Integrated circuits
DT ......g'i" _4"

MOS

Solder and weld

connections

T raveling -wave

tube .........

988XXX Part Numbers

813, 16, 17, 30, 34, 44, 46,

50, 60, 65, 74, 76

811, 12, 26, Z8, 36, 5Z, 73, 79

857, 59, 62, 69, 75, 77

(average satellite )

932(6), 34(4), 33(3)

Z04671, Z51373, 25137Z

Ope rational
Failures/

109 hr

i00

20

100

5O

I0

70

0. Z

Z000

Dormant

Failnure s /
10 7 hr

10

I

I0

25

5

30

0.2

2000

":<3eneral purpose diodes used in digital application may be classified

l
I

I

I
I
I

l

I
I

"switching. "

-':=-':=Failurerate given for complexity of i. 0 (complexity factors in parentheses).

**_,_Inherent failure rate of traveling-wave tube. Does not include power supply

inte rfac e failure s.

The 988 part numbers refer to Hughes space-approved parts. In addition to the

basic failure rate data, figures are given for "average satellite" complements

of these parts.

In addition to the Hughes documents referenced above, data are based in

part on the following two reports:

i) RADC Reliability Notebook, Volume II, January 1967 (unpublished

Hughes draft), C&M Laboratory.

z) D. F. Cottrell, et al, "Dormant Operating and Storage Effects on

Electronic Equipment and Part Reliability, " Technical Report

RADC-TR-66-348, October 1966, Martin-Marietta Corporation.
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8.4 CRITICAL UNIT RELIABILITIES

8.4.1 Tape Recorder

Magnetic tape recorder units with functional characteristics that are

adaptable to the requirements of the OEC mission have been developed for pre-

vious space programs by the following manufacturers:

Raymond Engineering Laboratory, Inc.

Kinelogic Corporation

Lockheed Electronics Company

Leech Corporation

Ralph M. Parsons Company

A number of the units are accumulating sufficient operating time in the

space environment to establish the required reliability assurance of this unit for

the OEC mission. Based on information available, the failure rate is presently

estimated at 1.6 percent per 1000 hours.

The recording speed requirement of 0.5 ips and the short time interval

playback at 4.0 ips are known to be favorable conditions for long periods of opera-

tion with minimum of wear. The thermal control of this unit is an important

factor directly related to its reliability.

8.4. Z Batteries

The OEC system requires two 25 cell batteries for normal operation. In

order to improve reliability, it is planned to include three additional cells per

battery so that each battery can tolerate a short circuit condition within three of

the 28 cells and continue its normal function. Reliability will also be enhanced by

inserting a suitable diode in parallel with each cell to provide an alternate circuit

path if an "open" should occur. With this arrangement normal battery function

would be possible even if two such failures should occur.

Due to the weight and spare restrictions that influence battery design,

the relative occurrence of "open circuits" to "short circuits" is estimated to

be one-to-ten, respectively.

The reliability of one of these batteries can be expressed as

28.27.2 26 RS75 (1 - RS )3)

where l - R S is the probability of cell short and 1 - R_ is the probability of cell
open. If a mckel-cadmium battery is used, a failure _ate of 0.05 percent/1000

hours may be assigned to a cell, apportioned as 0.045 short and 0.005 open.
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The reliability for a mission of i-i/2 years (the failure rate on is essen-

tially a dormant failure rate since total cycles will be minimal compared to a

5000 cycle wearout life) is then computed as RB Z __0. 998 for the two batteries in

series.

Silver cadmium batteries should be used in OEC in order to reduce mag-

netic contamination. The art of achieving long life with these batteries is depen-

dent on the temperature environment both during transit and operational phases.

The OEC thermal control system for both phases takes into account the Ag-Cd

battery requirements.

8.4.3 Propulsion

Co-Orbital Mission. The single function of the propulsion system in the

co-orbital mission is spacecraft spinup. Three different designs were considered:

l) Solid propellant motors (2 units)

2) N Z jet system

3) N Z jet system with solid propellant motors as backup

The solid propellant motors would consist of two independent units 180

degrees apart, both required to function to obtain full spinup to 60 rpm. Solid

propellant motors of this type have demonstrated a high degree of reliability,

a typical reliability value being 0. 999 ;',_'.The reliability for two "in series" would

be (0.999) 2 = 0.998.

The nitrogen jet design would consist basically of the components listed in

Table 8-3, with the assigned failure rates, obtained from the RADC Reliability

Notebook previously cited.

_:_"Falcon missiles have had no two solid propellant failures in 4000 trials. Atlantic

Research reports one failure in 1580 trials for motors of this type.

TABLE 8-3. NITROGEN JET SPINUP FAILURE RATES

Number Used Component Failure Rate

I

I

I
I
I

I
I
I

I
I

I
I

I
I

T ank

Manifolding

Squib valve

Thruster

0.016

0.057/I05 hours

0. 0005/operation

0.000/105 hours

I

I
I
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I
I

I
I

Because of the large margin of force available from the explosive charge

used to open the N_ valve, it can be assumed that the reliability of this function is

essentially that of _he pyrotechnic initiatoi-. The Apollo dual bridge wire pyro-

technic initiator has demonstrated a reliability of 0. 9995.

The reliability of this system, assuming spinup occurs 1 year after
launch, is:

0.9995 exp [[(0.016x 10-5+ 0.057 x 10 -5) x 0.0876 x 10_5 jl = 0.994

For the nitrogen jet system with solid propellant motors as a backup,
assuming a switching reliability of 0.99,

I

I
I
I

R = l - (I - 0.994) (i - 0.998 x 0.99) = 0.99993

Orbit Change System. The orbit change propulsion design under con-

sideration consists of a hydrazine system with quad valves for attitude control.

A quad valve is a preferred method of obtaining maximum reliability for minimum

weight through use of internal redundancy, consisting of four independent valves.

The reliability of a quad valve can be computed as follows.

A single valve may fail in two modes (open or closed) or both since it is

possible for an inoperable valve to leak. The reliability in the closed position

of a single valve is denoted by Rc; the reliability in the open position, by R o.

For failure in the closed position of aquad valve, there must be at least one

failure in each branch. The reliability of a quad valve against closed failures

i is given by:

QRc = 1 - (i -R Z)2c (1)

I For failure in the open position, there must be two open failures in at

least one branch; thus the reliability of a quad valve against open failures is:

I
QRo = (I - (I -Ro)Z) (Z)

I Thus, assuming these failure modes to be independent:

I QR (i (I Ro)2) 2 2)2= - - (l - (i- R ) (3)
C

I
I
I

assuming independent failure modes of valves. If non-independent failure modes

can occur with probability 1 - Rs, the equation becomes

QR = (I - (I - Ro )2)

Z 2

(I- (i- R Z) ) R *
c s

":"The major producer of quad valves has found no occurrences of non-independent

failures in their production of over 1200 quad valves. This event will be asaumed

to have probability zero.

I
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Table 8-4 lists the failure rates for elements of the reaction control system

configuration for orbit change. The operational rates are based on the RADC

Reliability Notebook.

Assuming a mission of 8760 hours dormant and 4380 hours operational for

the N2H 4 system, the reliabilities are, assuming exponential time to failure:

I) Series Elements

Exp + (0.017 + 0.057 + 0.020) failures/105 hours x 8760 hours

+ (0. 017 + 0.057 + 0. 02) failures/105 hours x 4380 hours

+ x 1 cycle + 2 x 16 failures/106 cycles x i0 cycles_: =

-0. 512
= e -- 0.970

Ten cycles are used as a nominal for this analysis. The actual number of

pulses required of the N2H 4 jets depends on the implementation of the orbit

change propulsion system--whether a radial or axial jet is used. In this

sense, the cycles have been interpreted as initiating a jet pulse train,

whether the train is one long pulse or many short repetitive pulses.

The failures, then, are attributed primarily to startup of the thruster
from a cold condition.

TABLE 8-4 ORBIT CHANGE SYSTEM RELIABILITY

Component

N 2 squib valve

NZI-I 4 tank

N2H 4 manifolding

NzH 4 burst diaphragm
(open mode)

NzH 4 thruster
(catalyst bed)

N2H 4 solenoid

Open

Closed

Number per

System

2

2

Ope rational

Failure Rate

0.005/cycle

0.017/105 hr

0.057/105 hr

0.020/i05 hr

16/106 cycles

O.467

0.140

Dormant

Failure Rate

Dm

0.017/105 hr

0.057/105 hr

0.0Z0/105 hr

0.000/I06 cycles

0.200

0.140

I

I
I

I
I

I
I
I
I

I

I
I
I
I

I
I

I
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i
I

l
I

l
I

I
I
I
I

I
I
I

I

l
I
I

I
I

2) Valves Ceach)

From Equation 3:

QR (i-Cl-e-_0467x0 0438+0200x0 08761)2)2

(1 - (1 - e -2[0.014x 0.0876 + 0.014x0.04381Z))

The total reliability for the N2H 4 orbit control propulsion is then:

2
C0.970) (0.9959) = 0.961

With N 2 spinup included:

R = 0.961 x 0.994 - 0.955

8.5 RELIABILITY CONSIDERATION FOR LOW TEMPERATURE EXPOSURE

DURING ECLIPSE

The exposure of the OEC to a temperature extreme of -250°F during

eclipse periods is recognized as a significant design factor related directly to reli-

ability. However, with adequately designed thermal control for certain units and

all other items qualified to the temperature extremes by specification requirements,

it is known from past experience that the reliability problems created by this
condition can be solved.

In general, in most instances, .low temperatures result in less reliability

degradation to components than temperatures on the high side of normal. The com-
ponent parts used in Surveyor were qualified to survive at least five cycles of tem-
perature shock from 70 ° to -375°F to 257 ° to 70°F without physical damage or

change in characteristic,, as indicated in the following paragraph from a typical

Surveyor specification control document for a quartz crystal, part number 988660.

"4.5.3 Thermal Shock- Before the test, the frequency and equivalent

resistance shall be measured. The crystal units shall be subjected to 5

complete cycles of thermal shock, in accordance with the following pro-

cedure: While at room temperature, the crystal units shall be quickly

immersed in liquid nitrogen (-375°F}. After ten minutes of immersion,

the crystal units shall be removed and placed, within one minute, in an

air chamber held at +257°F. After ten minutes the crystal units shall

be removed from the chamber and shall be exposed to room temperature

for five minutes. Upon completion of the 5 cycles, the crystal units shall

be examined for physical damage and the frequency and equivalent resis-

tance shall be measured. (See 3.2.2.)"
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The low temperature conditions for OEC must be further explored in the
program definition to ascertain units that might be significantly affected; in
spacecraft development,the OEC test regime should include these low tempera-
ture environments to ensure viability of the spacecraft design and manufacture.
Based on present studies, the feasibility of meeting such a low temperature
environment is not in question.
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DETERMINATION PROCESSES

The detailed results of the attitude and orbit determination processes are

illustrative of possible solutions to the inertial determination of the OEC spin axis

as well as its estimated orbit. Due to the nature and complexity of these problems,

two individual analyses were conducted and are detailed in Appendices A and B.

Basically the foundations for each of these studies is identical; however, owing to

the simultaneous period to which the results were generated there is some repeti-

tion which, for the sake of clarity, is left in the text.
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APPENDIX A. ATTITUDE DETERMINATION

A. 1 Basic Relationships,:-"

It is convenient to derive the formulas for the general estimation problem

by first considering the simple case where the unknown parameters are constant,

and then extending the results obtained _°:"to the time varying case. To facilitate

any attempt at following these derivations, this order has been adopted here in

presenting the key relationships needed for attitude determination.

Let x be an n-vector of unknown parameters to be estimated and y be an

m-vector of given data values. For the attitude determination problem m>>>n.

In general, the relationship between x and y takes for form

y = h(x) + v (A1)

where h(x) is a nonlinear vector function dependent on the physical situation, and

v is a vector of sensor "noise." Assume that it is possible to guess a vector x °

sufficiently "close" to the true value of x so that the linearized relationship

y = h(x°)+H(x- x°)+v (A2)

where

H

--%h I 8h I

Ox I 8x 2

8h 2 8h 2
z

8x 1 8x 2

• • , • ° •

8h 8h
m m

_8x I ax 2

_x
n

ah 2

Ox
n

• • °

Oh
m

8x
n

o
X---X

(A3)

v,-_Inthis section upper case letters refer to matrices, unsubscripted letters (except

t which denotes time) refer to vectors, and subscripted lower case letters refer

to scalars. The asterisk is used to denote matrix transposition•

-':-_:-_I.Gura, "An Algebraic Approach to Optimal State Estimation, Hughes Repoi_t
No. SSD 70072R, March 1967.
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holds. Using the methods of Gura*, it can be shown that a better approximation of

x is given by

'(o' tx = P + H"_ r H'_W(y - h(x °) (A4)

where Po is the covariance matrix of the initial guess x ° and W is a matrix of
weighting numbers on each data point. (The inverse of the covariance matrix of

the "noise" in Equation A2 can be used as an appropriate weighting matrix. ) The
theory shows that the covariance matrix of x 1 is given by

(_;_ _)-_P 1 : + H*W (A5}

Thus Equations A4 and A5 can be used recursively to generate a sequence of

approximations to x. In most practical situations this sequence will converge to

the best estimate of x for the nonlinear configuration of (A1).

Recall that since m >>>n, the matrix H ;:' WH is relatively "small" in dimen-

sion (nx m) compared to its factors H and W (nx m and mx m, respectively). It

is therefore desirable to avoid direct computer storage of the latter quantities. If

the matrix H and the corresponding vector y are partitioned in some consistent
manner, i.e. ,

i

--H1 ! -yl-

H2 y2

H = . , y = {A6)

-H -

q

so that the weighting matrix can be taken as ......

W __

-W 1 0

W 2

"W
q

(A7)

*Op cit.

#-;:,This kind of weighting matrix results when the groups of data yl, y2 ..... yq are

statistically independent of each other. The further simplification that

W 1 = W 2 .... = Wq canusuaily be made for most physical problems.
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the formulas

and

H'WH :

H*W[y - h(x°)]

q

H:"W.H.
1 1 1

i=l

q

i:l

(A8)

(A9)

I w**- l_u._ ._ent.c=.,y. Then by using

q

I x : Pl i:l
yi " )]H "J"W. - hX(x °

1 1
(AIO)

I

I

I

I

I

I

I

I

I

and

P1 : 1 + H_.Wi H (All)

i=l

instead of Equations A4 and A5, and forming the indicated sums as soon as the

appropriate partial derivatives are computed, the need for storing the large matrix
H is avoided.

This basic theory can be extended to the case where the parameters x are

not really constant, but vary according to some known differential equations. That

is, if x obeys

£(t) = fix(t)] (A1Z)

and corresponding measurements of the form

y(t) = h[x(t)]+ v(t) (A13)

are available at t = tI, t2 ..... t_, a guess of the initial condition, x°(to), for

EquationAl2 can be improved by application of the formulas

qj

xl(to) : Pile

j=l

qj

i=l

(A14)

I
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where

qj

Pl-I = P-ol +_ ¢':"(tj,to}

j=l

qj

z ,_,:.[_,t_,]v,_,t_,,_,$,t_,]
i=l

@(tj, to)

I

_(tj, to) =

8xl(t j) 8xl(t j) 8xl(t j)

_£(to) _£(to) _°(*o

8xz(t j) 8x2(t j) 8xz(t j)
• • •

_x?(to)_x_(,o) _x°(_o)
• . * , • • • • • • • •

8x,n(t')j . 8Xn(tj) 8Xn(tj )

S(*o) _£(*o) _x°(*o__

I

(A15) I

I

m

I

I

I

(A16)

and x(ti) is found by direct integration of Equation A12 using the "guessed" initial

conditibn. The qi in Equations A14 and A15 refer to the number of submatrices in

the partitions of _(tj) and H[x(tj)].

The remainder of this report is concerned primarily with the application of

Equations A14 and A15 to the attitude determination problem•

A. 2 Definition of Variables

For OEC it is not only necessary to estimate attitude as it changes due to

the effect of solar radiation pressure, gravity gradients, and aerodynamic torque

but also parameters in an arbitrarily input model for each. A capability for esti-

mating possible biases in sensor measurements is also desired. Since attitude is

determined by a unit vector in the direction of the spin axis, only two independent
parameters are needed for its complete specification• (For example, right ascen-

sion and declination in some inertial coordinate system would suffice• )

The x-vector of Equations A12 andA13 thus takes the form

Xl _ attitude parameters

x 2

x 3

x 4
solar pressure, gravity gradient,

aerodynamic torque parameter s

A-4
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I

I
I
I

I

I
I

Xr+ 1

Xr+2

x
n

measurement biases

The effects of external disturbances enter the problem through the differen-

tial equations of Equation A12. Note that only x 1 and x 2 (the attitude parameters)
are time varying. The remaining variables are governed by trivial differential
equations of the form

x k = 0(k = 3,4 .... , n) (A17)

Thus

fi(x)

fz(x)

0
f(x) :

0

where the functions fl(x) and fz(x) are derived in Section 5. 0.

(AI8)

The y-vector of Equation AI3 is a vector of measurement data related to

the capsule attitude at t =tj. Since the effect of radiation pressure is very small,

several hours could pass and a large amount of data could be obtained before a

change in attitude is significant. Thus as far as the differential equations of

Equation AIZ are concerned, time remains essentially unchanged in this period.

Small changes in time, however, are very significant in interpreting sensor output

because of the relatively rapid changes in orbital position of the satellite. This

difference between the various data points suggests a natural way of partitioning

the y-vector so that Equation AI4 can be applied. That is, each subvector yi

should contain all data gathered at a specific instant in the satellite's orbit (such

"instants" could be of 3 or 4 minutes duration). For OEC with a sun sensor and

two Mars sensors, a typical yi would be

y_(tj) = sun sensor data

y_(tj) =

y_(tj) =

y_(tj) =

first Mars sensor data

second Mars sensor data

data indicating satellite rotation between Mars and sun observation.
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Note that the superscripts i -- l, 2.... qirefer to specific "instants" withi__nnthe
basic time interval defined by tj. Thus th_ estimation procedure requires two
"levels" of measuring time -- a course one to describe external pressure affects
and a finer one to describe satellite position changes.

The hl-vectors in Equation AI4 correspond element for element to the
yi-vectors, but whereas the latter come from actual measurement data, the for-
mer come from computing the sensor outputs from "guessed" values of attitude
and other parameters. (See Section A. 4 for deviations of the appropriate
relationship s).

In general, the Hi matrices used in Equations A14 and Al5 may have to be
computed by numerically defferentiating hi(x). For the typical sensors described
above, however, analytical expression for the required partial derivatives can be
easily derived and should be used in the new attitude determination program.

Finally, the functions in _(tj, to) are computed from the definition given in
Equation Al6 by numerically perturbing the differential equations of Equation Al3.

Note that if the f(x) functions are all zero, the _(tj, to) matrices become identity
matrices and Equations A14 and AI5 reduce to Equations AI0 and All respectively.

A. 3 Discussion of Flow Diagram (See Figure A-l)

The input and output format for this process are expressed in terms of

right ascension and declination in a fixed inertial system. To avoid ambiguities

and permit convenience in computation, these vectors are transformed to a coor-

dinate system such that the positive direction of the third axis (z-axis*) coincides

with the initial guess of the satellite spin axis. The corrected satellite attitude

vector is determined in this system by specifying components along the two other

axes. The third component is always

J1 2 _ x22+ -x I

because attitude must be a unit vector. (Note that the positive square root is taken

because attitude corrections will be small. )

Attitude maneuvers are permitted at some time t = tI after the initial

guess, but before any data are used. The effect of a maneuver is to change the

attitude guess in some predetermined way. The parameter covariance matrix is,

of course, adjusted to account for the increased uncertainty.

The remaining computations on the first page of the flow diagram (Fig-

ure A-l) concern integration of the solar radiation equations. The scheme shown

was specially derived to permit efficient sequential computation of the matrices

_(t l, to), _(t 2, to) ..... _(t_, to)andthe attitude parameters xl(tl), xl(tl); x2(t2),

x2(t2); ...; xl(t_), xz(tla).

":Where necessary, the ususal x, y, and z-axis designations have been suppressed

in favor of the first, second and third axis to avoid confusion with the x- and

y-vectors of the estimation scheme.
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On the second page of Figure A-I the details of applying Equations AI4 and

Al5 to the attitude determination problem are shown. Note that the data at t = tj
has been broken down into qj sets of four data points. The computations implied

symbolically in the "sensor" block a_e described in detail in the following pages.

A. 4 Sensor Relationships

In each case below, the sensor output is interpreted as a spacecraft rota-
tion angle. Formulas for these angles in terms of an assumed attitude and the

known sensor config.uration are then derived. The actual angles correspond to the

components of the yl-vectors in Equation Al4, while the angles computed from the

assumed attitude correspond to the components on the hi-vectors.

For the convenience in presenting the derivations, the symbols a = (a 1,

a3), m = (el, ez, e 3) and s = (s l, s 2, s3) are used to denote unit vectors in the
direction of the satellite spin axis, the satellite-Mars line and the satellite-Sun

line, respectively. Note that the a-vector is always the "present" guess of the
satellite attitude. Its components are computed as

a2,

2 2x I, x Z, - x I - x Z

where the quantities x 1 and x z should be interpreted as x 1 (tj) and x Z (tj). They are
• O

evaluated from the guessed attitude parameters x 1 (to) and x_ (to) by direct integra-
tion of Equation A1 3.

Sun Sensor

The sensor configuration consists basically of two long sun-sensitive

"slits" -- one in a plane containing the spin axis and the other in a plane inclined

with respect to the spin axis by an angle 6" A pulse is transmitted to earth when-

ever the Sun's rays directly penetrate a slit. The spacecraft rotation angle

between sensor pulses is effectively the "output" of the instrument for it can be

directly computed as

7 2
= _- 2_ (AI9)

1

whe re

T 1 = time between pulses of the same sensor (the sensor containing the
spin axis is usually used as the reference)

T Z = time elapsed between the spin axis sensor pulse and the inclined
sensor pulse.

To compute a corresponding value of _ from an assumed attitude, consider

the geometry of Figure A-2. At the instant the sun activates the inclined sensor,
the sun direction vector must be perpendicular to the normal to this sensor plane.

F
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o _; xOxl; '"; n

&x 3, &x 4, ..._ _x t (plrtur_)otionl in Iotor radiation;gravity

t o_ tl, ..., t_ parameterl and aerodynamic parameters)

@' ql _ q2' ""_ q

Po' wl (wl " "2 ..... "q ,, ,,,u.ed _.)
(attitude told cov•riance chlmie due t_ maneuver)_x1' _' Pm J

yl(tl), (l . 1, 2 ..... ql )

yi(%),(i- l,2....._)
, ,... o..,o , , ,

yi(t_), (i - I, 2 ..... q_)

(Each isubvector y (t4) corresponds to a specific time within t 4 .

Note chat the appropriate tim valuei must be input •l d•t•.)J

Note: The |ymbole x 1 and x_ reprelent the attitude •t t - tj.
The symbols x_( ) Im_ x2( ) are reeerved here for
ant•station purpolel.

i Is tI = to?

YES J

t
.,=x_ I

x_o<I
• ,

• ,

,#

tj. 1 - t °

x1(tj.I) . x_

xzCtj.1) _ x_

x_ = x;

o

x 4 - x 4

xn - x°n

Xl(tj.l) = _l(k)

_(tj.I) _(k)

xk+2 _(k)

=l

k
YES

Set mo = 1 if there is an JJ

•tticude maneuver at t m t1

(not permitted for t • ill

---d'_d';* J

Set an nXn matrix Q . 0

Sat in n x n emtrix t - I (i_mncitw)

.,Set • _xn matrix H . 0

1
Comp_te e and I Vector| •t J

t mt 0 r-
I

Compute tran|formation matrix J

(eee P.efer_c• [_,] I
I

Transgdt_z e, s_ lald • to l

new coordinate myitem I

_ (k) = _ (tj)

xk+ 2 = X°k+2

i (e,k.e)= [_(v) _(v)]/a_+_(Here arsuments of _ refer to row and column_ not time,

(continued on next pase)

CO - C_

tl=C 2

. . , •

o

x 1 = Xl(tj) + _x 1

YES

Xr_(k)= xx(tj)

_(k) = xo(tj)

xl(Cj_l) = ]_q1(k)

_(tj.l) = _(k)

_+2 =XX(k)

kk=- 1

Figure A-I. Flow Diagram for Attitude Determination
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I
I
I
I

I

I
I
I
I
I

I

I
I
I

I

I
I

i= i I

i i+ 1 I

(continued from previous page _

Find e and s vectors at the time

corresponding to acqulsltlon of

the data yl(tj)o

Compute

h_(_)

_(_)

h_(x)

h_(_) a_

H(k,_) = b-_

(k= i,2, 3, _)

(The H matrix computed here

corresponds to Xi in the text.)

I G = H_WI I

Q =Q+GH

'_ _ I

NO [ Is i = qj? I

_ YES

w= _u =w

YES

xlI

""_ n' P1

EXiT

o 1

xI = x 1

o 1

_:x2

• o

x° = x 1
n

n

--V---

Figure A-I (continued). Flow Diagram for Attitude Determination
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From the diagram, the unit vector in the direction of the sun is (cos _ sin 6,

-sin _ sin 6, cos 4>), and the unit normal to the inclined sensor is (0, cos _,

sin _).

Thus

(cos _ sin 6, - sin _ sin 4>, cos q5)• (0, cos _, sin _) = 0

-sin _ sin 4pcos _ + cos 4> sin _ = 0,

cot
sin _ -

cot

Now since the vectors a and s are known, _ is also known from

COS _ = a • S

(A20a)

(AZ0b)

(AZ0e)

(A2 i)

s o that

cot 4>= a. s

_I (a • s)2

(A22)

Then Equation A20c becomes

= arcsin[c as ]
ot _ %/1 (a • s)2

(A23)

In general, the inclined sensor plane may be rotated about the spacecraft by

an angleU s with respect to the other sensor plane (measured in the spin direction).

For such a case,

o.rcs.[7"s2]+.
cot_ 1 - (a • s)

(A24)

In terms of the estimated attitude parameters, x I and x2, Fquation A24 becomes

s_x_+s.x.+s_J_x_x_ )]
= arcsin + _ (2%25)

j,(s j scote - lXl ÷ s2x 2 + s 3 1 - x_ - x

A-10
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For use of sun sensor data in Equations A14 and A15 identify Equation A19 with
y{ and A25 with ht(x). • ' '

Now even ifx 1 and x 2 were very close to the true value of the attitude

parameters, the value of _from Equation A24 could be in considerable error

because of misalignments.in specifying _ andq_s. These "biases", however, can
be estimated in the same way attitude is estimated. That is, assume them to be
Xr+l, Xr+Z*".' and use the function

_I,= arcsin

ot(_+Xr+2) slxI+s2x2+s3 i- x_ - xz ] (A2 6 )

+_ +
s Xr+l

for h{ (x) in Equation A14. Note that if the a and s vector do not vary much, the

parameter Xr+2 could be eliminated and any bias in _ would be included in Xr+ 1.

Mars Sensors

The Mars horizon sensor is essentially a narrow infrared sensitive tube

mounted so that its axis passes through the center of the spacecraft. As the satel-

lite rotates, the field of view through this tube traces out a cone in space. A pulse
is transmitted when this sensor first "sees _' the edge of Mars and then again when

it leaves the Mars' disk. The spacecraft rotation angle (2e 1) between these pulses
is clearly computed from

_73
al - 1- (A27}

1

where

vI = rotation period

r = time between horizon pulses.
3

To derive a formula for computing a 1 from an assumed attitude, note that,

in addition toql, the angle between the spin axis and the Mars satellite line (¥)

and the half angle subtended by the Mars disk (a o) will be known• The former is

computed from

cos y = a .m (A28)

_:'The superscript i as used here refers to the time at which the s-vector is

computed.

".'".'Recall that Xl and x Z refer to attitude parameters while x 3, x4 ..... Xr

refer to solar radiation model parameters.
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Figure A-2. Sun Sensor Geometry _ I
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Figure A-4. Mars Sensor Configuration (Spherical Trigonometry)
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I and the latter from

I sinao = Rm (A29)

o

I where R m is the radiu and ro is the orbital altitude fromthe center ofs of Mars

Mars. (See Figure A-3. ) .

I The desired formula f_r a 1 is derived next.

I Consider the celestial sphere centered at the spacecraft as shown inFigure A-4. The known angles no, T], _rn' and the unknown angle a 1 are appro-

priately labeled. _'; By direct application-_f the Law of Cosines to thd spherical

i triangle shown in the diagram, a formula for a I can be found immediately. Thus

cos a - cos _ cosq
cos a, = o. , _m ' (A30a)

I i sln q_m sln_

i or, using Equations A28 and _29,

I a 1 = arccos / ' . : (AS0b)

L 4 J

I For use in the estimation procedure, the basic Mars sensor equation

(A30b) should be expressed as

I rSo-2sin(_Rm/r°-2 + Xr+3'(elx 1 -I-_ e2x2 + e371 -x.-2 x..,/cos{n +x2 "_)t
a I = arccos I y _ ..... __Jz _ 4/_ -_ r*-_

I L (elxl + e2x2+ e3_/l - x 1 - x2)
71 - ' 2 2 2

I (,A3 1)

where Xr+ 3 is a possible bias in the value of q. (If changes in a and e are small,

Xr+ 3 can be as an additive bias as Xr+ 1 is used in Equation A26. )I

I
I

In actual practice, an OEC will have two independent Mars sensors -- one

mounted at an angle q with the spin axis and another at an angle q2 with the spin
axis. These angles are chosen so that the sensor paths cross Mars in opposite

;,'-'Angles on the surface of the sphere refer to angles between planes passing

through the center of the sphere. Lines on the surface refer to angles between
lines passing through the center of the sphere.

!
A-13
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I

hemispheres. By analogy to Equation A27, the spacecraft rotation angle (2a2)

between pulses of the second sensor is computed from

1T3-
4

CL_ _ _T

1

(A32)

I
I

I
where T 4 is the time between these pulses. Similarly by analogy to Equation .431, •
a value of a2 based on the assumed attitude |

is found from

a2 = arccos

/_o-_5_o-(o_x_+o_x_+o3/i___x_
sin(q2 +Xr+4)J-(elx I + e2x2 + e3

c°s (q22 2+)2Xr+4) 1
- x I - x 2

(A33)

where Xr+ 4 represents the bias inq2. Note that Equations A27 and A32 represent

y_ andy_ of A14, respectively, while Equations A31 and A33 correspond to the
functions h i(x) and h_ (x)used in that same basic equation.

Separation Between Sun and Mars Pulses

I
I

I
I

I
To this point it h.as bee.n shown that the Sun and Mars sensors each contri-

bute an element to the yl and h 1 vectors. For a spacecraft having both types of

sensors, an additional independent data point is usually available. If T 5 is the

time between the reference Sun sensor pulse and the leading pulse of one of the

Mars sensors (say, the one whose output is T3), the corresponding spacecraft

rotation angle is

2T[

k= %-- (T 5 + T 3) {A34)
1

This angle is clearly independent of the angles,, al, and a 2 and provides more

information for estimating the unknown parameters.

A corresponding value of k can be computed from an assumed attitude

vector by use of the formula

I
I

I
I

I

k = k r - ks, (0 < k < 2_) (A35) I

I
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where

k = angle from the Sun sensor to the Mars sensor in the spin direction
s {0 <-ks -<Z_)

k
r

angle from the Sun-satellite axis plane to the Mars-satellite axis

plane in the spin direction (0 <-k s Zv)
r

Now the angle k_ computed from the formula

cos k' = (a x s) • (a xm) , (A36)
r s in _ sin am

or more simply from

!

cos k' = (s .m) - (a.m)(a- s) , (A37)

r ¢(1 - (a .m)2)(1 - (a. s) 2

will indeed be the angle between the two planes of interest, but it will not neces-

sarily be in the spin direction. That is either kr = k_ or k r = 2_ - k_ is possible.
This ambiguity can be removed by the following considerations.

The vectors (a x s) and (a x e) are in the spin plane. Thus (a x s) x (a x e)

is either in the same direction as the a-vector or in the opposite direction. If it

is in the same direction, k r = k_ as computed from Equation A30 is the desired
angle. If it is in the opposite direction, k r = 2_ - k_. Since

(a x s) x (a xm) = - (det U)a, (A38)

whe r e

s I a I e I ]

U = s2 a 2 e2 , (A3 9)

s 3 a 3 e 3

k r = k'r if det U < 0

k r = 2n - k r if det U > 0. (A40)
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Note that Fquations A35, A37, and A38 can be expressed more compactly as

larccos[
4I- (a'm)]E1- (a" s) 1 _ 'det UI

+ _, (0-< X -< 2_).
s

(A41)

Thus Equation A34 corresponds to y_, and A41 in the form,

det U [_- arccos_] + k + +
q- Idet U I s Xr+5

(A42)

where

(s .m) - elXl + e2x2 + e 3 - x_ - x_ S lXl + s2x2 + s 3 - x_ - x 2

I
I

I

I
I
I

I
I

- iXl + e2x 2 + e 371 - x21 - x 1 - SlX l + s2x 2 + s3 - x I

(A43)
I

i I
corresponds to h4(x). Note that Xr+ 5 is a possible bias in ks.

Summary of Sensor Relationships _':<

Sun Sensor
I

i T2 I

= -- 2_ (A44)
Yl T 1

I

h l(x) = arcsin + _s + Xr+l

cot(_+Xr+_)_l_ (six, + =_x_+ s_-xl-x
(A45) I

>:"During the interval described by t = tj there are i = l, 2, ..., qj "sets" of sensor
measurements. The equations of this section refer to any one of these sets. The

sets are distinguished from one another by the particular e- and s-vectors used in

the computations.

I

I
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h z (x)

First Mars Sensor

i T3Tr

Y2 --
"r1

(A46)

(e,x 1¢ .)'sin{q+ Xr+3) -(elXl ÷ e2x 2 + e 3 Jl ' x_ _ x2

Second Mars Sensor

(A47)

I

I
I
I

I
I

I
I

i
h 3 (x) =

where

i T4W

Y3 - T (A48)
1

arccosI/r2o- R2rn/ro- (elxl + e2x2 + e3/I - x_ - x_)cos(q2 +Xr+4) ]

sin(q2 + Xr+4) _ - (elx , : e2x2 + e3/l- x_- x:) 2 J

Sun-Mars Separation Data

{A49)

i 2rr
Y4 = _ (T5 + T3) (A50)

r 1

i det U D _] + × + + ".
h4(x) ; [det U[ - arccos s Xr+5 (A51)

(e ')((s .m) - lXl + e2e 2 + e 3 - x_ - x 2 SlX 1

_I-(elx I + e2x2 + e3_- x_- x22 -(SlX 1

+ s2x 2 + s3 - x Z _ x 2

+ s2x2 + s3/l- x_- x22) 2]

I

I
I
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and

U

--sI Xl e_

s2 x 2 e 2

fl 2 2s 3 - x I - x 2 e 3
B

m

(AS3)

A. 5 Solar Radiation Effects

Let_be the angular momentum vector of a spinning spacecraft. The

torque due to solar pressure (T) will cause a changed_in the direction defined by
(s x _XC) and of magnitude

[d_ I = T dt (A54)

Then

d_ T (A 5 5 )
dt = x_YC[

is a vector differential equation describing the change in angular momentum with

time.Assuming that the ._'-vector is coincident with the a-vector, and that [._g'[is
constant, the equation

d,_= I _elda

will be valid and Equation A55 becomes the more useful expression

(A56)

d__a = T (s x a) (A57)
dt 1o_¢'[ Is x al

Now the solar torque is generally a function of the Sun-satellite angle _. Over a

severalweek period, this curve can be approximated sufficiently well by a low

order polynomial in _. Since it is desired to estimate this curve, the unknown

parameters x3, x4, ..., x r are introduced to represent the coefficients. Then,
using

I 2 2a = Xl, x 2, - x I - x 2

A-18
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I

I
Equation A57 becomes

I dx I T(x3, x4, ..., Xr;qb)[sX(Xl, x2, /1- x_- x2)]

I dT I
I and

1 st component

(A58a)

I
dx___22 = T(x 3, x 4, ..., Xr;_b) sX, 1' x2' -x_-

I dt IJ_'l is X (Xl, x2, /I- x21 - x2)l

2nd component
(A58b)

I

I
I

The right-hand side of Equations A58a and A58b are the functions fl(x) and f2(x)

in Equation A 13.

A. 6 Nomenclature

a Unit vector in the direction of the satellite spin axis

I
I

I

I
I
I

I

I

m

f(x)

h[x(tiI] or
h(x) "

H

i

J

m

n

P
0

Unit vector along satellite-Mars line

n-vector function defined by Equation AI2

m-vector of predicted sensor measurements at t = tj based on guessed
values of the unknown parameters. It is partitioned into subvectors

hi(x), (i = 1, 2, . .., qj ) of four elements each.

m x n matrix of partial derivatives defined by (A3). It is partitioned

into 4 xn submatrices Hi(i= 1, 2, ..., qj).

Angular m.omentum of satellite

Index used to describe the partitioning of y(t), h(x),

(i= I, Z, ..., qj)

Index used to t. (j = i, Z, ..., _)

and H.

Total number of measurements at t = t.
J

Total number of parameters to be estimated

Covariance of guessed parameters
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P
1

qj

R
in

r
o

t
O

t°

J

Y

W°

1

x(t)

O

x (to)

1
x (to)

y(tj) or y

CL
0

a 1, (a2)

m

q, (qz)

Corrected parameter covariance matrix

Number of submatrices in the partitions ofy(t), h(x)_ H at t = t.
J

Two more than the number of parameters in the solar torque curve

Radius of Mars

Distance from center of Mars to satellite

Unit vector along satellite-Sun line

Time

Time at which guessed attitude is valid

Times at which data are available. Each tj represents a several hour

period (i. e., tj could be the midpoint of this period). The equations

x = f(x) must be integrated between tj_l and tj.

m-vector of sensor noise

Weighting matrices

Parameter vector. The argument is omitted whenever possible.

Guess of parameter vector at t = t . By integration with this as an
• O

initial condition, the correspondxng attitude at t = tj can be found.

Corrected parameter vector at t = t o

m-vector of measurements taken in the several hour period defined by
t = t i. This vector is partitioned into subvectors ji(ti), (i = 1, 2/ ...,

qj) dffour components each. Note that each subvect6r corresponds to
data taken at a specific time within the interval covered by tj.

Half-angle subtended by disk of Mars at the satellite

Half the spacecraft rotation angle between pulse at first (second) Mars
sensor

Defined by Equation A49

Angle between spin axis and satellite-Mars line

Angle between spin axis and satellite-Sun line

Angle between planes containing the Sun sensor slits

Angle between spin axis and first (second) Mars sensor axis
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I

I

I

I

I

I

I

I

I

I

I

I

k
r

r

k
s

S

g

r 1

T2

T 3,

T
5

(T 4 )

Spacecraft rotation angle between reference Sun sensor pulse and lead-
ing pulse of 1st Mars sensor. (0 < k -<2_)

Spacecraft rotation angle from Sun-satellite axis plane to Mars-
< 2r)satellite axis plane measured in the spin direction (0- < k r-

Angle between Sun-satellite axis plane and Mars satellite axis plane

Rotation angle from reference Sun sensor to first Mars sensor

measured in the spin direction (0< k < 2_)
s

Spacecraft rotation angle between reference and inclined Sun sensor
pulses

Rotation angle between Sun sensor planes measured in the spin
dire ction

Number of times at which data are available

Time between pulses of reference Sun sensor (rotation period)

Time between reference and inclined Sun sensor pulses

Time between horizon pulses of first (second) Mars sensor

Time between reference Sun sensor pulse and leading pulse of first
Mars sensor
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APPENDIX B. ORBIT DETERMINATION

B. 1 Differential Correction

The manner in which differential corrections are computed is presented

below.

The nominal orbit is given by a set of n orbital parameters, represented by

the n-vector (column matrix) p. The set of orbital parameters may contain the

classical parameters or initial position and velocity or any equivalent set; in addi-

tion, the set includes all constants to be estimated and, if attitude determination is

accomplished concurrently, whatever parameters are used for specifying the atti-

tude. The assun_ption is made that given p and a time t, the position, velocity, and

attitude can be computed for that time.

Let the vector x represent the state of the system; thenx = x(t, p). Note

that x will contain the state of Voyager if Voyager ranging information is to be

used. Given the state at time t, x(t, p), it is possible to compute each measure-

ment taken at that time. Let h = h(t, x(t, p)) be the m-vector with components

equal to the set of m measurements taken at time t. Let PN denote the nominal

orbit parameter set; the nominal measurement at time t is hN(t ) = h(t, x(t, PN)).

Assume that measurements are taken at times ti,

of vectors h(ti). For each measurement vector there is a corresponding nominal,

hN(ti). Now: define an operation called "stack, '_denoted S, where, for _5-vector

arguments v 1

V

In other words,

nents of its arguments,

i = 1..... k giving a set

(BI)

stack forms a "super vector" whose components are the compo-

taken in order. Let

A A

e = Sh - ShN = S(h(tl) .... ,h(tk) ) - S(hN(t I)..... hN(tk))
(BZ)
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The differential correction scheme, in essence, computes a change in p based on
the stacked measurement error as follows:

Ap = Me (B3)

where M is an n x mk matrix that depends upon the form of h and upon which dif-

ferential correction method is used. The classical least squares technique results
in a matrix

It0ShI0  Ti ShI0p lii0ShI p T= (B4)

where

denotes the matrix of partial derivatives evaluated at PN, of the elements of S h
with respect to the elements of p, and where T denotes matrix transpose.

The reason for the preceding description of the differential correction is to

show explicitly that the orbit determination algorithm does not need a complete

position/attitude measurement each time data is taken. Indeed, if the definition of

M is modified by replacing the inverse in (B4) by the pseudo-inverse, assuming

OSh/0p is not zero, some improvement in PN is available after only a single data

point is obtained. Generally, however, the greater the amount of independent data

taken at each measurement instant, the faster the accuracy of the estimate

improves. In fact, the choice of sensors can be based on the time it takes to reach

a desired accuracy level for each candidate sensor package.

B.2 Interpretation of Sensor Pulse Data

The basic element in the sun sensor has a slit opening offering a fan-shaped

field of view; it provides a signal when the sun is in the field of view. A single

sensor would be useful only to generate an azimuth reference pulse. But two of

them can provide elevation information also. The operation of this dual element

device is shown schematically in Figure B-I. One element, labeled _I is mounted

parallel to the spin axis, the other, labeled _2 is canted at an angle Y in such a

way that for zero elevation the signals from both sensors occur at the same time

(case 2 in Figure B-l). If the sun is at a non-zero elevation, the _2 signal is dis-

placed from the _i signal by an interval that depends upon the elevation.

From Figure B-2 it is seen that the sun intersects the side of the vehicle at

a height R tan e above the equator of the vehicle, where R is the radius of the OEC

and e is the elevation. From Figure B-3 it is seen that the arc between the inter-

section of the apparent sun with _i and _2 is R tan ( tan _{. If the spin rate is co,

the temporal separation between the pulses is then

At = (tan e )(tan '_)/co (B5)
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Inverting Equation B5 provides an expression for ( in terms of the measured time

interval and the assumed known values of _and ¢0.

The planet sensor can be considered a narrow beam that generates a pulse
when the beam encounters an edge of the planet, i.e., when the area viewed

changes from the black of space to the albedo of the planet and viceversa. The

interval between pulses depends on both the altitude above the planet and the eleva-
tion of the planet, as will now be shown. For reasons that will be discussed sub-

sequently, the sensor beam is assumed to be canted at an angle @ from the

vehicular equator. The situation is depicted in Figure B-4; since the beam traces
out a cone in space with vertex angle _-2_, the path of the beam across Mars is the

intersection of the cone with Mars, assumed to be spherical.

To compute the time interval between pulses it is necessary to compute the

spacecraft azimuthal change £ corresponding to the angle _ between the beams that

graze the planet, as shown in Figure B-4. The relationship between _ and the

corresponding azimuthal change in the spacecraft is depicted in Figure B-5, from
which it can be shown that

_ = 2 sin-i i ]!tan(_/2)/cos e (B6)

Define a right-handed, spacecraft-centered triad, as follows: the l-axis

points toward the center of Mars and the Z-axis is along the cross product of the

spin-axis with the l-axis. The resulting 3-axis is in the plane of the spin-axis and

the l-axis, pointing generally "up," as defined by the positive direction of the

spin-axis (see Figure B-6). The following sequence of rotation takes the e I axis

into a unit vector along the grazing beam:

I) +( about ez, giving the ei,°e _, e 3'triad

2) +_/2 about e_, giving the e'_, el, e_ triad

3) -0 about el, giving the el", e_' _"' triad' -3

Orbit Determination for OEC

The final situation is shown in Figure B-6, where R M denotes the radius of
Mars and h denotes the altitude of OEC. Figure B-6 reflects the fact that the con-

dition for grazing is that the beam be perpendicular to a radius at the point of

intersection. It is evident from the drawing that the distance fromOEC to the

graze point is equal to the e_' component of the vector from OEC to the center of
Mars, and that the length in question is given by

d Z Z (B7)= (R M + h)Z _ R M

Let _ denote the rotation matrix defined by the three rotations described in the

preceding paragraph. The e_' component of the OEC-Mars vector is given by

B-5
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t221 t222 i22 0

Lf/31 t232 t23 0

= _211 (RM + h) (B8)

Since

cos O

0

sin 0
0°n0one0 pO:nO1 -Sino 1

0 cos

(B9)

It follows that

_211 = cos O cos _ cos _ + sin O sin ¢ (B10)

Substituting Equation BI0 into B8 and equating the right-hand side of B8 with the

square root of the right-hand side of B7 provides

v_RM+ h) z - RM 2 = (cos 0 cos c cos _+ sin 0 sin_) (RM+ h) (Bll)

Solving Equation Bll for _ provides

-1 1 1 - '
= 2 cos cos 8 cos _ _" h

If the spin rate is _, the time between pulses is _/_.

- sin O sin _I
" (B12)

Since R M, 0 and ¢0are assumed to be known constants, Equation BI2 shows

that the time interval between planet-sensor pulses depends upon altitude and ele-

vation. The reason for including the arbitrary cant angle 8 is to allow the use of

two such sensors, each with a different value of 0, thereby providing two indepen-

dent measurements, so that both altitude and elevation can be computed.

It is evident from symmetry that the Mars sensor is pointed directly toward

Mars at the instant halfway between the two planet pulses. The azimuthal difference

v between the Sun and Mars can be derived from the interval between the _i Sun

pulse, the Mars pulses, the known azimuthal separation _ between the Sun and

B-6
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Mars sensors, and the spin speed, using the diagram in Figure B-7. Assume

t = 0 corresponds to the occurrence of the sun pulse; the first Mars pulse occurs
an interval

At 1 = (q b- v - _/Z)¢0 {B13)

later. The next pulse occurs an interval

At 2 = G/c0 {B14)

after that. Given At 1 and At 2 as measured quantities, the azimuthal difference v is
computed as

1
" = q_ - c°(At 1 +X At 2) {B15}

The details of the star sensor will not be discussed here since it is not

presently considered to be a prime candidate for inclusion in the sensor package.
It can be considered to be a device that specifies the azimuth and elevation of a

star, if it becomes necessary to augment the other sensors.

B. 3. Computationai Algorithm

The following is a quick sketch of the sequential approach. Usually, the
quantity of interest in sequential estimation is x(t, p) rather than p itself, and the

algorithm specifies a value of Ax(ti) for each measurement instant t i. Suppose the

measurement is h(ti) ; the estimated correction to xN(ti) is

Ax(ti) = P(ti)HT(ti )[H(ti)P(ti)HT(t i)

+ R(ti)l-.1 [h(ti)-H(ti)_(t i,ti_l)Ax(ti_l )] + _(t i,ti_l)Ax(ti_ 1) (B16)

whe re

H(t i)

is the matrix of the partial derivatives of the measured quantities with respect to

the state variables; R(ti) is the covariance matrix of the measurement noise at ti;
_(ti, ti-1) is the fundamental solution matrix for the linearized equations for the

correction to the state evaluated at t i and ti_l; equivalently _(ti, ti_l) is the matrix
of partial derivatives of the state at t i with respect to the state at ti-1; P(ti) is the

covariance matrix of the error in the estimate of x(ti), and is given by
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P(ti) = _(t i,ti_l)p(ti_l)_T(ti ,ti_ 1)

P(ti_l)q_T(t i, ti_l)HT(ti)[H(ti)_(t i, ti_l)P(ti_l)_T(t i, ti_l)HT(t i)

+ R(ti) ]-lH(ti)_(ti, ti_l)P(ti_ 1)

(B17)

Equation BI7 can run into computational stability problems and there are some

alternative mechanizations, which need not be considered herein.

The discussion has thus far considered only the linearized equations for

orbit determination, but the problem is really nonlinear, and there are several

ways to account for the nonlinear effects. The first problem arises from the fact

that a linearization is adequate in a region about the nominal but is inaccurate out-

side that region. For the nonsequential estimation the usual approach is to per-

form the estimation iteratively, as follows. Using PN, AP (I) is computed using

Equation B3; p(1) is defined as PN + Ap(1), M(1) is defined in a manner similar to

M, except that the partials are evaluated about p(1) instead of about PN, and ((i)

is similarly updated; Ap(2) is computed from Equation B3 with M(l) and ((1); the

process is repeated until ((n) reaches a sufficiently small value.

For the sequential estimation there are several common approaches. The

simplest technique is to relinearize the state update equations at each time, giving

a modified • matrix for the next measurement time. A more complicated approach

is to update the nominal path back to the initial times and carry out the linearized

sequential analysis over again using the new nominal. A different type of approach

is the use of higher order expansions for the nonlinearities, though a discussion of

such filters is beyond the scope of this report. -".-_

The choice between sequential and nonsequential depends upon data rates,

the interval between desired updated estimates, and available computer time and

storage; there should be no significant difference in the ultimate accuracy. Addi-

tional considerations are whether to use a simple model with "forgetting" or a

sophisticated model, and whether to actually treat the attitude estimation and orbit

estimation as completely equivalent or to handle them separately with crossfeed of

the latest estimate. It is suggested that the decision about just how to mechanize

the estimation program be studied further, when more is known about the overall

system, including supporting ground facilities for data handling and processing.

B.4. Orbit Accuracy Estimation

The remainder of this discussion is devoted to the derivation of the ele-

ments of an accuracy estimation program for the OEC mission. For the present
study the sensor outputs are not modeled in detail; rather than the time pulse com-

putations described previously, it is assumed that the sensors provide OEC

-':-'See E. Schwartz, "Approximate Continuous Nonlinear Minimal-Variance

Filtering, Hughes Report No. SSD 60472R, December 1966.
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altitude and the Sun-OEC-Mars angle directly. The accuracy program is a

mechanization of the sequential formula given in Equation B 17, so that the discus-

tion considers P(to) , _(ti, ti_l) , H(ti) , and R(ti), in addition to specifying the
nominal.

The state of the system at ti is composed of the position and velocity of

OEC and any constant parameters being estimated; for the problem at hand it is

assumed that the only constants estimated are an altitude bias factor and a Sun-

OEC-Mars angle bias. The program uses an existing subroutine to compute the

position and velocity of the satellite given the initial values and the time incre-

ment. For the OEC orbit, the program uses a subroutine that computes the

• (ti, ti-l) matrix along with the state. The Voyager orbit is computed when neces-

sary for range measurement updating by another subroutine, which does not com-

pute the _.

To findH(ti) , the first step is to findh(ti, x(ti)). For the Sun/Mars sensor

package, the two elements of h are the altitude a and the Sun-OEC-Mars angle a

plus their biases a o and ao, i.e.,

(BI8)

I Let the position of OEC with respect to an aerocentric coordinate system bedenoted

' lilr = r2

!
The altitude of OEC above Mars

I
_r 2 2 2

I a = l + r2 + r3 - RM

where rM denotes the radius of Mars.

I same coordinate system be denoted

gs J
!

(B 19)

(BZ0)

Let the unit vector toward the Sun in the

(B21)

I
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The angle _ can be found from the drawing in Figure B-8, but to a very
high degree of accuracy (one part is 108) the OEC-Sun line can be considered

parallel to the Sun-Mars line, resulting in a muchsimpler expression:

= IT - COS- II_T---S _
(Bzz)

Substitution of Equations B22 and BTI into B19, with some additional manipulation,
results in

Vr_ o
-I "irsl + rzrsz d r3rs3

h = Tr - cos + a'°

V 2 2 2r I + r2 + r3

(B23)

Next, the form of the bias terms have to be specified. In reality, both bias

terms result from errors in the measurement of intervals between sensor pulses,

but in the accuracy program they are modeled as equivalent angle errors. Thus

a o is simply considered a constant; to derive an equivalent model for altitude error

as a function of angle measurement error, consider Figure B-9. It is easy to show

so that

(i )a = R M sin _/Z - 1 (BZ4)

_a

ap (a + R M) RM /
- 1 (BZ5)

and

_a

ao = a'-'_-f3o (B26)

where _o is the assumed equivalent angular measurement error. It is not neces-

sary to take _o and _o equal, even though they both represent an equivalent angle

error of the combined sensor package, since they are actually computed differently

from the raw pulse data.

The assumption has been made that a pair of Mars sensors are available

to compute altitude directly, even though it is not necessary for the state estima-

tion. The present configuration was chosen for several reasons: single-sensor

measurements over a larger portion of the orbit, additional information when both

sensors see Mars, and no complete loss of planet information in case a sensor

B-If



fails. By proper choice of parameters the program can be made to simulate a

single-sensor system, so that generality is not lost.

The measurement vector is now

h __

m

1 + rz + r3 1 - /3o 1

-2 -l
rM

Z 2 2 o

rI + r2 + r3

(B27)

For expected values of 60, about 0.01 radians, even at the maximum value of the
square root multiplying _o, which is about 4, the quantity in parentheses inhl can
be approximated by unity in finding the ahl/Or i. The resulting elements of H are
found to be

Oh r.
1 I

ar. a +---_Mi

ah
I

- 0
Y_Tv.

i

ah
1

aBo
.a + R M )2(a + R M) RM

ah I
- 0

a%

ah 2 1

_/(a + RM )z - (r. rs )z

_r.
1

ah Z
- 0

Or.
l

Oh Z
- 0

0(3o

0

where the v. are the components of the velocity.
1

-i (BZS)
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For Voyager ranging let the position of Voyager be denoted by

[rvl

r V = /rv2

Lrv3

Then h is a scaler given by

(B29)

h = Ir - rvl (B30)

From Equation B30 it is easy to find the elements of H:

0h r. - r .I vl

0r._ Ir-rvl

Oh
= 0

0v.
1

Oh
= 0

0Po

Oh
- 0 (B3 i)0_

o

The noise covariance matrix R is found next. Let 0-aZ denote the measure-

ment noise variance for altitude measurements and o-2 denote that of the sun-OEC-

Mars angle. Since the angle measurement uses sun sensor information while the

altitude measurement does not, and since the computations performed on the raw

data are different for the two measurements, it seems reasonable to assume that

the noises on the two quantities are uncorrelated, so that

R = {B3Z)

o-_

As was done with the bias errors,

• Z is constant, but o-a2quantities, o-

both noises are related to equivalent angular

Z by
is related to a constant o-

o- (B33)
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For the range measurement, R reduces to a scalar, denoted o-2, where
0-Zris assumed to be a sum of range measurement error plus Voyager orbit deter-
mination error.

The initial error covariance matrix is assumed to be diagonal, to simplify
program input requirements. The position elements approximate the variance in
the position vector components, and reflect the uncertainty in the knowledge of
Voyager at separation plus the position uncertainty due to the errors in separation
that may have accumulated by the time the program is initiated. Similarly, the
velocity variances represent the initial velocity uncertainty plus the uncertainty in
any orbit change maneuvers. The bias variances reflect the expected dispersion
in the corresponding constants.

The description of the accuracy program is now complete, but some addi-
tional comments are in order. The recursion algorithm given by Equation BI7 is
theoretically stable, but is well known to be susceptible to numerical instabilities,
particularly when many measurements are taken of slowly changing quantities.
The instability may result in a diverging or a sign-indefinite covariance matrix.
A number of approaches have been devised to circumvent the difficulty. For
example, if the instability arises, the simulated measurement times can be
decreased in number and the accuracy of each measurement be increased an
equivalent amount using the well known least-squares result that the error vari-
ance for a measured parameter decreases as the number of measurements
increases. Thus ten measurements can be replaced by one measurement with one-
tenth the variance of the original measurement. A scheme that guarantees that the
covariance remain non-negative definite computes a matrix E such that ETE = P.
A third approach which is apparently more stable does not take inverses in the
sequential computation loop, but works with p-l, inverting p-i only for input/
output purposes. Finally, the computations could be done in double precision.
The program used for this report computes P using Equation Bl7 and relies on
input modification to avoid the instability problem. Since the Sun/Mars sensor
data is taken once per revolution at 50 to 70 rpm, the modification is necessary.

A flow chart of the program is given in Figure B-10. The branch alluding
to a singularity in the computation of the observation of the observation partials is
necessary because the expression for 8hg/_r i in (BZ8) is useless for _ = Tr radians.
Physically, the partials of _ with respect to the position variables are meaningful,
if taken as one-sided derivatives, since _ is taken 0< _<_; the program is designed
to compute equivalent information using a fictitious sun vector rotated 7/2 radians
from the true sun, thereby avoiding the singularity.

The operation of the program is roughly as follows:

i) The initial condition parameters are read in.

Z) Each following card specifies a time and some options.

a} The first option specifies range information, planet/sun sensor

information, or simple updating without measurement.
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b) The second option specifies whether to print output data.

c) The last option tells if any more time cards follow.

The specified operations are executed after each card is read in; when the last

computation for each case is completed, the program tests for the existence of

additional cases; if there are none, the program stops. The update operations are

given by the equations presented earlier in this section; the only computations not

yet discussed are those associated with the output.

The primary output is the covariance matrix itself. Recall that this matrix

is* E[(Ax)(AxlT], where Ax is the difference between the true state and the esti-

mated state: The question, then, is how to interpret the covariance matrix to

determine the accuracy with which the position can be estimated. To answer the

question, note that the differential equations used to find the evolution of the dif-
ference between the true state and the nominal are linear. If the initial errors are

assumed to be normal random variables and if the measurement errors are also

assumed to be normally distributed, it follows that the errors are normally dis-

tributed for all time, so that the statistics of Ax are completely specified by its
expectation (which is zero, since the initial errors and the noise are assumed to be

of zero mean) and its covariance. Since the position error components are

obtained from Axby a linear transformation, the position error is a normally dis-

tributed vector random process. In particular, the transformation is

Ar = WAx (B34)

where _ is the projection matrix

Ii 0 0 0 0 0 0 0[

-I

J1 0 0 0 0 0

0 1 0 0 0 0

E(Ar) = 0 andThen, from Equation B34 the expected value of Ar,

F(Ar Ar T ) = F(_Ax Ax T _T)

= _E(Ax AxT)_ T (B35)

Evaluation of Equation B35 shows that the covariance of Ar is simply the upper

diagonal 3 x 3 submatrix of the covariance of Ax. Let the position error covari-

ance matrix be denoted A; since Ar is a zero-mean normal random vector, its

probability density function is

1 -i/2 PT A-lp

PAr(P)- (2_)3/2[A-_j- _ e
(B36)

The accuracy figure-of-merit will be based on Equation B36.

":-'E(. ) denotes expectation or mean value.
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One way to specify the accuracy of the estimate is to find a number R such
that the probability that IAr[ _<Ris some specified value. For a scalar normal
normal random variable that much abused 3_ value R is that number that guaran-
tees a probability of 0. 997 that the variable is less that R in magnitude. For the
vector random variable the equivalent specification is somewhat more complicated
and often misunderstood. The first problem is to find the proper generalization to
higher dimensions of the idea of bounding the magnitude of a scalar with given
probability; the use of the bound on the length of the vector, as suggested at the
beginning of the paragraph is not the commonly adopted generalization. The usual
approach is based on the idea of maximal likelihood; for a normal distribution, the
random variable is most likely to be near the mean, the region of greatest prob-
ability density. The likelihood of finding the variable near a given point decreases
as the probability density decreases. Given the facts that the normal density is
symmetric about the mean and decreases monotically away from the mean, it is
reasonable to use surfaces of equal likelihood, i.e., surfaces of constant prob-
ability density as boundaries, and to find the one that bounds the random vector
with given probability.

From Equation B36 it is easily seen that a constant probability density
implies a constant value for the quadratic form pT A-ip, that is, the boundary sur-
face is of the form

pTA-Ip = k z {B37)

Since A-1 is a positive-definite, symmetric matrix, as a consequence of its defini-

tion, it follows that Equation B37 specifies an ellipsoid. The remainder of the

analysis can be simplified by rotating the coordinate system to coincide with the

axes of the ellipsoid; mathematically, doing so amounts to diagonalizing the A

matrix; probabilistically, doing so amounts to finding a random vector with uncor-
related components. Let the resulting rotated covariance matrix be

"2

_i 0

2

0 _2

0 0

"7
0

2

_3

(B38)

In the new coordinate system Equation B36 becomes

1

PAr(P) = (2w)3/2_1_2°-3

2 2 2 2 2 2
-l/2(P1/_ 1+p2/_2+ P3/_3 )

e {B39)

It can now be seen that Equation B37 specifies an ellipsoid with semi-axes of length

k_ l, k_2, and k_ 3, which is called a k_eliipsoid and is the desired generalization
of the k_number for scalar random variables.
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The next problem is to compute the probability associated with a given

value of k. Let E k denote the k_ ellipsoid; the probability of being within E k is
given by the three-dimensional integral

Define a new set of variables

fE PAr(P) dp
k

•._ pi/_._ i = i, 2, 3

(B40)

(B41)

and let sk denote the sphere

T k 2T T :

In the new variables Equation B40 becomes simply

(B42)

-il2{T_+ Tzz+T_)dTL
k (2_T) 3/2 e (B43)

Note that the integrand in Equation B43 is spherically symmetrical, a fact which

allows a relatively simple evaluation by integration of nested differential spheres,
a technique used to find the mass of spherically symmetrical bodies. The differen-

tial volume of a sphere of radius s and thickness ds is simply 4_s2 ds, the surface

area times the thickness; since the differential mass is the density times the dif-

ferential volume, Equation B43 becomes

2

fo -l12s

k2e
2 s ds (B44)

Evaluating Equation B44 provides the following expression for the probability asso-

ciated with a k_ ellipsoid:

err (_) 2k -i/2k 2- e (B45)

where err(. ) is the tabulated error function. From Equation B43, the probability

associated with a 3_ ellipsoid is 0.971, which is less than the probability asso-
ciated with a 3_ scalar number.
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The final aspect of the accuracy specification stems from the fact that it

is rather cumbersome to have to specify three vectors representing the three axes

of the ellipsoid; it is much more convenient to specify a spherical radius asso-

ciated with a given probability. Unfortunately, the computation of the probability

of being in a given sphere is much more difficult, and must be done numerically.

However, if the semi-major axis of the kuellipsoid is taken as the radius of a

sphere, the probability of being in the sphere is at least as big as that of being in

the ellipsoid. Thus, the probability associated with the ku ellipsoid is a lower

bound on the probability associated with the circumscribed sphere. The results of

the orbit determination accuracy computation are given as the semi-major axis of

the 3o- ellipsoid; the effect of choosing different values of k was presented in the
text of this section.

B. 5 Orbit Fxtrapolation Accuracy for OEC Co-Orbital Mission

Essentially, the problem considered herein is as follows: Given a nominal

initial Voyager-OEC position and a nominal initial Voyager-OEC velocity, what is

the position error introduced by a perturbation at OEC separation in the initial

velocity. There are two types of orbit change to consider. The first type of

change results in displacements of the perturbed orbit that are time-invariant, the

other change results in a time-varying displacement that grows to a maximum

approximately equal to the major axis of the orbit. It will be shown that the time-

invariant displacements are small, while the time-varying displacement places a

severe restriction on the separation maneuver tolerance. This analysis presumes

that no orbit determination sensors are used at all. The following results only

apply to the very simplest of co-orbital missions where only the initial Voyager

orbit data and OEC separation are used.

The total fixed displacement is most simply looked at as the sum of sev-

eral components, l_or the purpose of the present investigation, it suffices to find

rather crude upper bounds on the various orbit changes. First, consider a change

in the plane of the orbit, which is brought about by rotating the velocity vector.

For a velocity increment of magnitude AV that is small with respect to the orbital

speed S, the maximum angle of rotation is approximately AV/S radians. The

amount of out-of-plane displacement of any point on the orbit is certainly bounded

by the quantity

l i-_-- r a (B46)
a

where 'a' refers to apares, since S >--Sa and r _< ra for any S and r in the orbit.

Now, consider in-plane distortions. A quick estimate of the magnitude of such

effects can be found using the vis-viva integral, Equation B45, and the geometri-

cal properties of the ellipse. The nomenclature is given in l_igure B-f1.
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Since,
impulsively,
a ;:"

to a first approximation, the AV can be considered to be applied

r does not change during the maneuver and Equation B45 implies that

2s2 [AV cos a (B47)

where a is the angle between the incremental velocity and the original orbital

velocity. Thus the change in semi-major axis is bounded by the right-hand side of

Equation B47 evaluated with a = 0. If the AV is used to rotate the velocity vector

in the plane of the orbit, the effect is to move the vacant focus, thereby changing

the ellipse. The motion of the vacant focus can be computed using the fact that a

tangent to an ellipse is normal to the bisector of the angle formed by the lines from

the point of tangency to the two foci. Since the vector from the central body to the

vehicle is considered fixed and since the velocity is always tangent to the ellipse,

the line from the vacant focus to the vehicle must rotate through an angle twice that

given by the rotation of the velocity vector, 6 in Yigure B-f1. Also, since the sum

of the lengths of the lines from the foci to any point on the ellipse equals that of the

major axis, there is an additional motion of the vacant focus along the rotated line

through a distance Aa. For small angles 6, the two motions are essentially at

right angles, and the total motion is given by the expression

La + 4(2a - r)z 62 (B48)

As noted earlier, the rotation of the velocity vector is bounded in magni-

tude by [AV/Sa[; using this, and the bound on [Aa[provides the following bound on
Equation B48:

_/ LZa4 (Za - rp)_21AVl

4sZ a4 AvZ 2 AV 2

P 2 + 4(2a - rp) $2 = Z_/_ + S 2
a V P- a

(B49)

where 'p' denotes periares. If the distance between focibefore the maneuver is

denoted d, the maximum rotation of the line of apsides is then given approximately

by Equation B49 divided by a. Also, from the elementary property of ellipses that

the eccentricity e = d/Za, and the evident fact that d cannot change by an amount

greater than that given by Equation B49, Ae is bounded by (B49) divided by 2a. To

bound the position change resulting from a change in a and e, differentiate the

polar equation of the ellipse

r = a(l - e 2) (B50)
1 + e cos w

*The semi-major axis.
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s o that

Ar

2
1 - e

1 + e cos v
Aa - a 2e + (1 + e 2) cos v _le

(1 + e cos v) z
(B51)

a 2e -i- {i -I-e2)W,_e '
e)IAal _

(1 + e¢o)2 I I
(B52)

for some _between -1 and +1. Also, the position change causedby the in-plane

rotation is certainly less than the apares radius times the angle of rotation.

Combining all the in-plane terms provides the following bound on the in-
plane change :

/s 2 a 4 rp) 2 ]
+ ! ÷ e + 2e + (1 + e)_'_ /Spa (2a -

e (14-e_) 2 JV p.2 4-,,, s2 l=vl
a

(B53)

where use was made of the fact that d = ae and r a = a(1 + e). Since the out-of-
plane motion is approximately normal to the in-plane motion, the total change can

readily be bounded by the rss of Equations B46 and B53. Substituting values given

by the orbit with r a = 23510 km and rp = 4910 km provides, after the maximizing
Equation B53 with respect to _,

[_r[ < 3300 [AV[ (B54)

With a nominal separation velocity of 0. 002 km/min and with a 10 percent error,

the resulting bound on the time-invariant position uncertainty is about 0.76 km,

which is less than the 20 km requirement.

The time-varying error can be found immediately from the separation

range plots given inSection 2.0, which shows that the nominal separation velocity

results in a range of about 2700 km after 6 months. Because of the linearity of the

analysis, a 10 percent uncertainty in the velocity implies a 10 percent uncertainty

in the range, hence position, i.e. , about 270 k_m, which is an order of magnitude
worse than the acceptable uncertainty. Thus this form of estimating the co-orbital

OEC orbit from the Voyager orbit does not meet the accuracy requirements.
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APPENDIX C. EFFECTS OF OSCILLATOR DRIFT

ON MULTIPLE FREQUENCY SHIFT KEYING

Figure 3-10, Section 3.3.2, shows the data rates that can be supported

by three modulation methods operating with a bit error rate of 1 per 1000. In

the case of the two noncoherent modes (2- and 32-1evel FSK), the straight lines

represent capability calculated solely in terms of statistical computation for

thermal noise. The dotted curve line breaking away from the MFSK line shows

performance that can be expected if an oscillator drift of 0. Z5 Hz is assumed.

This value represents drift measured at X-band between two thermally stabi-
lized laboratory oscillators. The value stated was inferred for S-band. Deriva-

tion for general expressions from which the curves are computed follows. It is

recognized that some coding techniques might be used to alter the results, but

the following analysis indicates that the value of noncoherent MFSK dimenishes

at low data rates much as coherent PSK does, but for different reasons.

Let us presume a_n MFSK system having_he listed characteristics:

Oscillator drift = R Hertz

Character transmission rate = T]/sec

Time between calibration characters = T

Drift between calibrations = RT

Number of calibration characters per second =

Number of information characters per second =

Required S/N for character detection = (S/N) R

Noise density of receiver = N d

Signal power delivered at receiver = Pd

I/T

1

(n - T) = C

The bandwidth required must be augmented to provide for frequency drift

and can be expressed:

AB = (q + R • T)Hertz

C-I



The signal to noise requirement then fixes the bandwidth which can be
supported at the receiver with the following relationship:

P

(s) dNd(rl + R • T)

For convenience, set Pd/Nd • (N/S)R = k, since these are constant for

a given link and bit error situation.

n
I

I

C = - _and AB = + R

I

I
Now q = k - RT, which can be substituted into the expression for C

which is the quantity to be optimized.

C = K - RT _

dC 1 1 I

_-_ = -R + _ or T -V_-- for maximum C

I

I

I

I

I

In order to relate these values to the curves based on thermal noise, it

must be recognized that the signal level sufficient to accommodate B would

appear to support a character rate of q + _-R per second, but actually only

(T] - a/R) characters per second could be realized.
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APPENDIX D. USE OF CANOPUS SENSOR AS ROLL REFERENCE

This appendix presents some preliminary calculations on the use of a

Canopus sensor as a roll reference for a spinning satellite in which the Canopus

line of sight is roughly perpendicular to the spin vector. A slit field of view point-

ing radially outward would, if properly placed, cross Canopus once per spacecraft

revolution. By sensing the time of the Canop,_s crossing, the roll position of the

satellite could be determined. This information, plus Sun tracking, would provide

the spacecraft attitude in all three axes. As a result of these calculations it is con-

cluded that a relatively simple (and hence reliable) all solid state, no moving part

Canopus sensor is feasible for this application.

Canopus star sensing as a roll reference has been used in a number of space

vehicles. Surveyor, Mariner, and Lunar Orbiter are three examples. These vehi-

cles are three axis stabilized, and hence their Canopus sensors are really trackers

which generate either a mechanical or electrical scan (i.e., image dissectors). A

Canopus sensor on a spinning satellite offers the potential of being simpler in con-

cept by using the spin motion of the spacecraft to generate the required scanning.

An example of the proposed scheme is shown in Figure D-I. A sensor slit _ degrees

in length (along the spin axis) and _ degrees wide is scanned through the celestial

sphere at the rate of one complete 2_ scan per satellite revolution. If a stellar

source of sufficient intensity were within the swath cut by the scanning slit, it would

generate a signal pulse approximately _/w seconds long (where w is the spin rate of

the spacecraft). The question of Canopus intensity and sensor sensitivity will now be

examined.

CANOPUS INTENSIT Y

The visible magnitude of Canopus,

be related to the intensity scale by

m r , is -0.83. The magnitude scale can

H A

ma - mb = -2.5 log HB (D-I}

where m is magnitude and H is intensity and the subscripts represent two stars A

and B. The intensity of a star of first magnitude is 1.5 X I0-13 w/cm 2 in the

spectral passband of the human eye. Rearranging Equation D-l,

D4



Figure D-I. Proposed Sensor
Configuration
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0 mb I 2
H B = 1.5 × 10 -13 anti log .4 - 2.---_ watts/cm

and Canopus has an intensity in the visible band of 8. 1 × I0 -13 watts/cm 2.

(D-Z)

RADIOMETRIC RELATIONSHIPS

If a photoconductive or photovoltaic sensor is employed as the sensing ele-

ment for the Canopus sensor, then it is appropriate to write the noise equivalent

power of the detective element as

(D-3)

where

2
A D = detector area, cm

Af = noise bandwidth, Hertz

D;:" = normalized sensitivity of detector element chosen, cm-cps
watt- 1

i/z

The detector area may be related to the field of view by the focal length of

the optical system, F

A D = {Fc_) {FI_) = F 2 o_t_ (D-4)

The bandwidth may be conveniently related to the dwell time by the near

optimum design decision to make

Af = dwell time) =

Combining Equations D-3, D-4, and D-5,

NEP :
F (aw)i/2

D _

D-3

(D-S)

(D-6)



The signal power S received at the detector from a star of' irradiance HS is
related to the aperture by (assume unity transmission_

rrD2
S = Hs _ (D-7)

Combining Equations D-6 and D-7 and utilizing the optical relationship that
F/D = focal length, f_ the signal-to-noise ratio may be written

S [ H s D D _

NEP - 1 / 2
4f (O:w)

(D-8)

Equation D-8 should be thought of as representing peak signal to rms noise

since this is a pulse detection system. The implicit assumption is the peak signal

out of the predetection filter will be equal to the equivalent steady state signal°

This is comparable to a visibility factor of unity in the analysis of pulse detection

signals.

Equation D-8 enables the radiometric relationships to be examined para-

metrically. One aspect of interest is that the signal to noise is independent of slit
width. This is a result of the fundamental sensitivity relationship of Equation D-3°

In essence, the extra noise introduced by wider detectors is compensated by the

use of narrower noise filters allowable with the resulting longer signal pulses

(consistent with detector response times and noise frequency distribution).

Consider an f/Z_ Z inch aperture optical system. This system is sufficiently

small and light-weight to represent a negligible perturbation on spacecraft weight.

Assume the spacecraft spinning at 60 rpm, which should provide a pointing accu-

racy somewhat less than l degree. However_ the sizing of (_is based on the vari-

ation in Canopus position observed during a typical flight° Since the spacecraft will

have its spin axis essentially normal to the ecliptic_ the field ofview_ _ can be

assumed to be about 3 degrees.

Primary consideration for the detection element is given to a solid state

detector because of the inherent reliability advantage over the more sensitive photo-

multiplier tubes. Cd S is the most sensitive of the alternatives with a D _:_of
3.5 X 1014 watts-l-cm-cpsl/Zo However, the Cd S detector has a relatively slow

time response and its polycrystal structure creates a potential stability problem

for long term operation. Photovoltaic silicon has a fast time constant and relatively

good sensitivity. A D* of I0 0 X 1013 cm-cpsl/Z-watt -l has been reported by
Electro-Nuclear Laboratories for their 60Z detector. Values of D _'_ as high as

5 × 1013 have been measured by Mike Braun of the Hughes Electro-Optical Labora-

tories. A silicon detector is quite stable in performance and hardy in withstanding

severe environments. It is even capable of looking at the Sun without performance

D-4
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degradation. This obviates the need for a mechanical Sun shutter as required for

photomultipliers- with a resulting incremental reliability.

To review the selected parameters:

D = 2" = 5 cm

D _':_= I × 1013 watts -l cm-cps I/2

H S = 8. I X 10 -13 watts/cm 2

f=2

c_ = 3 degrees = 0.05Z radian

= 360 deg/sec = 6.28 rad/sec

Applying Equation D- 8,

S

NEP- 28

This is a satisfactory signal to noise for the proposed application, and hence

it is concluded that it is feasible to use an all solid state, no moving part Canopus
sensor for OEC.

DETECTOR SIZE

It is of interest to compute the detector size required.

width, d, are computed:

The length, I, and the

The value of _ should be chosen small so as to enhance background discrim-

ination capability and maximize angular accuracy. However, it should not be so

small as to provide severe fabricating problems. Somewhat arbitrarily, the value

chosen is aspect ratio 50:1, i.e.,

0_= 3 degrees

= 0.06 degree

D-5



hence

I = 0. 52 cm

d=0.01 cm

FURTHER CONSIDERATIONS

The preceding calculations are very approximate and must be carried out in
further detail (along with more detailed design) before feasibility is fully substan-
tiated. Among the areas that should be investigated further are the spectral dis-
tribution of energy of Canopus and the spectral responsivity of silicon. These
factors have been ignored for simplicity by using only the visible component of
Canopus normalized to the response of the human eye° However, silicon's spectral
responsivity is significantly different from that of the human eye, peaking at about
0. 85 micron. To properly compute the sensitivity, the spectral irradiance of
Canopus must be integrated with the spectral responsivity of silicon.

Another factor that has not been taken into account is the potential increase
in detector sensitivity due to the lower ambient photon flux that will be experienced
in space. The new planar silicon detectors will be limited only by amplifier noise
in this environment. Sample calculations given below indicate that this represents
a significant potential enhancement in performance.

Other factors such as variations of noise with frequency, optimizing optical
and electrical design, etc., should also be taken into account with a detailed design.

This same application could be accomplished with a photomultiplier tube
receiver. However, the use of silicon detectors is more attractive from both a
simplicity and a reliability standpoint.

SENSITIVITY OF AMPLIFIER NOISE LIMITED SILICON CANOPUS SENSOR

For a good planar silicon detector with a space background, the limiting
noise should be from the detecting amplifier. The rms noise current will be

i F/4 kT Af

rms = _/ R L
(D-9)

where

i = amplifier noise current, amperes
rms

k = Boltzmann's constant (1.38 X 10 -23 joules/°K)

T = temperature (300°K)
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where

Af = noise bandwidth, Hertz

R L = load resistance, ohms

F = amplifier noise factor (assumed as 1.5)

The noise equivalent power will be

(photons/sec) (joules/photon)

(D-10)

Henc e:

_]s = responsive quantum efficiency (electrons/photons) 0.5 (according to
M. Braun)

q = electron change (1.6 × 10 -19 coulombs/electron)

h = Planck's constant (6.6 X 10 -34 joule-sec)

c = velocity of light (3 X i010 cm/sec)

-3
k = wavelength of visible light (,_5 × I0 crn)

NEP - F h c /4 kT Af

_s_XJ RL
(D-If)

Substituting numbers

NEP = 9.5 X I0 -12

JK (D-IZ)

value
Good frequency response can be obtained with R E = 108 ohms.

NEP = 9.5 X 10 -16

For this

(D-13)
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For this case, NEP is independent of detector size_ so that Equation D-8
must be rewritten for

_D Z
S- H4 s (D- 14)

W
_-" =_ (D-15)

Combining Equations D-13, D-14, and D-15,

S/NEP =

_D2H
s

-16 (_lw)
4 X9.5 ×I0

i/z
(D-16)

of g..
It is interesting to note that in this case the signal to noise is independent

The following values will be used:

D=5cm

-13 2
H = 8.1 X I0 watts/cm

s

= 0.06 degree = 0.001 radian

= 360 deg/sec

For these values

S/NEP = 220

and a substantial increase in signal to noise is effected.

The importance of these results is that they indicate that good planar silicon

detectors operating in a low photon flux environment will produce a substantial

increase in the performance computed in the main body of this report. Such detec-

tors have come on the market and will eventually replace models such as the

ENL 602 detector used as a reference for the calculations.
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